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INTRODUCTION  AND  BACKGROUND 


The  Supersonic  Transport  engine  is  required  to  meet  higher  performance 
objectives  than  currently  available  engines  can  offer  in  order  for  the 
aircraft  to  be  economically  and  operationally  attractive.  In  addition, 
it  must  be  designed  to  ensure  long  life  and  reliability  and  safety  in 
operation.  This  report  on  Engine  Performance  defines  the  performance 
objectives  of  the  JTF17  engine  system  and  tine  aircraft  requirements  it 
is  designed  to  meet.  It  presents  descriptions  of  the  engine  and  major 
components.  Specific  data  are  provided  on  the  results  of  Phase  II.  testing 
of  the  complete  engine  and  the  individual  components.  The  actual  weights 
of  the  engine  and  components  are  compared  to  estimated  weights,  and  Pratt  & 
Whitney  Aircraft's  system  of  weight  control  is  explained. 


Whether  performance  objectives  are  met  will  ultimately  be  proven  in 
flight  test  and  in  airline  operation  of  the  Supersonic  Transport.  Pratt  & 
Whitney  Aircraft's  record  of  meeting  its  performance  objectives  in  other 
engine  developments  offers  a  clue  to  what  may  be  expected  in  the  JTF17 
engine  development  program.  Demonstrated  specific  fuel  consumption  is 
presented  in  figure  1  for  comparison  against  the  guarantees  for  various 
Pratt  ft  Whitney  Aircraft  engines  now  in  commercial  service. 


ENGINE  "» 

MODEL 

Comparison  of  Demonstrated  Production  FD  17776 
Engine  Performance  to  "When  Ordered"  IIIA 

Specification  Rating 
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A.  PERFORMANCE  OBJECTIVES  AND  REQUIREMENTS 
.!  .  JTF17  Performance  Objectives 

The  JTF17  engine  is  designed  to  meet  the  high  performance  objectives 
defined  in  Engine  Model  Specifications  2698A  and  2710  for  the  Lockheed 
and  Boeing  installations,  respectively.  The  primary  performance  objectives 


ns 

foil ow  s : 

a. 

SLTO  thrust 

61,000  lb 

b. 

SLTO  SFC 

1.77  lb/hr/lb 

c . 

Cruise  thrust 

16,000  lb 

cl. 

Cruise  SFC 

1.58  lb/hr/lb 

(at  Mach  2.7 

and  65,000  ft  altitude) 

The  engine  has  been  designed  to  make  efficient  use  of  structure  and  materials 
and  the  weight  objective  is: 

Basic  Engine  Weight  9860  lb  (-21L);  9910  lb  (-21B) 

In  addition,  the  engine  has  been  designed  to  be  reliable  and  safe,  and 
ensure  a  long  life  in  airline  operation  (50,000  hours).  Other  design 
objectives  include  superior  growth  potential,  acceptable  noise  level 
(less  than  116  PNdb  at  takeoff),  versatility  and  maintainability  to  meet 
aircraft  requirements,  and,  finally,  minimum  development  risk. 

2.  Supersonic  Transport  Mission  Requirements 

To  establish  requirements,  mission  profiles  (shown  in  figure  2)  were 
generated  based  on  JTF17  engine  performance  for  typical  aircraft  L/D  and 
gross  weight,  and  appropriate  ground  overpressure  criteria  using  mission 
requirements  and  average  mission  lengths  (1455  statute  miles  for  domestic 
flights  and  1980  statute  miles  for  international  flights)  defined  by  the 
economic  ground  rules  contained  in  FAA  Report  SST  66-3.  The  international 
mission  was  selected  for  cruise  life  criteria,  because  a  large  percentage 
of  the  total  flight  time  is  at  cru5.se.  The  domestic  mission  was  selected 
for  mission  cycle  criteria,  because  the  shorter  mission  requires  a  greater 
number  of  cycles  for  a  given  airframe  operating  time.  The  criteria  for 
hot-day  and  transient  operation  as  a  percentage  of  cruise  hours  were 
established  by  the  airframe  manufacturers  and  are  defined  by  the  engine 
model  specifications.  The  selection  of  time  percentages  for  reverse 
thrust ,  and  the  number  of  engine  operating  cycles  from  idle  to  SLTO  power 
v  ...  .  i.n  spec  Led  service  operating  techniques  and  previous  engine 

e>:p.  r ;  cue.’. .  The  normal  operating  envelopes  are  shown  in  figures  3  and  4 
•uv'.  !.  be  reverse  thrust  envelopes  in  figures  5  and  6. 
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- nOMKSTIC  U56  STATUTE  MII.ES 


Figure  2.  Average  Mission  Profiles 
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Figure  6.  JTF17  Reverser  Thrust  Operation 
Lockheed 


FD  16331 
IIIA 


15.  PILASF.  II  ACHIEVEMENTS 


1.  Cycle  Selection 


Early  in  Phase  II,  P&WA  with  the  concurrence  of  both  airframe  manufac¬ 
turers,  selected  the  duct  heating  turbofan  engine  based  on  extensive  cycle 
and  mission  analyses  that  showed  the  superiority  of  the  turbofan  engine 
in  the  areas  of  rangc/pay load  performance,  safety,  noise,  inlet/engine 
compatibility,  and  growth  potential.  Detailed  information  is  presented 
in  Section  I  of  this  report  on  the  results  of  the  various  analyses  that 
were  completed.  For  the  supersonic  transport  basic  mission  at  equal 
payloads  the  turbofan  gives  170  statute  miles  greater  range  potential 
or,  trading  range  for  payload,  6300  pounds  greater  payload  than  the 
turbojet  in  the  fixed  wing  aircraft.  Similar  advantages  are  shown  in 
the  swing-wing  aircraft  analysis. 

2.  Engine  System  Optimization  and  Testing 

The  engine  system  was  optimized  during  Phase  II  to  achieve  maximum 
range/payload  for  a  given  gross  takeoff  weight  with  acceptable  noise 
levels.  Maximum  turbine  inlet  and  augmentor  discharge  temperatures 
were  selected  consistent  with  advanced  design  concepts  to  provide  maximum 
efficiency  and  airflow.  Pressure  ratios  and  percent  augmentation  were 
established  considering  optimum  mission  performance  and  minimum  weight 
in  "'..us.:  I'l  P&WA  studies.  Selection  of  a  basic  650  lb/sec  airflow  size 
for  he  Phase  II-C  demonstrator  engine  was  coordinated  with  the  two  air- 
■■  mu  Par  surer;; .  The  687  lb/sec  airflow  JTF17A-21  engine  proposed 
■  .n.ss  III  is  substantially  this  same  Phase  II-C  engine  with  a  slight 
: ae Lease  in  fan  blade  length  within  the  original  engine  envelope.  The 
■  r  i  o  ■  nr .  ■  o  i.  the  engine  system  propospd  is  completely  described  in  the 
Engine  Mode  1  Specifications.  Digital  computer  cycle  matching  decks  have 
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life  and  resistance  to  foreign  object  damage  than  film  cooling.  Test 
data  on  both  the  high  and  low  pressure  turbine  efficiencies  have  exceeded 
JTF.L7  design  requirements. 

o.  Duct  Heater 

Duct  heater  performance  is  discussed  in  terms  of  pressure  loss  and 
combustion  efficiency,  including  cooling  data  and  ignition  characteristics. 
Phase  II-C  rests  have  demonstrated  the  required  SLTO  performance  of  the 
full-scale  annular  duct  heater.  Cruise  performance  goals  were  approached. 
Excellent  Ignition  charac teristics  were  exhibited  rind  the  tests  indicate 
that  duct  heater  ignition  should  not  affect  fan  anc  inlet  stability. 

Condition  of  the  duct  heater  parts  was  excellent  after  45  hours  c  hot 
full-scale  rig  testing. 

e.  Exhaust  System 

Exhaust  nozzle  performance  is  presented  along  with  the  effects  of 
geometry  variation  in  blow-in-e jec tor  doors,  reverser-suppressor ,  and 
trailing  edge  flaps.  Exhaust  system  models  tested  in  Phase  Il-C  exceeded 
subsonic,  and  supersonic  cruise  performance  goals  for  the  prototype  sysLem 
and  achieved  t'r<-  -roduction  engine  goals.  A  model  of  the  exhaust  system 
in  a  simulated  Lockheed  wing  installation  has  been  tested  in  the  wind 
tunnel.  The  performance  data  met  design  objectives. 

4.  Engine  Weight 

The  weights  of  the  engines  specified  in  the  Engine  Model  Specification 
arid  a  breakdown  of  the  component  estimated  weights  are  presented  in  Section 
IV  of  this  report.  That  section  also  explains  Pratt  &  Whi tnev  Aircraft's 
system  of  weight  prediction  and  control  and  an  extensive  weight  reduction 
program,  now  underway,  which  will  be  extended  through  Phase  III.  The 
weights  of  the  JTF17  production  engines  in  the  Engine  Model  Specifications 
are  9910  pounds  and  9860  pounds  fo*  Boeing  and  Lockheed,  respectively. 
Prototype  weights  are  37.  higher.  Actual  weight  of  the  first  Lest  engine 
was  50  pounds  less  than  the  estimated  weight  for  that  engine. 

C.  PLANS  FOR  PHASE  III  PERFORMANCE  TESTING 

Initial  engine  testing  in  Phase  III  will  be  conducted  using  the  three 
JTF17  engines  available  from  Phase  II-C,  These  engines  will  be  supple¬ 
mented  so  that  a  total  of  12  development  JTF17  engines  will  be  used  for 
the  Phase  III  test  program.  Altogether  8000  hours  of  engine  testing  are 
planned  in  Phase  III.  Included  in  this  total  are  845  hours  of  altitude 
perfo  mance  testing  and  625  hours  of  sea  level  performance  testing. 

Although  all  engine  tests  provide  a  certain  amount  of  performance 
data,  these  tests  will  be  specifically  designed  to  determine  basic  engine 
and  component  performance  and  to  evaluate  the  effect  of  engine  changes 
on  performance  at  simulated  sea  level  environmental  conditions  with  and 
without,  heated  inlet  air  and  at  simulated  subsonic,  transonic,  and  super¬ 
sonic  flight  conditions.  The  engine  ground  and  flight  test  programs,  as 
well  at  individual  component  test  programs,  planned  for  Phase  III  are 
presented  in  detail  in  Volume  IV,  Report  E.  A  detail  work  plan  for  Lhe 
design  and  development  work  to  be  performed  in  Phase  III  is  presented  in 
Volume  V,  Report  H. 
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SECTION  I 
CYCLE  SELECTION 

A .  SUMMARY 

During  Phase  I,  four  cycles  were  compared  for  the  supersonic  transport. 
Two  highly  competitive  cycles,  the  duct  heating  turbofan  and  the  after¬ 
burning  turbojet:  showed  clear  advantages  over  the  other  cycles,  and  com¬ 
parisons  of  these  two  were  continued  into  Phase  II-C.  Early  in  Phase  It-C, 
P&WA ,  with  the  concurrence  of  both  airframe  manufacturers,  selected  the 
duct  heating  turbofan  engine.  This  selection  was  based  upon  cycle  and 
mission  analyses  conducted  by  P&WA  and  the  airframe  manufacturers,  which 
showed  the  superiority  of  the  turbofan  engine  in  the  areas  of  range/payload 
performance,  safety,  noise,  inlet/engine  compatibility,  and  growth  potential. 

For  the  design  mission,  assuming  a  687  lb/sec  turbofan  and  a  600  Ib/sec 
turhojet  of  comparable  technology,  the  turbofan  gives  170  statute  miles 
greater  range  or  6300  pounds  greater  payload  for  the  fixed-wing  aircraft 
and  160  more  miles  range  or  6100  pounds  greater  payload  for  the  swing-wing 
aircraft.  Trip  fuel  consumption  at  representative  international  and 
domestic  route  ranges  is  1  to  8%  lower  for  the  turbofan,  which  directly 
affects  supersonic  transport  operating  cost.  For  subsonic  missions,  trip 
fuel  consumption  is  22%  lower  for  the  turbofan  than  for  the  turbojet. 

If  emergency  conditions  require  the  aircraft  to  fly  at  subsonic  speed 
after  the  midpoint  of  a  4000-statute-mile  mission,  the  turbofan  powered 
aircraft  can  complete  the  mission  using  only  part  of  the  fuel  reserves 
established  by  the  FAA  economic  model,  with  either  three  or  four  engine 
operation.  T"ne  turbojet  powered  aircraft  requires  fuel  reserves  as  much 
as  6600  pounds  in  excess  of  those  set  forth  by  the  FAA  economic  model. 

The  turbofan  cycle  also  provides  lower  temperature  air  for  cooling 
the  augr.sentor,  660°F  compared  to  more  than  1700  F  for  the  turhojet.  This 
results  in  (1)  greater  durability  of  the  augmentor  parts  and  (2)  elimination 
of  the  spontaneous- ignition  fire  hazard  that  exists  around  the  outside  of 
the  much  hotter  turbojet  engine. 

Noise  studies  also  indicate  that  the  turbofan-powered  supersonic 
transport  is  superior-  to  the  turbojet- powered  aircraft.  The  turbofan 
cycle  permits  transport  compliance  with  the  FAA-balanced  field  length 
requirement  and  airport  and  community  noise  objectives.  With  the  turbo¬ 
jet  cycle,  compliance  with  these  objectives  would  appear  to  be  beyond 
the  present  knowledge  of  sound  suppression. 

The  characteristics  of  the  two-spool  duct  heating  turbo fan  permit 
(patching  of  engine  and  inlet  airflow  over  a  wide  range  of  nonstandard 
conditions  a r,  well  as  during  off-design  operation  of  (he  inlet.  The 
bypass  ratio  may  be  manuully  adUieted  by  the  flight  crew  during  cruise 
flight  by  varying  the  duct  nozzle  area  to  match  inlet  flow  precisely  with 
little  or  no  speed  change  to  either  rotor.  The  turbojet  can  increase  air¬ 
flow  only  by  increasing  rot or  speed,  with  an  associated  weight  increase. 
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B.  ENGINE  REQUIREMENTS 

The  success  of  the  supersonic,  transport  requires  th.it  the  propulsion 
cycle  selection  he  based  on  considerations  of  range/psyi  oad  performance, 
safety,  noise,  inlet/engine  compatibility  and  growth. 

1 .  Range/Payload  Performance 

Economic  operation  requires  a  powerplant  that  result?  in  minimum 
operating  costs  when  integrated  with  the  airframe.  Thus,  minimum  fuel 
consumption  of  the  propulsion  system  is  a  prime  prerequisite,  u  t  only 
for  the  design  maximum  range,  but  also  for  the  shorter  distance  missions 
that  will  inevitably  be  flown. 

Range  end  payload  considerations  impose  stringent  requirements  on  the 
powerplant.  In  selecting  the  cycle,  the  following  factors  must  be  con¬ 
sidered  : 

1.  Basic  mission  performance,  including  sonic  boom  constraints 

2.  Effect  of  nonstandard  day  ambient  temperature 

3.  Effect  of  mission  stage  Length 

4.  Variations  from  optimum  in  cruise  altitude. 

2.  Safety  Requirements 

The  primary  safety  factor  to  be  considered  in  selecting  a  cycle  for 
the  ,'Sf  engine  is  the  ability  to  complete  the  mission  under  emergency 
or  adverse  conditions  such  as  an  in-flight  engine  shutdown,  loss  of  cabin 
pressurization,  extended  loiter,  and  diversion  to  an  alternative  desti¬ 
nation.  A  secondary  safety  consideration  is  the  temperature  of  the  out¬ 
side  of  the  engine.  A  hot  engine  exterior  increases  the  probability  of 
fire  in  the  nacelle  if  a  fuel  leak  occurs. 

3.  Engine  Noise  Objectives 

Aircraft  community  and  airport  noise  ha3  become  a  major  operational 
problem  of  jet  transport  operation.  Public  reaction  to  this  noise  has 
imposed  serious  limitations  on  aircraft  operation  even  to  the  extent 
of  curtailing  certain  operations  or  of  requiring  special  noise  abatement 
flight  procedures.  Unfortunately,  these  special  antinoise  requirements 
are  not  always  compatible  with  economical  aircraft  operation,  or  tend 
to  infringe  upon  safety  procedures  by  altering  climb-out  and  deixent  paths. 

To  avoid  the  above  problems,  the  FAA  has  established  the  following 
airport  arid  community  noise  criteria  for  the  supersonic  transport.  These 
must  be  considered  as  minimum  objectives,  and  great  emphasis  is  !;o  be 
placed  on  bettering  them. 

2.  Airport  (500  ft  sideline) 

2.  Community  (5  mile  point) 

3.  Approach  (1  mile) 

4.  Noise  levels  the j Id  progressively  decrease  as  flight 
proceeds  beyond  the  point  of  2  above. 


116  PNdb 
105  PNdb 
109  PNdb 
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These  noise  objectives,  coupled  with  the  FAR  takeoff  runway  length 
requirement,  impose  strict  limitations  on  aircraft  takeoff  and  subsequent 
climb.  Thus,  any  noise  advantage  tnar  may  be  realized  through  cvcle 
selection  must  be  considered  and  weighed  heavily. 

4.  Inlet/Engine  Compatibility 

To  meet  the  design  objectives  of  the  SST,  it  is  mandatory  that  the 
inlet  be  operated  in  a  highly  efficient  and  stable  manner.  Cf  primarv 
concern  are  ram  pressure  recovery,  airflow  distortion,  flow  stability, 
and  minimum  drag.  To  satisfy  these  requirements,  the  engine  and  in¬ 
let  must  be  operated  in  a  complementary  fashion  and  with  precise  air¬ 
flow  matching  at  both  design  and  off-design  conditions.  Because  of  the 
penalties  associated  with  relatively  small  airflow  mismatching,  a  method 
for  rematching  the  inlet/engine  in  flight  to  achieve  best  performance  is 
highly  desirable.  For  instance,  an  airflow  mismatch  causing  a  loss  of 
ram  recovery  of  W  will  result  in  a  range  loss  of  approximately  23  statute 
miles. 

Reasonable  levels  of  inlet  flow  distortion  should  be  accepted  by  the 
engine  without  loss  of  performance.  Significantly  higher  distortion 
levels,  as  may  be  expected  during  acceleration  or  maneuvering  flight, 
must  be  accepted  by  the  engine  without  compressor  stall  or  burner  flame- 
out. 


5.  Engine  Growth  Requirements 

Engine  growth  is  required  in  those  categories  that  will  result  in 
supersonic  transport  economic  growth.  Because  transport  economic  growth 
is  realized  primarily  through  increased  takeoff  gross  weight  and  cruise 
Mach  number,  engine  performance  growth  capabilities  are  required  in  sea 
level  takeoff  thrust,  transonic  thrust,  cruise  specific  fuel  consumption , 
and  higher  Mach  numbers.  These  growth  items  should  be  attainable  with 
minimum  change  in  design,  weight,  cost,  and  without  loss  of  engine  safety 
and  reliability. 

C.  BASIS  FOR  COMPARISON 
1.  Cycles  Studied 


Cycle  studies  were  conducted  initially  with  the  evaluation  of  four 
cycles : 


STF223 

STF219 

STJ22 1,226,  228 
STJ222,  225,  227 


Afterburning  Turbofan 
Duct  Heating  Turbo  fan 
Nonaugmented  Turbojets 
Afterburning  Turbojets 


The  afterburning  turbofan  and  the  nonaugemented  turbojet  cycles 
were  eliminated  from  the  competition  during  the  initial  evaluation  by 
the  airframe  companies,  and  detailed  performance  data  for  the  two 
remaining  powerpiants  were  then  supplied  to  the  airframe  contractors. 
Subsequent  sta<-i resulted  in  the  selection,  by  both  airframe  contractors , 
of  the  STF21T  duct  heating  turbo  fan  engine  (forerunner  to  the  JTF17  engine) 
from  among  the  two  cycles  submitted  by  Pratt  &  Whitney  Aircraft.  Details 
of  the  comparative  performance  of  the  two  cycles  are  presented  in  the 
following  sections. 
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Phase  II-A  reports  referencing  these  studies  may  be  found  in  Final 
Contract  Report,  IVA  2397;  Items  1,  2,  3,  and  16. 

2.  Engine  Performance 

During  Phase  II-C,  comparisons  of  the  two  engine  cycles  that  originallv 
appeared  most  promising,  the  duct  heated  turbofan  and  the  augmented  turbojet, 
were  continued. 

With  two  exceptions,  the  performance  levels  and  weights  of  the 
JTF17A-21  turbofan  and  STJ227  turbojet  represent  the  same  level  of  tech¬ 
nology  and  the  same  turbine  and  augmentor  temperatures.  To  provide  a 
comparison  of  the  two  cycles  which  is  intentionally  conservative  relative 
to  turbofan  performance,  the  sugmentor  efficiency  of  the  turbojet  was 
arbitrarily  increased  5X  over  data  from  existing  hardware  whereas  the 
turbofan  augmentor  efficiency  represents  current  hardware.  Similarly 
the  weight  of  the  turbojet  was  arbitrarily  reduced  1000  lbs.  below  the 
value  considered  to  be  consistent  with  the  turbofan  weight. 

The  JTF17A-21  and  STJ227  are  sized  to  687  Ib/sec  and  60U  lb/sec  sea 
level  static  airflow,  respectively,  for  mission  performance  comparison 
with  both  the  fixed-wing  and  swing-wing  airplanes.  Comparative  perform¬ 
ance  is  shown  In  table  1 . 


Table  1.  General  Performance -Comparison 


Sea  Level  Takeoff* 

JTF17A-21 

STJ227 

Weight,  Including  Nozzle,  lb 

98b0 (-21L) 
9910 (-21B) 

9900 

Overall  Pressure  Ratio 

17.96 

9.26 

Bypass  Ratio 

1.31 

-- 

Fan  Pressure  Ratio 

2.84 

— 

Corrected  Airflow,  Ib/sec 

687 

600 

Maximum  Augmented  Thrust,  lb 

61,000 

68,000 

Maximum  Augmented  TSFC ,  lb/hr/lb 

1.77 

1.80 

Mach  1.2,  40,000  Feet* 

'X 

Maximum  Augmented  Thrust,  lb 

25,350 

29,600 

Maximum  Augmented  TSFC,  lb/hr/lb 

1.85 

1.90 

Mach  2.7,  65,000  Feet** 

Corrected  Airflow,  lb/sec 

417 

'*14 

Typical  Cruise  Thrust,  lb 

16,000 

16,000 

Typical  Cruise  TSFC.  lb/hr/lb 

1 . 56 

1.50 

*Ram  Recovery  per  MIL-E-5008B 
Corrected  Ejector  Secondary  Airflow  =  0.02 


**Ram  Recovery  “  0.892 

Corrected  Ejector  Secondary  Airflow  =  0.02 
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Typical  subsonic  fuel  consumptions  of  the  two  engine  cvclos  arc 
shown  in  figure  1.  The  specific  fuel  consumption  of  the  turbojet  cvcle 
is  16%  higher  than  that  of  the  turbofan  cycle  in  rite  normal  thrust  range 
during  subsonic  operation.  The  normal  mission  requires  subsonic  operation 
(departure  air  maneuver,  destination  air  maneuver,  hold,  cruise  to  alter¬ 
native  destination,  etc.)  to  the  extent  that  the  superior  subsonic  per¬ 
formance  of  the  turbofan  has  a  strong  influence  on  the  total  fuel  con¬ 
sumption  . 


INSTALLED  THRUST  -  lb  (Thousand) 


Figure  1.  Installed  Performance  at  M  *  0.9  FD  16724 

AI 

Typical  supersonic  cruise  characteristics  of  the  two  engine  cycles 
are  shown  in  figure  2.  The  specific  fuel  consumption  of  the  turboict 
cycle  is  about  /:%  lower  than  Lhai  of  the  turbotan.  However,  the  much 
lower  TSFC  of  the  turbofan  during  subsonic  operation  more  than  offsets 
its  slightly  higher  TSFC  at  cruise. 


INSTALLED  THRUST  -  lb  (Thousand) 


Figure  2.  Installed  Performance  at  M  «  2.7 
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3.  AIrp  ane  Performance 


The  airplane  aerodynamic  performance  used  in  thes.’  studies  is  repre¬ 
sentative  of  a  550 ,000- pound  maxinum  takeoff  gross  weight  fixed-wing 
supersonic  transport  and  a  600,000-pound  maximum  taVeoff  gross  weight 
swing-wing  supersonic  transport.  The  performance  was  generated  from 
information  obtained  fron;  the  Lockheed  California  Crmpany  and  The  Boeing 
Company,  The  flight  profiles  and  inlet  performance  levels  are  those 
defined  by  the  airframe  manufacturer. 

D.  CYCLE  COMPARISON 
1.  Range /Payload  Performance 

a.  Fixed-Wit -g  Aircraft 

For  the  supersonic  tr&nrport  design  mission,  at  jqual  payloads,  the 
turbofan  has  170  statute  miles  greater  range  potential,  or  since  range 
can  be  traded  for  payload,  6300  pounds  greater  payload  than  the  turbojet 
in  the  fixed-wing  airplane.  The  turbofan  also  burns  less  trip  fuel  than 
the  turbojet  at  equal  range  and  payload. 

Figure  3  illustrates  the  variation  in  trip  fuel  consumption  with 
range  for  the  two  engine  cycles  and  shows  the  trip  fuel  advantage  of  the 
turbofan  for  al  mission  stage  lengths.  Figure  4  presents  the  ratio  of 
the  total  fuel  load  (including  reserves)  of  the  turbojet  to  that  of  the 
turbofan  as  function  of  range.  '.Ttis  curve  shows  that  the  fuel  load 
of  the  turbojet  becomes  increasingly  larger  than  that  of  the  turbofan 
as  the  range  is  reduced.  Correspondingly,  for  a  fixed  takeoff  gross 
weight,  the  payload  potential  of  th«  turbofan  is  greater  than  that  of 
the  turbojet,  St.  tie  maximum  range.  and  becomes  increasingly  larger  as 
shorter  range  missions  are  considered.  The  curves  of  figure  4  are 
terminated  approximately  at  the  ma;<iimra  turbojet  range  with  the  indicated 
payload. 

240 r 


400  800 


1200  1600  2000  2400  2600  3200  3600  4000 
RANGE  -  at  mi 


Figure  3.  Range  -  Fuel  Consumption 
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Standard  Day 
Breguet  Cruise 


cjjp  *^f  Subsonic  Missim  - 

—  -£E  i  t-' 


•  <  2 

O  <  1  24L 

H  DC  0 


400  HOO 
LANGE  •  at  mi 


■  Domestic  Miasion  ■ 


International  Miasion. 


Cruise  Ground  Overpressure  4  Max  Limit 

1.04  Domestic  Cruise  Limit  =  1.5  psf  "J - 

International  Cruise  Limit  =  1.7  psf 


400  800  1200  1600  2000  2400  2800  3200  3600  4000 


RANGE  st  mi 

Figure  4.  Turbojet  -  Turbofan  Total  Fuel 
Load  Ratio 


FD  16744 
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The  trip  fuel  consumption  advantage  of  the  turbofan  over  the  turbojet 
is  summarized  in  figure  5  as  a  function  of  stage  length*  For  the  fixed- 
wing  airplane  studied,  the  turbojet  reaches  its  maximum  range  of  2500 
statute  miles  for  domestic  ground  overpressure  limits  and  3830  statute 
miles  for  international  ground  overpressure  limits  carrying  the  indicated 
payload.  To  extend  the  range  beyond  these  values  the  turbojet-powered 
airplane  must  offload  payload  as  indicated  in  figure  6. 


Trip/Fuel  Comparison 
Fixed  Wing  Aircraft 
Mh*  TOGW  =  530,000  In 
PltvLitri  =  An  (MKI  Ih 
Standard  Day 
Breguet  Cruise - 


.  Sonic  Boom _ Sonic  Boom _ 

Ground  Ground 

Overpressure  Overpressure 

-  Limits:  -  Limits: - 

Climb  -  2.0  psf  Climb  -  2.5  psf 

Cruise  -  1.5  pBf  Cruise  -  1.7  psf 


I  Subsonic 


Supersonic- 

Cruise 


RANGE  -  st  mi 


Figure  5,  Trip/Fuel  Comparison 
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The  comparison  of  performance  between  the  turbo fan  and  turbojet 
cycles  for  the  swing-wing  aircraft  results  in  similar  conclusions  as 
were  derived  from  the  study  of  the  fixed-wing  aircraft.  On  the  design 
mission  the  turbofan  has  an  advantage  of  160  statute  miles  in  range  or 
6100  lb  of  payload.  Figure  7  shows  the  variation  in  trip  fuel  con¬ 
sumption  with  range  and  figure  8  compares  total  fuel  load.  Figures  9 
and  10  summarize  the  advantage  of  the  turboian  with  plots  of  trip  fuel 
savings  and  payload  differential  relrtive  to  stage  length.  The  curve 
shows  that  the  turbofart-powered  airplane  studied  can  carry  18  more 
passengers  than  the  turbojet  from  Washington,  D.  C.  to  Paris  based  on 
a  tradeoff  factor  of  200  lb  per  passenger. 


RANGE  -  st  mi 


Figure  7.  Range  -  Fuel  Consumption 


FD  16741 
A1 


4' 


! 

I 

I 

I 

K 

I 

[ 

K 


£ 


I 

( 

I 

I 

I 

E 

I 

E 

E 

I 

B 


Pratt  A  Whitney  Plrcraft 

PWA  FI'  66-100 
Volume  1X1 


Figure  8.  Turbojet  -  Turrofan  Total  Fuel 
Load  Ratio 
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Figure  9.  Trip/Fuel  Comparison 
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Figure  10.  Range/Payload  Comparison  FD  17749 
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2.  Safety 

From  a  propulsion  standpoint,  the  powerplant  that  provides  the  greater 
range  during  abno.mul  jency  operating  conditions  provides  greater 
safety.  Table  2  lists  the  resu..  maximum  ranges  for  emergency  con¬ 
ditions  existing  from  the  midpoint  (2OC0  statute  miles)  of  the  design 
range  for  the  fixed-wing  airplane,  and  indicates  the  percentage  of 
reserve  fuel  that  would  required  to  complete  the  mission.  In  all 
cases  the  turbofan  engine  is  superior  to  the  turbojet  engine.  When 
forced  to  fly  at  subsonic  speeds  with  three  engines,  the  turbojet  is 
unable  to  complete  25%  of  the  international  flight  stage  lengths  without 
using  reserve  fuel  and  must  have  an  additional  o60Q  pounds  of  fuel ,  , 

(off-loaded  payload),  to  complete  the  4000  statute  mile  flight.  In 
comparison  the  turbo fan- powered  aircraft  can  complete  80%  of  the 
international  flights  without  using  fuel  reserves  and  is  able  to  com¬ 
plete  the  4000-statute  mile  mission  with  the  normal  flight  payload. 

Maximum  ranges  for  the  swing-wing  airplane,  for  emergency  conditions 
existing  from  the  midpoint  of  the  design  range,  are  listed  in  table  3. 

The  turbo fan  cycle  is  superior  to  the  turbojet  cycle  in  all  cases.  When 
forced  to  fly  at  subsonic  speeds  on  three  engines  the  turbojet  requires 
all  of  the  fuel  reserves  to  complete  the  design  range  mission  as  compared 
to  61%  for  the  turbo fan- powered  aircraft.  If  forced  to  fly  suhsonically 
on  four  engines,  the  turbojet  must  burn  98%  of  the  available  fuel  reserves. 
In  this  instance,  the  turbofan-powered  airplane,  using  54%  of  its  fuel 
reserves,  can  complete  the  4000-statute  mile  mission  with  6100  pounds 
more  payload. 
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An  addit'e  il  satC'ij  1.1,1. ai(i*o  at  ion  is  the  temperature  el  the  exterior 
of  the  engi  In  the  event  of  fu._l  leakage  c.isido  the  engine ,  a  hot 

engine  extei .  t  considerably  increases  the  m  ohabil i ty  of  fire.  T: 
turbofan  engine  has  the  advantage  of  lower  temperature  augment or  cooling 
air,  approximate! y  660  F  compared  to  more  than  1700  F  for  the  turbojet 
and  thus  has  lower  external  metal  temperatures.  In  addition  to  im  reused 
safety,  the  lower  cooling  air  temperatures  inherent  in  the  turbo  fan  cycle 
contribute  significant ky  to  longer  engine  component  life.  A  detailed  study 
of  this  safety  feature  is  contained  in  PotWA  report  TWA  FR- 1856. 

In  summary,  the  turbofan  cycle  is  safer  than  the  turbojet  cycle  both 
from  the  ability  to  complete  the  mission  under  adverse  conditions  and  from 
spontaneous  fire  considerations. 

3.  Noise  Considerations 

A  comparison  of  airport  and  community  noise  levels,  and  balanced  field 
length,  for  swing-wing  and  fixed-wing  aircraft,  indicates  substantially 
lower  noise  levels  for  the  turbo fan  relative  to  the  turbojet.  The  turbojet- 
powered  aircraft  cannot  simultaneously  meet  balanced  field  ] ength  require¬ 
ments  and  airport  or  comm  .  ty  noise  level  objectives. 

At  airport  approach  both  the  turbofan-  and  turbojet- powered  aircraft 
meet  F.AA  noise  objectives  at  low  thrust  level.  At  high  approach  thrust 
level  s,  both  engine  cycles  exceed  the  FAA  objectives  but  are  substantially 
quieter  than  current  jets.  The  turbofan,  however,  offers  significantly 
greater  potential  tor  approach  noise  reductions  due  to  the  versatility 
of  the  cycle  and  the  characteristics  of  the  generated  noise. 

Figures  1.1  and.  12  illustrate  the  variation  in  balanced  field  length 
and  community  noise  with  airport  noise  for  the  fixed-wing  aircraft.  The 
turbo fan- powered  aircraft  meets  the  balanced  field  length  requirement 
with  airport  noise,  levels  as  much  as  1.8  PNdb  below  the  airport  noise 
limit.  In  comparison,  the  turbojet-powered  aircraft,  at  takeoff  power 
settings  which  allow  compliance  with  the  field  length  requirements,  exceeds 
tin  airport  noise  limit  by  a  rninir.ium  vf  3.2  PNdb,  a  comparison  ci  community 
noise  levels  indicates  that  neither  the  turbofan-  nor  turbojet-powered 
aircraft  satisfies  the  105  PNdb  objective.  However,  the  turbojet-powered 
aircraft  community  noise  level  is  a  minimum  of  10  PNdb  higher  than  the 
105  PNdb  objective.  The  turbofan-powered  aircraft  community  noise  level 
exceeds  the  objective  by  only  2.5  PNdb 

For  the  swing-wing  aircraft,  a  comparison  of  the  turbofan  and  turbojet 
cycles  indicates  that,  at  balanced  field  lengths  below  the  maximum  require¬ 
ment:  (figure  13)  the  turbo  fan-powered  aircraft  airport,  noise  level  is  as 
much  as  3.3  PNdb  below  the  116  PNdb  objective,  and  the  turbojet  complies 
with  the  airport  noise  limit  only  at  the  maximum  balanced  field  length. 
Community  noise  level  (figure  14)  of  the  turbofan-powered  aircraft  is  as 
much  as  4.4  PNdb  below  the  objective,  compared  to  the  turbojet  community 
nofse  level  of  at  least  1.5  PNdb  above  the  objective. 
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AIRPORT  NOISE  (STANDARD  DAY)  -  PNdb 


Figure  13.  Airport  Noise  vs  Balanced  Field 
Length  -  Swing-Wing  Aircraft 


AIRPORT  NOISE  -  PNdb 

Figure  14.  Airport  Noise  vs  Community  Noise  — 
Swing-Wing  Aircraft 
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In  the  above  comparison,  equal  noise  attenuation  was  assumed  for  the 
fan  ar  jet  cycles,  as  follows; 


Fixed-Wing 
Aircra  ft 


Swing-Wing 

Aircraft 


Exhaust  Noise  Attenuation  -  Turbofan  or  Turbojet 


Maximum  Augmented,  PNdb  4 

Minimum  Augmented  and  Below,  PNdb  3 

Fan  Noise  Attenuation  -  Turbofan 

Approach,  db/octave  band  15 

Community,  db/octave  band  6 


3 

15 

3 


A  comparison  of  t  irbofan  and  turbojet  noise  on  approach  is  shown  in 
figure  15. 

At  low  levels  of  approach  thrust,  the  noiise  levels  of  both  cycles 
do  not  exceed  the  109  PNdb  objective,  although  the  turbojet  shows  an 
advantage  over  the  turuofan  (figure  15).  As  approach  thrust  level  is 
increased,  the  perceived  noise  levels  of  the  two  cycles  converge  and 
show  approximately  equal  noise. 


NET  THRUST  -  lb 


Figure  15.  Perceived  Noise,  M  *  0.21,  Standard  FD  16925 

Day,  at  Airport  Approach  AI 

Because  of  cycle  differences,  the  turbcfan  engine  enjoys  significantly 
greater  potential  for  further  noise  attenuation  than  does  the  turboiet. 

The  turbofan  noise  is  a  composite  of  exhaust  noise,  made  up  of  two  exhaust 
streams,  and  fan-generated  noise.  The  turbojet  noise  is  pure  exhaust  jet 
noise  produced  by  a  single  stream.  As  a  result,  it  is  bel levad  that 
future  progress  heavily  favors  the  turbo fan.  Experimental  evidence 
(Volume  III,  Report  C)  has  indicated  that  the  potential  for  fan  noise 
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attenuation  without  performance  compromise  is  great  arid  it  may  he  reasonably 
expected  that  future  research  and  development  in  this  area  will  lead  to 
further  attenutetion  of  turbofan  engine  noise.  Major  gains  in  exhaust 
noise  appear  to  be  more  difficult  to  realize,  particularly  without  loss 
to  performance,  which  in  many  cases  can  negate  the  gains  made  by  atten- 
uaiicn.  However,  any  exhaust  gains  made  are  equally  applicable  to  both 
turbofan  and  turbojet  cycles. 

The  turbofan  enjoys  a  further  advantage  due  to  its  cycle  and  the 
di.ision  of  thrust  between  two  streams.  It  Is  possible  by  proper  cycle 
adjustment  and  operation  to  match  the  duct  and  jet  exhaust  streams  such 
as  to  minimize  noise  at  any  given  power  level.  These  effects  are  not 
included  in  the  above  comparison  since  the  corresponding  engine  require¬ 
ments  are  not  included  in  the  current  design.  Gains  of  1  to  2  PNdb 
may  be  realized  by  these  techniques. 

4.  Range/Payload  -  Nonstandard  Days 

Figure  16  illustrates  the  effect  of  ambient  temperature  on  thrust 
and  thrust  specific  fuel  consumption  at  the  transonic  flight  condition, 
and  indicates  that  neither  cycle  enjoys  a  significant  advantage. 


AMBIENT  TEMPERATURE  RELATIVE  TO 
STANDARD  DAY  -  *F 


Figure  16.  Ambient  Tempers furs  Effect  on 
Engine  Performance 
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Figure  17  shows  the  effect  of  cruise  ambier.t  temperature  on  turbofan 
and  turbojet  payloads  for  the  4000-statute  mile  mission  for  the  fixed-wing 
airplane.  Because  of  the  ability  of  the  turbofan  engine  to  match  inlet 
airflow  without  changing  rotor  speed,  the  mass  airflow  change  of  the 
turbofan  engine  is  considerably  less  than  that  of  a  turbojet  engine  on 
hotter  than  standard  days.  For  this  reason  the  increase  in  augmentation 
level  required  on  a  hot  day  is  less  for  the  turbofan  than  for  the  turbo¬ 
jet.  Relative  to  the  turbofan,  the  turbojet  loses  3300  lb  more  payload 
on  a  +  18°F  day. 


TO  STANDARD  DAY  -  *F 


Figure  17.  Cruise  Ambient  Temperature  Effect  on  FD  16731 
Fayload  -  Fixed-Wing  Aircraft  AI 

Figure  18  illustrates  the  effect  of  cruise  ambient  temperature  on 
payload  for  the  swing-wing  airplane.  The  resultant  loss  in  payload  of 
the  turbojet-powered  airplane  relative  to  the  turbefan-powered  airplane 
is  3900  lb  on  a  +  18°F  day. 
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RELATIVE  TO  STANDARD  DAY  -  °F 


Figure  18.  Cruise  Ambient  Temperature  Effect 
on  Payload  -  Swing-Wing  Aircraft 
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AI 


5.  Engine-Inlet  Airflow  Match 

Experience  with  high  Mach  number,  high  performance  inlets  has  shown 
that  many  variables  can  affect  the  matching  of;  inlet  and  engine  airflow. 
These  variables  include  control  tolerances  for  both  the  inlet  and  engine, 
off-design  angles  of  attack  and  yaw,  changes  in  boundary  bleed  require¬ 
ments  tor  inlet  stability,  and  inlet  leakage.  The  loss  in  inlet  ram 
recovery  is  about  17.  for  each  17.  the  inlet  is  undersize  due  to  the  above 
factors.  If  the  inle*"  4  s  effectively  oversize,  the  excess  air  must  be 
spilled  or  bypassed  a  J  results  in  additional  aircraft  drag. 

The  two-spool  turbofan  cycle  offers  a  unique  characteristic  in 
correcting  for  the  above  mismatch  problem.  The  engine  airflow  may  be 
adjusted  by  the  flight  ctew  over  approximately  a  137.  airflow  range  to 
maintain  precise  airflow  matching  of  the  engine,  to  the  inlet.  This 
variation  in  airflow  is  attained  at  almost  constant  rotor  speed  and, 
therefore,  entails  no  weight  or  structural  penalties  to  the  cycle. 

Airflow  variations  In  the  turbojet  cycle  may  be  accomplished  only  with 
significant  changes  in  rotor  speed  and  attendant  large  weight  penalties. 
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Figure  19  illustrates  the  payload  change  resulting  from  a  mismatch 
of  Inlet  and  engine  airflow  at  cruise  condition  for  the  two  engine  cvclcs. 
The  turbojet  loses  payload  for  either  an  oversized  or  undersized  inlet. 

The  small  gain  in  turbo  fan  payload  with  an  oversized  inlet  is  due  to  a 
small  increase  In  cycle  efficiency  at  the  higher  engine  airflow. 

Report  D,  Section  II,  should  be  referred  to  for  a  complete  description 
of  inlet/engine  compatibility. 


INLET/ENGINE  AIRFLOW  MISMATCH  -  %  (of  Engine  Airflow) 

Figure  19.  Effect  of  Inlet  Mismatch  on  Payload  FD  16725 

A1 

fa.  Effect  of  Begin  Cruise  Altitude 

Figure  20  illustrates  the  effect  of  begin  cruise  altitude  on  range 
for  the  turbojet  and  turbofan  cycles  for  a  fixed-wing  airplane.  It  is 
concluded  that  the  cycles  are  equal  with  regard  to  range  or  payload  penalty 
with  altitude.  The  ground  overpressure  international  flight  limit  is 
indicated. 

Similar  results  were  obtained  for  a  swing-wing  airplane 


7.  Growth  Potential 

Figure  21  illustrates  the  effect  of  design  turbine  inlet  temperature 
on  payload  for  the  swing-wing  aircraft.  An  increase  in  turbine  inlet 
temperature  of  the  augmented  turbofan  results  in  a  gain  in  payload.  An 
increase  in  design  turbine  inlet  temperature,  at  constant  engine  airflow 
and  cruise  chrust,  requires  the  turbojet  to  throttle  back  nonaugmented 
or  to  increase  cruise  altitude  with  a  resulting  decrease  in  aircraft  L/D. 
In  either  case  the  turbojet  cycle  will  not  benefit;  from  turbine  inlet 
temperature  increases  above  23Q0°F.  Similar  results  were  obtained  for 
the  fixed-wing  airplane. 
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Figure  22  presents  the  effect  of  Increasing  flight  Mach  number  on  the 
two  engine  cycles.  The  turbofan  cycle  shows  a  distinct  advantage 
over  the  turbojet  in  increased  range  or  payload.  The  90  mile  difference 
xn  increased  range  at  Mach  3  is  equivalent  to  approximately  3000  lb  in 
payload  or  15  passengers. 

Report  G  should  be  referred  to  for  a  complete  description  of  engine 
growth  potential. 


Figure  22.  Cruise  Mach  No.  Effect  on  FD  16730 

Design  Range  AI 


8.  Reduced  Turbine  Temperature 

Our  comparative  study  assumed  that  either  engine  would  be  developed 
for  continuous  cruise  operation  at  a  turbine  temperature  of  2200UF. 
Dependent  on  particular  route  structures  and  maintenance  procedures, 
each  airline  will  determine  through  sufficient  operating  experience  the 
level  of  operating  turbine  inlet  temperature  yielding  the  greatest 
economic  return.  These  economic  considera tions  may  dictate  the  desir¬ 
ability  of  operating  aircraft  on  some  routes  at  somewhat  reduced  cruise 
temperatures  to  achieve  the  proper  balance  between  aircraft  performance 
and  parts  life.  Both  the  turbofan  and  turbojet  engine  cycles  will  result 
in  a  loss  in  aircraft  performance  as  turbine  temperature  is  reduced. 
Figure  21  shows  the  comparative  performance  in  terms  of  aircraft  payload. 
It  will  be  noted  that  the  loss  resulting  from  the  turbojet  is  signif¬ 
icantly  greater  than  that  of  the  turbofan. 

E.  CONCLUSIONS 

In  sunmary,  the  turbofan  engine  cycle  provides  greater  range /' payload , 
greater  safety,  less  noise,  greater  growth  potential  with  increased  Mach 
number  and  suffers  less  from  off-design  operation  than  the  turbojet 
engine  cycle.  This  is  true  for  both  fixed-wing  and  swing-wing  aircraft 
and  is  primarily  a  result  of  the  fan  cycle  versatility  and  ability  to 
match  a  wide  range  of  aircraft  requirements  without  compromise  to  the 
basic  cycle  or  design  point  per Eormance. 
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A,  ENGINE  SYSTEM 


1.  System  Description 

Tile  JTF17  is  a  twin  spool  non -mixed  turbofan  engine  with  augmentation 
provided  by  fan  duct  heating.  An  overall  view  of  the  engine,  as  provided 
by  a  full-size  mockup,  is  presented  in  figure  1.  ,e  basic  components 
of  the  engine  and  its  flow  paths  are  shown  schematically  in  figure  2. 

Major  components  and  engine  subsystems  are  described  briefly  in  the  following 
paragraphs;  more  complete  description  (with  regard  to  periormance)  is  pro¬ 
vided  in  the  referenced  report  section. 
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Figure  1.  JTF17  Full-Scale  Mockup 
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a.  Gas  Generator 

(1)  Fan-Compressor  (Reference  Report  A,  Section  111-A) 

The  fan -compressor  of  the  JTF17  incorporates  a  total  of  eight  stages. 
The  first  two  stages  constitute  the  ian  and  low  pressure  compressor; 
fan  blading  provides  a  duct  pressure  ratio  of  approximately  2.9  at  sea 
level  takeoff  and  1.6  at  supersonic  cruise.  The  high  pressure  compressor 
is  composed  of  six  sieges  .ind,  in  combination  with  the  low  pressure  com¬ 
pressor,  provides  an  overall  compression  ratio  of  approximately  1.3  at 
sea  level  take  .'if  and  4.6  at  supersonic  cruise. 

The  two-stage  fan  is  overhung,  which  eliminates  conventional  inlet 
guide  vane  structure.  The  orientation  of  all  fan-compressor  airfoils, 
except  high  rotor  inlet  guide  vanes,  is  fixed.  The  high  rotor  inlet 
guide  vanes  are  variable  and  can  be  rotated  to  a  closed  position  to 
prevent  airflow  through  the  gas  generator,  and  thus  they  provide  aero¬ 
dynamic  braking  for  engine  windmilling  during  flight. 

Towershafts  for  engine  and  airframe  accessory  drives  are  geared  from 
the  high  rotor,  and  a  high  pressure,  high  temperature  air  bleed  for  engine 
and  airframe  accessories  is  provided  at  the  high  pressure  compressor  dis¬ 
charge  . 

(2)  Priac;./  Combustor  (Reference  Report  A,  Section  1II-B) 

The  gas  generator,  or  primary  combustor  is  a  unique,  annular,  ram- 
induction  burner  that  provides  low  pressure  losses,  excellent  temperature 
profiles,  and  high  combustion  efficiencies  over  a  wide  range  of  fuel/air 
ratios.  By  utilizing  the  ram- induction  principle,  it  is  possible  to 
realize  these  benefits  with  a  much  shorter  burner  length  than  would  be 
possible  with  more  conventional  designs. 

(3)  Turbine  (Reference  Report  A,  Section  III-C) 

The  JTFi?  incorporates  a  three-stage  reaction  turbine  in  which  all 
airfoils  except  the  3rd-stage  blades  are  convectively  air  cooled  to 
permit  operation  at  inlet  temperatures  up  to  2300°F  for  takeoff  and 
climb,  and  2200"F  for  supersonic  cruise.  It  was  designed  for  minimum 
weight  and  utilises  a  controlled  vortex  design  to  assure  high  efficiency. 

The  first  turbine  stage  drives  the  high  pressure  compressor  (from 
which  all  towershafts  for  engine  and  airframe  accessory  drives  are 
geared).  The  second  and  third  stages  drive  the  fan. 

The  gas  generator  if  provided  with  a  fixed  geometry  convergent- 
divergent  nozzle,  which  permits  both  high  and  low  pressure  turbines  to 
operate  at  nearly  constant  expansion  ratio  over  most  of  the  engine 
operating  range. 
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b.  Augmentor  (Reference  Report  A,  Section  III-D) 

the  duct  augmentation  system  incLudes  a  two-zone  combustion 
arrangement  and  a  variable  area  exit  nozzle  in  the  fan  duct.  An  annular 
ram- induct ion  burner  similar  to  that  in  the  gas  generator  constitutes 
the  first  zone  for  combustion,  which  is  utilized  for  augmentation  at 
levels  up  to  approximately  305i;  Zone  II  fuel  is  introduced  at  the  dis¬ 
charge  of  the  annular  burner  where  it  unites  with  combustor  bypass  air 
and  Zone  I  combustion  gases.  Total  fuel/air  ratio  at  full  augmentation 
with  both  zones  in  operation  is  approximately  0.06. 

The  short  length  of  the  ram-induction  burner  permits  use  of  a  low 
divergence  angle  diffuser  to  minimize  pressure  losses  in  the  fan  duct, 
and  its  operating  characteristics  assure  capability  fo*-  smooth  light- 
off  and  stable  operation  over  the  entire  augmentation  range. 

The  variable  area  convergent  nozzle  at  the  fan  duct  exit  is  modulated 
by  the  fuel  control  in  accordance  with  a  schedule  based  on  duct  fuel  flow. 
Thus,  augmentation  level  may  be  varied  over  a  wide  range  without  affecting 
the  gas  generator. 

c.  Exhaust  System  (Reference  Report  A,  Section  IIl-E,  and  Report  C) 

The  JTF17  exhaust  system  combines  a  blow-in-door  ejector  and  variable 
(rotating)  clamshell  to  accomplish  the  rev  rser-suppressor  function  and 
to  achieve  the  effective  area  changes  necessary  to  control  the  expansion 
of  the  combined  streams  of  exhaust  gases  from  the  gas  generator  and  duct 
at  all  operating  conditions. 

The  elements  of  the  exhaust  system  can  be  identified  in  figure  2. 

These  include  the  secondary  air  passage  and  flapper  valve,  tertiary  air 
blow-in  doors,  variable  clamshells,  and  pressure-actuated  trailing  edge 
flaps.  Tlie  position  shown  in  figure  2  is  that  for  supersonic  cruise.  The 
clamshell  is  in  the  fall  open  position,  forming  the  initial  divergent 
portion  of  the  nozzle,  and  the  trailing  edge  flaps,  which  form  the  r.ozzlc 
exit,  are  also  in  the  full  open  position  for  maximum  expansion.  Tertiary 
air  doors  are  closed,  and  a  small  quantity  of  secondary  air  flows  through 
the  system  to  control  the  expansion  of  the  gas  generator  and  duct  streams 
and  to  provide  cooling  for  ejector  surfaces. 

The  takeoff  positioning  of  exhaust  system  elements  is  illustrated  in 
figure  3.  The  trailing  edge  flaps  are  closed  to  minimum  area  due  to  pres¬ 
sure  loading,  and  the  clamshell  .sections  are  in  a  partially  open  position 
to  admit  tertiary  air,  which  enters  through  the  blow-in  doors.  The  tertia;:y 
air,  in  combination  with  any  available  secondary  airflow,  serves  to  reduce 
overexpansion  losses  aerodynamical ly  and  to  reduce  noise.  Introduction 
of  the  tertiary  stream  provides  a  buffer  shroud  of  pas  that  (through 
mixing  with  the  hot  core  gases  from  the  gas  generator  and  augwentor) 
provides  a  velocity  gradient  from  the  hot  exhaust  jet  surface  to  the  wall 
to  attenuate  the  noise  normally  associated  with  an  interface  between  a 
high  velocity  jet  and  quiescent  air. 
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figure  3.  JTF17  Exhaust  System  Positions  FB  16890 

All 

To  accomplish  thrust  reversal,  the.  clamshell  sections  are  rotated  to 
the  full  closed  position  as  shown  in  figure  3,  deflecting  the  exhaust 
gases  urw&rd  through  the  tertiary  air  doors  at  a  mean  angle  of  20  degrees 
to  the  nozzle  centerline.  Hie  flapper  valve  in  the  secondary  air  passage 
closes  to  prevent  reingestion  of  exhaust  gases. 

d.  Engine  Controls  and  Accessories  (Reference  Report  B,  Section  Ill) 

The  JTF17  engine  control  is  a  hydromechanical  unit  that  incorporates 
both  gas  generator  and  duct  heater  controls  in  a  unitized  assembly.  The 
control,  gas  generator  fuel  pump,  engine  hydraulic  pump,  and  engine  oil 
pump  ara  driven  mechanically  by  towershafts  geared  from  the  high  compressor. 
Hie  duct  heater  fuel  is  supplied  by  a  compressor  bleed  air  turbopump, 
similar  to  that  of  the.  J58  engine,  rather  than  by  a  mechanically  driven 
pump. 

Dual  input  levers  are  provided  for  the  control;  a  single  power  lever 
controls  thrust  modulation  from  full  reverse  to  idle  to  maximum  augmenta¬ 
tion.  The  second,  or  fuel  shutoff,  lever  provides  for  starting  and  stopping 
of  fuel  flow  to  the  control  and  for  aerodynamic  windmill  brake  operation. 

Ignition  is  provided  by  a  capacitor  discharge  intermittent  duty  AC 
power  system.  Two  fuel-cooled,  hermetically-sealed,  exciter  packages, 
each  containing  two  independent  exciter  circuits  for  one  gas  generator 
igniter  and  one  duct  heater  igniter,  are  employed. 

The  operation  of  the  engine  control  Is  described  in  Volume  III, 

Report  B,  Section  111. 

2.  System  Optimization 

In  the  oiscussion  of  cycle  selection  in  Section  I,  it  was  made  apparent 
that  the  duct  augmented  turbofan  engine  was  selected  because  it  provided 
maximum  range  and/or  payload  for  the  supersonic  transport.  Optimization 
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of  the  engine  system,  therefore,  was  directed  toward  achieving  maximum 
range/payload  for  a  given  gross  takeoff  weight  with  acceptable  noise  levels, 
and  the  process  was  one  of  obtaining  the  best  compromise  between  takeoff, 
climb,  and  subsonic  performance,  and  supersonic  cruise  TSFC. 

Maximum  turbine  inlet  and  augmentor  discharge  temperature  consistent 
with  the  capability  of  advanced  design  concepts  were  selected  to  provide 
maximum  efficiency  and  airflow.  Pressure  ratios  and  percent  rugmenf aLion 
were  established  through  an  iterative  process  that  recognized  engine 
weight  differences  and  considered  total  mission  performance.  bypass  and 
pressure  ratios  were  established  in  studies  conducted  by  Pratt  &  Whitney 
Aircraft  under  Phase  il-A.  Because  of  the  interrelationship  of  engi  ;«* 
size  and  aircraft  performance,  final  selection  of  airflow  was  based  upon 
studies  made  by  airframe  manufacturers  using  P&WA  supplied  engine  data. 

It  can  be  inferred  from  the  above  comments  on  final  airflow  selection 
that  engine  system  opti  ization  must  be  closely  related  to  the  installation 
being  considered.  The  JTF17  engine  system  provides  a  high  degree  of 
flexibility  that  will  permit  final  "tuning"  with  a  minimum  of  hardware 
change  when  ultimate  mission  profile  and  ai;:frame  configuration  are 
es  tabl ished . 

3.  Engine  Variations 

a.  Engine  Models 

Two  models  of  the  JTF17  engine,  the  JTF17A-21B,  and  the  JTF17A-21L 
are  proposed.  The  JTF17A-21B  meets  the  specific  requirements  o£  the 
Boeing  airframe,  and  the  JTF17A-21L  meets  those  of  the  Lockheed  aircraft. 

The  tvo  engines  arc  defined  in  Model  Specifications  Vo.  2710  and  2698, 
respectively.  Because  of  the  inherent  versatility  of  the  cycle,  the  same 
basic  engine  can  be  used  for  both  applications;  small  differences  in  the 
airflow  schedules  at  supersonic  cruise  conditions  between  the  two  instal¬ 
lations  are  achieved  by  changes  in  fan  duct  flow  that  are  adequately 
handled  by  the  iuei  control. 

Although  there  are  no  differences  in  malor  components  that  aflect 
performance,  there  are  minor  hardware  differences  between  models 
necessitated  by  differences  in  installation  requirement.  These  are  mainly 
concerned  with  mounting  provisions  and  thrust  nozzle  alignment  (the  exhauf  t 
nozzles  of  both  engines  are  canted  downward  from  the  engine  centerline  by 
small,  but  different,  angles),  as  reflected  in  the  installation  drawings 
(Drawing  No.  2129601  for  the  JTF17A-21B  and  No.  2128101  for  the  OTF17A-21L). 
In  addition,  because  of  different  aircraft  red  line  dive  speeds,  the 
JTF17A-21B  requires  increased  structural  strength  in  casing  sections;  this 
does  not,  however,  affect  performance  determination. 

b.  Prototype  System 

The  approach  that  waa  followed  in  the  design  of  the  JTF17,  and  that 
will  be  continued  in  subsequent  phases  of  the  SST  program,  is  to  proceed 
directly  toward  the  achievement  of  production  engine  design  and  performance 
objectives.  Therefore,  all  system  performance  estimates  are  generated  using 
component  performance  goals  for  type  certified  engines  and  there  are  no 
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separate  performance  objectives  for  the  prototype  system  as  such.  However, 
any  realistic  appraisal  must  recognize  that  final  objectives  may  not  be 
realized  in  the  development  time  span  of  the  prototype  construction  phase. 
For  this  reason,  tolerances  of  3%  on  maximum  thrust  level  and  57.  on  thrust 
specific  fuel  consumption  have  been  established  for  the  prototype.  While 
it  is  not  possible  at  this  time  to  define  precisely  the  variances  existing 
in  the  prototype  engines,  experience  would  indicate  that  certain  components 
will  be  less  highly  developed  than  others  at  the  time  of  prototype  delivery. 
Table  1  shows  the  estimated  component  performance  levels  required  to  meet 
minimum  prototype  performance  compared  to  those  of  the  JTF17  production 
eng ine . 

B.  SYSTEM  PERFORMANCE 
1.  General 

The  performance  characteristics  and  engine  operating  envelopes  of  the 
two  models  of  the  .TTF17  are  defined  in  the  applicable  model  specifications. 
For  typical  flight  profiles  in  either  installation,  the  JTF17  operates  with 
some  level  of  augmentation  for  almost  the  entjje  mission;  thin  is  indicated 
by  the  representative  curve  in  figure  4. 


Figure  4.  Engine  Power  Settings  During  FT)  16892 

Operational  Mission.  All 

Estimated  maximum  augmented  thrust  and  maximum  augmented  thrust  specific 
fuel  consumption  are  presented  in  curve  form  as  a  function  of  Mach  lumber  for 
altitudes  from  sea  level  to  80,000  feet  in  the  engine  model  specifications. 

The  engine  model  specifications  aie  the  basic  performance  and  instal¬ 
lation  documents  that  provide  user  data.  They  Include  information  on 
installation,  specified  ratings,  performance,  operating  envelope,  thrust 
transients,  inlet  pressute  distortion  limits,  engine  systems,  fuel  and 
oil  requirements,  limiting  zone  temperatures,  power  extraction,  etc. 

A  definition  of  performance  ratings  may  be  found  in  the  model  specifica¬ 
tions  that  are  included  as  part  of  thia  proposal.  It  is  believed  that  the 
system  performance  estimates  provided  in  the  model  specification  will  ptovide 
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an  adequate  basis  for  determination  of  JTF17  installed  engine  capability. 

Tlie  following  paragraphs  are  intended  to  provide  a  better  understanding  of 
the  methods  of  performance  determination  and  of  the  information  contained 
in  the  specification. 

Table  1.  JTF17  Production  and  Prototype  Engine  Design  Tables 


Parameters 

Units 

Produc  t  ion 

Prototype 

Sea  Level 

Cruise 

Sea  Level 

Cru  ise 

Alt 

ft 

0.0 

65000 

0.0 

65000 

M 

0.0 

2.7 

0.0 

2.7 

Tt2 

°R 

519 

954 

519 

954 

Pt2 

ps  ia 

14.7 

16.3 

14.7 

16.3 

Pt3/'Ft2E 

2.68 

1.58 

2.60 

1.56 

Pt3/Pt2D 

2.90 

1.62 

2.81 

1.57 

’’•fe 

0.888 

0.898 

0.850 

0.860 

17  FD 

0.788 

0.808 

0.777 

0.787 

Tt3E 

°R 

709 

1090 

710 

1100 

Xt3D 

°R 

752 

1120 

747 

1110 

WAT2 

lb/sec 

687 

417 

687 

417 

WAT 

lb/sec 

687 

341 

687 

341 

BPR 

1.30 

1.88 

1.37 

1.98 

N1 

rpm 

6490 

5620 

6440 

5550 

rpm 

6490 

4140 

6440 

4090 

Bt i/lb 

51.6 

39.3 

51.2 

38.5 

WAD 

Ib/sec 

388 

222 

398 

226 

WA3D 

lb /sec 

158 

182 

167 

190 

AP/PD  cold 

0.050 

0. 068 

0.056 

0.0/4 

Ap/pD  hot 

0.058 

0.015 

0.0/1 

0.018 

WFD 

lb/hr 

81700 

11900 

83900 

13000 

TTD 

°R 

3630 

2060 

3600 

2110 

^D/H 

0.911 

0.970 

0.902 

0.965 

Ptd/Fam 

2.66 

29.3 

2.49 

28.2 

f,/ad/h 

0.060 

0.0153 

0.060 

0.0163 

WAE 

Ib/sec 

299 

118 

290 

115 

WAE3 

lb/sec 

130 

93.3 

130 

96.3 

WPt3 

4.84 

O  21 0 
a-  •  s  4. 

4,73 

2.81 

Pt4/Pt2 

13.0 

4 . 

12.3 

4.38 

He 

0.859 

0.168 

0.820 

0.810 

Xt4 

°R 

1160 

1510 

1180 

153  vj 
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Table  1.  JTF17  Production  and  Prototype  Engine  Design  Tables  (Continued) 


Parameters 

Units 

Produc  t ion 

Prototype 

Sea  Level 

Cruise 

Sea  Level 

Cru ise 

8th-Stage  Bleed 

X  WAE 

0.8 

0.  68 

0.8 

0.68 

Turbopump  Bleed 

X  WAF. 

1.0 

1.0 

1.0 

1.0 

N-, 

A 

rpra 

8220 

8270 

8230 

8160 

n2  A/®*2 

rpm 

8220 

6100 

8230 

6020 

N2/yer^ 

rpm 

7030 

5700 

7030 

5610 

ahHpc 

Btu/lb 

112 

108 

115 

111 

AP/PB 

0.057 

0.070 

0.061 

0.079 

\ 

0.990 

0.990 

0.986 

0.986 

F/Ab 

0.0264 

0.0192 

0.0263 

0.0190 

WFP 

Ib/hr 

26100 

7560 

25300 

7270 

Pt5 

psia 

180 

70 

170 

65.8 

Tt5 

°R 

2760 

2660 

2760 

2660 

TCA 

X  WAE 

6.24 

5.66 

6.22 

5.65 

nth 

0.878 

0.869 

0.879 

0.870 

nti 

0.893 

0.880 

0.892 

0.877 

Pt7 

ps  fa 

32.3 

12.5 

28.9 

11.2 

rt7 

°R 

1890 

1840 

1870 

1820 

AP/P?  _9 

0.017 

0.017 

0.025 

0.  025 

Pt9 

ps  ia 

31.7 

12.3 

28.2 

10.9 

*t9 

°R 

1910 

1850 

1890 

1830 

Pt9/Pam 

2.16 

14.8 

1.92 

13.2 

X  Corr.  Sec.  Flow 
(Engine  Face) 

2.0 

2.0 

2.0 

2.0 

X  Sec.  Flow 
(Engine  Face) 

4.91 

2.93 

4.92 

2.96 

Secondary  Flow 
(Engine  Face) 

lb/sec 

33.7 

10.0 

33.8 

10.1 

CFP  (Includes  Etrecc 

oi  Turbopump 

Air  In  Secondary  Stream) 

0.982 

1.0012 

0.98 

0.999 

2.  Steady-State  Operation 

Steady-state,  forward  thrust, 

system  performance  estimates  (as 

well 

as  estimates  for  other  operating 

regimes)  for  the  JTF17 

engine  have  been 

generated  using  the 

latest  available -estimates  ,  based  on 

,  actual  Phase  II-C 

testing  where  possible,  for  major 

■  component 

performance . 

Sources 

of 
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component  performance  data  will  be  made  evident  in  the  discussion  of  the 
major  items  (combustors,  turbine,  fan-compressor,  augmentor,  and  exhaust 
system)  presented  later  in  this  report.  The  thermodynamics  involved  in 
system  performance  determination  can  be  seen  in  sample  calculations 
provided  at  the  end  of  this  section. 

Digital  computer  cycle  matching  decks  are  used  to  obtain  steady-state 
system  performance  estimates,  and  both  digital  and  analog  dynamic  simula¬ 
tions  are  used  to  investigate  transient  performance.  In  the  dynamic 
simulations,  air  inlet  performance,  inlet  control,  engine  performance, 
engine  control,  and  the  complete  fuel  system  are  simulated  so  that  the 
behavior  of  the  system  as  a  whole  can  be  observed  over  the  full  range  oi 
flight  conditions  and  so  that  effects  of  off-design  conditions  and  mal¬ 
functions  can  be  analyzed. 

Because  of  the  wide  spectrum  of  flight  conditions  that  must  be  con¬ 
sidered,  it  is  difficult  to  present  engine  data  in  sufficient  detail  :Ln 
any  convenient  summary  form  to  satisfy  all  requirements.  Therefore,  a 
digital  computer  cycle  matching  calculation  deck,  that  provides  steady-state 
performance  estimates  for  the  entire  range  of  engine  operation  from  idle 
to  maximum  augmented  thrust,  and  complete  instructions  for  its  use,  are 
provided  as  a  part  of  each  model  specification. 

All  performance  estimates  generated  by  the  cycle  matching  deck  are 
premised  upon  the  use  of  fuel  conforming  to  P&WA  Specification  PWA  521' 

(10  November  1964)  at  its  minimum  lower  heating  value  of  18,400  Btu/lb. 
Ambient,  conditions  used  are  in  accordance  with  the  U.S.  Standard  Atmosphere 
(Geometric),  1962,  and  inlet  total  pressure  recovery  is  as  defined  by 
Specification  MIL-E-5O08B. 

Estimates  of  engine  performance  under  certain  conditions  are  included 
in  curve  form  in  the  applicable  model  specifications,  and  estimates  for 
flight  conditions  of  particular  interest,  determined  using  the  specif]. ca¬ 
tion  matching  decks,  are  presented  in  tabular  form  in  report  PWA  FR-1986 
for  the  JTF17A-21I.  and  in  report  PWA  FR-1987  for  the  JTT17A-21B;  both 
reports  will  be  made  available  to  the  evaluators  on  request. 

"Uninstalled"  engine  performance  is  defined  as  the  performance 
attainable  with: 

1.  No  power  extraction  or  high  compressor  air  bleed  except 
that  required  for  operation  of  engine  accessories  and 
controls 

2.  Allowance  for  effect  of  27.  temperature  corrected  secondary 
airflow  to  the  reverser-suppressor . 

3.  Exhaust  system  effects  (external  boattail  drag  on  trailing 
edge  flaps  when  they  are  not  in  the  full  open  position,  and, 
where  appropriate,  drag  resulting  from  induction  of  tertiary 
air  through  ejector  blow-in  doors)  accounted  for.*r 


*As  will  be  made  apparent  in  the  description  of  the  exhaust  system  Lr 
Section  II1K  and  in  the  sample  calculations,  this  is  accomplished  by  use 
of  nozzle  thrust  coefficients  determined  in  wind  tunnel  model  tests.  In 
the  models,  the  exhaust  nozzle  centerline  is  parallel  to  and  coincident 
with  the  engine  centerline,  so  the  canting  of  the  aircraft  installation 
is  not  duplicated.  However,  this  will  introduce  no  measurable  error. 
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Performance  estimate  carves  presented  in  the  model  specification  are 
based  on  the  above  assumptions;  the  cycle  matching  decks  provid'd  as  part 
of  the  specification,  however,  provide  capability  for  determining  the  effects 
of  power  extraction  and  customer  air  bleed  from  the  high  compressor,  so  that 
the  effects  of  these  Installation  requirements  can  be  evaluated  where  they 
are  of  Interest.  Performance  estimates  ior  operation  with  power  extraction 
and  air  bleed  are  included  in  reports  PWA  FR-1986  and  FR-1987. 

Limits  that  define  the  estimated  engine  operating  envelope  are  incorpo¬ 
rated  in  the  computer  decks,  and  the  calculation  routine  provides  for 
printing  of  a  notation  in  the  event  that  any  limit  is  exceeded.  Operating 
limits  a:  e  based  upon  design  life  considerations  as  outlined  in  Volume  III, 
Report  B.  The  continuous  operating  limits  shown  in  figure  5  define  the 
flight  operating  regions  in  which  the  engine  may  be  operated  continuously 
with  no  degradation  of  design  life,  and  the  transient  limits  shown  indicate 
the  range  into  which  excursions  oi  limited  duration  (one  minute  each 
occurrence)  are  possible  without  any  deleterious  effect.  The  total 
accumulated  operating  time  in  the  transient  region  must,  however,  be 
limited  to  a  maximum  of  10  hours  in  each  10,000  hours  of  total  engine 
operation. 


Figure  5.  Representative  Engine  Operating  F0  16897 

Envelope  All 

Reasons  for  definition  of  the  engine  operating  envelope  can  be 
visualized  by  reference  to  figure  5  and  table  2.  Representative  flight 
limitations  are  presented  in  terms  of  engine  inlet  pressure  and  tem¬ 
perature  in  the  illustration,  and  the.  transient  region  is  divided  into 
zones  representing  areas  in  which  different  types  of  limitations  exist 
with  regard  to  load  and  limiting  stress.  The  loads,  limiting  stresses, 
and  pares  affected  are  defined  in  the  table.  A  more  detailed  understanding 
of  the  limits  on  individual  parrs  can  be  obtained  from  the  discussions  of 
mechanical  design  included  in  Volume  III,  Report  B. 
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4.  Reverse  Thrust  Operation 

A  brief  description  of  the  operation  of  the  exhaust  system  to  provide 
reverse  thrust  was  given  above  and  a  detailed  discussion  is  provided  in 
Section  ill,  Paragraph  E  of  this  report.  Section  23.0  of  tsu  applicable 
model  specificat  ion  prnvid.-.s  specific  definition  of  rcqui  remetsts ,  and  curves 
Showing  estimated  operating  envelope  and.  maximum  »:•  reve-st  thrust 
(uninstalled)  for  standard  and  hot  days,  when  re  ingest  ion  or  exhaust  gases 
Is  not  experienced,  are  provided.  Because  of  structural  limitations, 
maximum  reverse  thrust  operation  is  limited  to  1  minute;  however,  continuous 
reverses*  operation  at  idle  on  the  ground  is  permitted. 

Engine  performance  during  reverse  thrust  operation  is  determined 
using  normal  cycle  matching  digital  computer  calculation  techniques  with 
the  application  of  thrust  coefficients  for  the  reverser  determined  in 
wind  tunnel  tests  of  ajector  nozzle  models. 

5.  Starting 

(a)  Ground  Starting 

The  estimated  maximum  ground  starting  time  of  the  JTF17  engine  is 
30  secards,  assuming  compliance  with  the  requirements  of  Section  20.2 
of  the  applicable  model  specification  with  regard  to  starter  output, 
fuel  temperature  and  pressure,  electrical  power,  and  engine  inlet  air 
pressure. 

The  required  starter  output,  as  defined  by  curve  sheet  number  30  in 
the  model  specification  is  determined  by  engine  motoring  characteristics 
and  minimum  firing  speed  (rotor  speed  at  which  ignition  is  possible). 

Because  adequate  theoretical  techniques  for  establishing  motoring  torque 
and  minimum  Ignition  speeds  arc  not  available,  it  is  customary  to  estimate 
these  characteristics  employing  an  analysts  based  largely  upon  use  of 
data  from  existing  engines  having  features  that  can.be  related.  For 
estimates  of  JTF17  starting,  experience  with  JT3D  and  JT8D  engines  was 
used  as  a  basis. 

A  representative  starting  requirement  (starter  output)  curve  is 
presented  in  figure  6.  The  lower  limit  of  the  starter  band  represents 
the  minimum  torque  required  for  rotor  acceleration;  the  upper  limit  is 
set  to  assure  structural  integrity  of  the  power  takeoff.  The  basic  starter 
band  represents  standard  day  requirements;  a  correction  must  be  applied 
for  nonstandard  (low  temperature)  conditions.  Seduced  ambient  temperature 
causes  an  increase  in  motoring  torque  because  of  the  greater  aerodynamic 
work  required  with  increased  sir  density  and  the  higher  fuel  and  oil 
viscosities.  It  is  estimated  that  a  reduction  of  ambient  temperature 
from  <  1°F  to  —40®F  will  necessitate  an  increase  in  motoring  torque  of 
approximately  377.  for  the  JTF17.  If  the  minimum  torque  curve  is  complied 
with,  the  estimated  maximum  starter  power  for  the  JTF17  is  230  horsepower, 
even  at  reduced  temperatures. 


AII-12 


Pnait  A  Whitney  ftircnaft 

PWA  FP  66-100 


POWER  TAKEOFF  SPEED  -  rpm 


Volume  III 


Figure  6.  Representative  Engine  Starting 
Requirements 


FD  168S8 
All 


Experimental  definition  of  starting  characteristics  with  the  degree 
of  accuracy  necessary  to  verify  the  estimated  starting  requirements 
requires  specific  testing  of  engines  incorporating  special  instrumentation. 
This  is  not  within  the  scope  of  the  Phase  II  effort;  however,  67  starts 
have  been  accumulated  to  dace  on  demonstrator  engines  and,  as  indicated 
in  table  3,  enough  of  these  have  been  accomplished  in  time  periods  in  the 
range  of  30  seconds  to  provide  confidence  that  the  estimated  time  can  be 
attained  consistently. 


Phase  IL-C  Demons  (.ration  Engine  Starting 
Times  (Engine  FX-162,  Build  I) 


Air  Pressure  Supplied  to  Starter  at  Time  Zero 


Elapsed  Time  (Seconds)  To 


Tes  t 

No . 

Fuel  Pressure 

Buildup 

Bight 

Idle 

Thrust 

4 

8 

23 

36 

7 

5 

22 

33 

8 

8 

25 

34 

10 

7 

15 

26 

11 

6 

24 

30 
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(b)  In-Flight  Starting 

In-flight  starting  of  the  JTF17  engine  is  possible  without  assistance 
over  a  wide  range  of  flight  conditions  {assuming  that  the  normal  operating 
envelope  is  observed)  as  indicated  by  the  windroi lling  restart  envelopes  in 
the  engine  model  specifications  for  the  two  engine  models.  The  critical 
region  for  starting  is  the  low  Mach  number  limit,  because  this  defines  the 
minimum  combustor  pressure  considered  adequate  for  ignition.  The  lower 
limit  for  restarting  of  the  JTF17  was  established  from  analysis  of  JTF17 
combustor  rig  data  and  by  JT3D,  JT8D,  and  J58  engine  experience. 

The  minimum  starting  limit  line  was  established  to  provide  windmilling 
combustor  pressures  varying  from  approximately  7.5  to  15  psia.  The  7.5 
psia  minimum  is  believed  to  be  adequate  based  upon  past  experience  with 
other  engine  models.  Minimum  burner  pressure  for  ignition  has  not  yet 
been  investigated  in  JTF17  primary  combustor  test  rigs,  but  successful 
lights  have  been  achieved  at  pressures  as  low  as  9  psia,  and  there  was 
no  indication  that  this  was  a  lower  limit. 

Estimated  windmilling  combustor  pressures  and  airflows,  and  gas  gen¬ 
erator  fuel  flows  and  fuel/air  ratios  for  various  flight  conditions  along 
the  minimum  in-flight  starting  limit  are  presented  in  table  4,  Note  in 
the  table  that  fuel /air  ratios  are  typically  on  the  order  of  0.01.  In 
testing  of  JTF17  primary  combustor  rigs,  ignition  has  been  demonstrated 
consistently  at  fuel/air  ratios  of  0.005,  so  no  problems  are  anticipated 
in  maintaining  a  combustible  mixture. 

Table  4.  Gas  Generator  Combustor  Parameters  for 
In-Flight  (Windmill)  Starting 


Mach 

Mo. 

Altitude , 
ft 

High  Rotor 
Speed,  rpm 

Pr ima  r  y 
Burner 
Pressure , 
ps  ia 

Primary 
Fue  1 
Flow, 
lb /hr 

Primary 

Combustor 

Airflow, 

lb/sec 

Primary 

Fuel/Air 

Ratio 

2  5 

80 , 000 

o320 

12 

1200 

30 

0.01 

1.9 

69,000 

5150 

8 

1200 

25 

0.01 

1.4 

52,000 

4600 

8 

1200 

25 

0.01 

1.0 

36,000 

3670 

9 

1300 

30 

0.01 

0.7 

23,000 

2440 

11 

12  00 

30 

0.01 

0.6 

14 , 000 

2180 

14 

1400 

30 

0.01 

Manual  sequencing  of  controls  for  in-fiight  starting  is  not  critical. 
Tile  airflow  rates  during  windmilling  operation  preclude  critical  accumula¬ 
tion  u£  fuel,  and  although  the  igniters  and  their  exciters  are  intermittent 
duty  cycle  devices,  they  car.  be  operated  continuously  for  relatively  long 
periods  (up  to  10  minutes  for  the  gas  generator  igniter). 
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Recommended  control  sequencing  (refer  to  Volume  III,  Report  B,  Sec¬ 
tion  III  for  a  more  complete  description  of  control  and  ignition  system 
operation)  is  as  follows: 

1.  Position  the  thrust  control  lever  in  the  idle  detent. 

2.  Move  gas  generator  and  augmentor  ignition  switches  to  “ON." 

This  actuates  the  gas  generator  exciters  tha •  rire  the 
igniters  and  arms  the  augmentor  exciters.) 

3.  Move  fuel  cutoff  lever  to  "FUEL  ON"  position.  (Movement  ol 
the  fuel  cutoff  lever  to  the  on  position  assures  that  the 
aerodynamic  brake  is  off,  and  causes  the  gas  generator  fuel 
dump  valve  to  close  and  fuel  to  be  introduced  to  the  gaa 
generator  fuel  nozzles). 

A,  Position  thrust  control  lever  for  desired  operating  level 
after  ignition. 

5.  Dependent  upon  operating  procedures  for  flight  regime, 
return  ignition  switches  to  "OFF"  position. 

6,  Acceleration 

Pratt  &  Whitney  Aircraft  has  made  extensive  use  of  dynamic  simulation 
in  studies  of  the  JTF17  engine  in  order  to  investigate  control  requirements, 
control  performance,  and  inlet-engine  compatibility.  Control  considerations 
are  treated  in  Volume  III,  Report  B,  and  inlet  compatibility  is  discussed 
to.  Volume  III,  Report  D.  Dynamic  simulations  were  also  used  to  establish 
engine  acceleration  performance;  this  is  discussed  below. 

The  fan  duct  augmentor  contributes  to  rapid  thrust  increase  when 
excursions  to  augmented  levels  are  made.  The  augmentor  operating  level 
does  not  affect  gas  generator  discharge  conditions  significantly,  and 
therefore  the  duct  combustor  can  be  lit  at  an  appropriate  point  defined 
by  high  rotor  speed  while  the  low  rotor  is  still  accelerating.  This 
capability  minimizes  elapsed  time  differencr  '  between  accelerations  to 
me* unum  dry  and  maximum  augmented  thrust. 

The  annular  ram-induc.cioi  combustor  used  in  the  fan  duct  provides 
particularly  soft  augmentor  light-off.  During  demonstrator  engine  testing 
in  the  Phase  Il-C,  24  augmentor  lights  have  been  accomplished  to  date. 
Ignition  has  been  recorded  at  augmentor  fuel/air  ratios  of  less  than 
0.002;  the  resulting  thrust  increase  is  appt.  oximately  2.57.  of  maximum 
augmented,  which  would  not  be  perceptible  to  passengers,  and  the  resulting 
pressure  perturbation  is  small  enough  to  assure  that  fan  and  inlet  opera¬ 
tion  will  not  be  affected. 

The  guaranteed  engine  response  (standard  day)  for  po  ever  move¬ 

ments  between  idle  and  757.  maximum  nortaugmenued ,  957.  maximum  nonaugmented 
rating,  and  maximum  augmented  rating  to  937,  full  reverse  are  given  in 
Section  ti  of  the  applicable  model  specification,  and  the  relationship  of 
high  rotor  speed  vs  time  is  shown  on  curve  sheet  34.  Estimated  elapsed 
time  for  acceleration  from  id^.:  at  sea  level  and  from  a  typical  approach 
condition  0.21  Mach  number1'^  t  325  feet,  to  957.  maximum  nonaugmented  and 
maximum  augmented  ratings  (power  lever  movement  in  one  second  or  less) 
for  standard  and  nonstandard  conditions  arc  presented  In  table  5,  Thrust 
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vs  time  curves  for  the  various  accelerations  are  shown  in  figures  7 
through  9.  Because  acceleration  characteristics  arc  primarily  dependent 
upon  high  compressor  rotor  performance,  there  are  no  differences  between 
engine  models. 


Table  5.  JTF17  Estimated  Acceleration  Response 


F 1 igh  t 

Atmosphere 

Power  Lever 

Estimated  Elapsed  Time 

Condition 

Movement 

to  957.  Selected  Fn 

(Seconds ) 

Sea  Level 

STD 

Idle  to  Max  Nonaugmented 

5.4 

Static 

STD 

+27°F 

5.7 

STD 

-18  °F 

4.8 

Sea  Level. 

STD 

Idle  to  Mux  Augmented 

5.5 

Static 

STD 

+27  °F 

6.0 

STD 

-18°F 

5.0 

Approach 

STD 

Approach  setting  to  Max 

2.3 

STD 

+27  “F 

Nonaugment,  ed 

2.3 

STD 

-18°F 

2.3 

Approach 

STD 

Approach  setting  to  Max 

2.5 

STD 

+27  “F 

Augmented 

“2.5 

STD 

-18°F 

2.5 

Figure  7.  Estimated  Engine  Acceleration  Idle  FD  16872 

to  Maximum  Nonaugmerited  Tower  All 


AI3.-16 


MAXIMUM  AUGMENTED  THRUST 


Pratt  A  Whitney  Aircraft 

PWA  FP  66-100 
Volume  I'll 


120n- 


T  -  • 

I 


.  ,  i  ~T 

i  Sea  Levei  Static  i 

I'll 

‘  ~y  /  /  \ 


' '  »mb  Hid  .  1S 


Standard  AtmoaphetcyC 


J _ I  Hot-T^^^r-F- 

ill  / 

u — 4 — __ — . /!> 


T  yyy  |i 

i  I  j  i 

qLm, 1  M,  L  1  1 1  -—1  -  _ 

TJ  1.0  2.0  3,0  4.0  5.0  6.0  7.0  8.0 

TIME  -  sec 


i 


Figure  8.  Estimated  Engine  Acceleration  Idle 
to  Maximum  Augmented  Power 
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Figure  9.  JTF17  Turbr fan  Engine  Accelerations 
from  Approach  Flight  Condition 
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C.  SAMPLE  CALCULATIONS 

Sample  calculations  illustrating  the  procedures  used  for  estimation 
of  JTF17  system  performance  are  presented  in  cable  6.  Calculations  for 
the  maximum  augmented  sea  level  takeoff  condition  for  both  the  JTF17A-21B 
and  the  JTF17A-21L,  and  for  a  typical  cruise  condition  of  the  JTF17A-21L 
(Mach  2.7  at  65,000  ft)  ate  included. 

The  table  provides  definition  of  parameters  by  both  description  and 
symbol,  and  indicates  assumptions,  and  sources  of  input  information.  Engine 
station  designations  are  shown  in  figure  2,  The  conventions  established 
for  station  designation  in  other  P&WA  twin  spool  engines  have  been  generally 
adhered  to,  and  subscripts  E  and  D  have  been  used  to  differentiate  between 
gas  generator  (engine)  and  duct  flows. 

D.  DEMONSTRATOR  ENGli'E  PERFORMANCE  SUMMARY 

Four  engine  calibrations  at  sea  level  and  one  partial  engine  calibra¬ 
tion  at  altitude  have  been  accomplished.  The  total  engine  running  time 
to  date  is  74.83  hours,  with  19.5  hours  above  2000°F  turbine  inlet  tempera¬ 
ture,  0.59  hours  at  2300°V  T.I.T.,  and  1.65  hours  at  Mach  27.  The  results 
of  the  sea  level  calibrations  are  shown  below. 

Engine  5.61-1  162-1  161-3  161-4 

Thrust,  lb  24,350  36,080  38,750  47,590 

Turbine  Inlet  Temperature,  'F  .1780  2.060  2100  2335 

The  rated  turbine  inlet  temperature  and  design  airflow  have  both  been 
achieved . 

Prior  to  engine  testing,  rig  tests  showed  that  the  high  compressor 
had  a  low  surge  line  and  that  the  turbine  areas  required  to  match  the 
engine  components  correctly  were  larger  than  the  maximum  class  available. 

The  first  three  engine  calibrations  required  both  low  turbine  temperature 
and  bleed  in  order  to  prevent  surge  in  addition  to  the  largest  turbine 
class  available. 

Engine  161-4  incorporated  surge  line  fixes  developed  in  build  5  of  the 
compressor  rig,  lliis  engine  was  operated  at  rated  turbine  temperature  to 
gj.ve  47,550  lb  thiust.  The  high  rotor  ?peed  was  771  low.  Rematch  ir.g  of  the 
turbine  to  increase  high  rotor  speed  at  rated  temperature  will  further 
increase  thrust. 

On  22  July,  2.07  hours  of  heated  inlet  testing,  1,65  hours  of  which 
were  at  an  inlet  condition  simulating  Mach  2.7  cruise  at  65,000  feet  were 
conducted  without  duct  heating.  At  these  conditions  the  maximum  turbine 
inlet  temperature  was  2170  F.  If  this  altitude  gas  generator  perform¬ 
ance  is  combined  with  full-scale  duct  heater  rig  data  ft  is  estimated 
that  the  duct  heater  lit  TSJG  win  be  within  In  of  engine  ratings  at 
cruise  thrust  level. 


All-lb 


Table  6.  JTF17  Cycle  Calculation 


Calculation 

Symbol 

Units 

SLTO 

1 

ALTITUDE 

ALT 

ft 

0 

9 

*4 

MACH  NUMBER 

M 

0 

3 

AMBIENT  TEMPERATURE 

"R 

519 

4 

AMBIENT  PRESSURE 

»\« 

psia 

14.7 

5 

ENGINE  INLET  TOTAL  TEMPERATURE 

Tt* 

°R 

519 

6 

INLET  RAM  RECOVERY 

P,.,  PT./ 

1.0 

7 

ENGINE  INLET  TOTAL  PRESSURE 

1\, 

psia 

14.7 

8 

NORMALIZED  INLET  PRESSURE 

&T* 

1.0 

9 

NORMALIZED  INLET  TEMPERATURE 

1.0 

10 

ENGINE  INLET  CORRECTED  AIRFLOW 

W  AT" 

lb  set 

087 

11 

ENGINE  INLET  AIRFLOW 

VVAT 

lb, Set 

687 

12 

FAN  COMPRESSOR  CORRECTED  ROTOR  SPEED 

NY  y'<Y, 

rpm 

6190 

13 

FAN  COMPRESSOR  ROTOR  SPEED 

N, 

rpm 

6190 

14 

ID  FAN  COMPRESSOR  PRESSURE  RATIO 

PTJ 

2.68 

15 

ID  FAN  COMPRESSOR  EFFICIENCY 

Vr,K 

0.888 

lfi 

OD  FAN  COMPRESSOR  PRESSURE  RATIO 

•V<ll 

2.90 

17 

REYNOLDS  CORRECTION  FACTOR 

Aij 

0 

18 

CORRECTED  OD  FAN  COMPRESSOR  EFFICIENCY 

Vt'ii, 

0.788 

19 

ID  FAN  DISCHARGE  IDEAL  TOTAL  TEMPERATURE 

'  TO.  IIIEAI. 

°R 

687 

20 

ID  FAN  DISCHARGE  TOTAL  TEMPERATURE 

'i  r,. 

"R 

700 

21 

OD  FAN  DISCHARGE  IDEAL  TOTAL  TEMPERATURE 

1 

1  T.tll  IDEAL 

HI 

703 

22 

OD  FAN  DISCHARGE  TOTAL  TEMPERATURE 

T 

x  T3!) 

“R 

752 

23 

BYPASS  RATIO 

BPR 

1.30 

24 

HIGH  COMPRESSOR  INLET  AIRFLOW 

w*1: 

lb  /sec 

299 

25 

DUCT  INLET  AIRFLOW 

WA1> 

lb  set 

388 

2b 

ID  FAN  DISCHARGE  ENTHALPY 

I'  l  ;1  (■; 

But  /lb 

170 

27 

OD  FAN  DISCHARGE  ENTHALPY 

bj...  j  t 

But. ib 

180 

28 

FAN  POWER 

Bin  set 

35500 

29 

ID  FAN  DISCHARGE  PRESSURE 

P-T.K 

psia 

39.4 

30 

ID  FAN  DISCHARGE  NORMALIZED  PRESSURE 

St.tK 

2.68 

31 

ID  FAN  DISCHARGE  NORMALIZED  TEMPERATURE 

A 

1.37 

32 

OD  LAN  DISCHARGE  PRESSURE 

Pr,„, 

psia 

42.7 

33 

OD  FAN  DISCHARGE  NORMALIZED  PRESSURE 

^Tai> 

2.90 

33 

OD  FAN  DISCHARGE  NORMALIZED  TEMPERATURE 

<Y„. 

1  45 

35 

AVERAGE  FAN  PRESSURE  RATIO 

T" 

2.80 

36 

HIGH  COMPRESSOR  INLET  CORRECTED  AIRFLOW 

WAE# 

lb/ set 

no 

37 

HIGH  COMPRESSOR  PRESSURE  RATIO 

I>  p 

“  i  1  T:t»: 

4.31 

38 

HIGH  COMPRESSOR  SURGE  PRESSURE  RATIO 

(I  rtj  PT.,)  Bi  mjt 

5.34 

31- 

REYNOLD'S  CORRECTION  FACTOR 

•H,. 

V 

40 

HIGH  COMPRESSOR  EFFICIENCY 

V>, 

0.859 

41 

HIGH  COMP.  DISCHARGE  IDEAL  TOTAL.  TEMP. 

1  l  (  IIIKAI. 

°R 

1098 

42 

HIGH  COMPRESSOR  DISCHARGE  TOTAL  TEMP. 

tTiK 

“R 

1160 

43 

HIGH  COMPRESSOR  DISCHARGE  TOTAL.  ENTHALPY 

br< 

Btu/lb 

282 

44 

HIGH  COMPRESSOR  POWER 

Btu/set 

33.500 

45 

HIGH  COMPRESSOR  CORRECTED  ROTOR  SPEED 

N../  \/^3 

rpm 

7030 

46 

HIGH  COMPRESSOR  ROTOR  SPEED 

N„ 

rpm 

8220 

47 

HIGH  COMPRESSOR  DISCHARGE  PRESSURE 

PTu; 

psia 

191 

48 

TURBINE:  COOLING  AIR 

tca  \vax 

0.0624 
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>lx>i 

Units 

SLTO 

Cruise 

Source 

ft 

0 

65000 

0 

2.7 

•R 

r«  19 

390 

1962  GEOMETRIC  ATM 

psia 

14.7 

0.83 

1962  (GEOMETRIC  ATM 

°R 

51!) 

954 

£(M) 

1.0 

0.847 

MIl.-E  5008B 

psia 

14.7 

16.3 

l/M,  PT3/1V) 

1.0 

1.11 

1.0 

1.84 

H  Tt.) 

lb /sec 

687 

417 

AIRFLOW  SCHEDULE  1(Tt,) 

lb /see 

687 

31 1 

f('V  AT..  •  ^T  >’  ■) 

»T, 

rpm 

6490 

4140 

11)  FAN  MAP 

rpm 

6490 

5620 

fcVV^W  \/fir2) 

2.68 

1.58 

ID  FAN  MAP 

0.888 

0.898 

ID  FAN  MAP 

2.90 

1.62 

0.5  FAN  MAP 

0 

-0.004 

f( REYNOLDS  NUMBER) 

0.788 

0.808 

OD  FAN  MAP  AND  REYNOLDS  CORK 

j.KAU 

"R 

687 

1081 

K  ANT)  K  GAS  TABLES  i(PT.li;/P,,„  TT2) 

“R 

70!) 

1090 

K’il’lK  '  1  T:iK  IIM  AI,.  Tt,) 

i  >  i :  a  I . 

"R 

703 

1090 

K  AND  K  GAS  TABLES  f(PT.tI,/PT,(  TTa) 

"R 

752 

1120 

((T’iI,1  ^  Tall  ll>KAL»  T-) 

1  30 

1.88 

lb /sec 

299 

118 

1(BPR.VVat) 

ib/sec 

388 

222 

f(BPR.  WAT) 

Btu /lb 

170 

265 

K  AND  K  GAS  FABLES  f(TTlK) 

Bui /lb 

180 

271 

K  AND  K  GAS  TABLES  f(TT3ll> 

Btu  /  see 

35500 

13100 

'A;iIt  bTl..  WA„.  \VA,;) 

psia 

39.4 

25.7 

f(Prj,,/PT,„  PT#) 

2.68 

1.75 

f(PT.o) 

i.37 

2.i  i 

0  1  tsk) 

psia 

42.7 

20.4 

f(‘*Tiu/P T^'  ^ 

2.90 

1.79 

TJB) 

1.45 

2.16 

i(TT,n) 

2.80 

1.61 

f( Pt.sk/ I’t*.  Pt3../Pts.  W4>),  Wab) 

lb /sec 

130 

98.3 

HIGH  COMPRESSOR  MAP 

4.84 

2.92 

HIGH  COMPRESSOR  MAP 

13)  HlUtUfi 

5.34 

8.51 

HIGH  COMPRESSOR  MAP 

0 

0.012 

f( REYNOLD’S  NUMBER) 

0.859 

0.868 

COMPRESSOR  MAP,  (Ajj,..,) 

■1  .11. 

'R 

1058 

1 458 

R  AM)  K  (.AS  FABLES,  f(PT4/PT3,  IX,K) 

'R 

1100 

1510 

'  (  7r_..  T  T.  11, KA  L’  Tt.(K) 

Btu/lb 

282 

372 

'(Tt.,) 

Btu /set 

33500 

12700 

hTjB,  WAK) 

Tu 

rpni 

7030 

5700 

HIGH  COMPRESSOR  MAP 

rpm 

8220 

8270 

HN,/ s/Pt.,.  ftr,) 

psia 

19,. 

75 

Ptub) 

W*K 

0.0624 

0.0566 

I0ENTIAL 


AII-19 


49 

50 

51 

52 
5,4 

54 

55 

56 

57 

58 

59 

60 
61 

62 


62  A 
6.‘i 

64 

65 

66 

67 

68 

69 

70 

71 

72 

73 

74 

75 

76 

77 

78 

79 

80 

81 

82 

83 

84 

85 

86 

87 

88 

89 

90 

91 


Table  6. 


Calculation 

EIGHTH  STACK  SEAL  LEAKAGE 
BLEED  AIR  TO  DRIVE  TURliOPUMP 
PRIMARY  COMBUSTOR  AIRFLOW 
PRIMARY  COMBUSTOR  FUEL  FLOW 
PRIMARY  COMBUSTOR  GAS  FLOW 
PRIMARY  COMBUSTOR  PRESSURE  LOSS 
PRIMARY  COMBUSTOR  DISCHARGE  PRESSURE 
PRIMARY  COMBUSTOR  EFFICIENCY 
PRIMARY  COMBUSTOR  FUEL  AIR  RATIO 
IDEAL  TEMPERATURE  RISE 
PRIMARY  COMBUSTOR  TEMPERATURE  RISE 
TURBINE  INLET  TEMPERATURE 
RATIO  OF  SPECIFIC  HEATS 


GAS  CONSTANT  AT  HIGH  TURBINE  INLET 

HIGH  TURBINE  EFFICIENCY 

HIGH  TURBINE  PRESSURE  RATIO 

HIGH  TURBINE  DISCHARGE  TOTAL  PRESSURE 

HIGH  TURBINE  INLET  AREA 

HIGH  TURBINE  INLET  GAS  FLOW 

LOW  TURBINE  INLET  TEMPERATURE 

LOW  TURBINE  EFFICIENCY 

LOW  TURBINE  PRESSURE  RATIO 

LOW  TURBINE  DISCHARGE  PRESSURE 

LOW  TURBINE  INLET  AREA 

GAS  FLOW  IN  TAILPIPE 

TAILPIPE  TOTAL  TEMPERATURE 

IDEAL  TEMP.  RISE  FOR  HEAT  RELEASE  IN  TAILPIPE 

ACTUAL  TEMPERATURE  RISE 

TOTAL  TEMPERATURE  AFTER  HEAT  RELEASE 

TAILPIPE  EXIT  PRESSURE 

RATIO  OF  SPECIFIC  HEATS  IN  TAILPIPE 

GAS  CONSTANT  IN  TAILPIPE 

TAILPIPE  FLOW  PARAMETER 

TAILPIPE  JET  AREA 

TAI1  PIPE  PRESSURE  RATIO 

PLUG  COOLING  AIR 

DUCT  DIFFUSER  AIRFLOW 

DUCT  DIFFUSER  PRESSURE  LOSS 

TOTAL  PRESSURE  AT  DUCT  HEATER  INLET 

TOTAL  TEMPERATURE  AT  DUCT  HEATER  INLET 

DUCT  FLOW  PARAMETER 

DUCT  DIFFUSER  RATIO  OF  SPECIF  C  HEATS 
DUCT  DIFFUSER  MACH  NUMBERS 
DUCT  HEATER  EFFICIENCY 
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JTF17  Cycle  Calculation  (Continu 


Symbol 

Units 

IBl  Wu 

wA1. 

11)  set: 

ll>  In 

Il»  /set 

I  IV  Pa 

I’,, 

psia 

Vn 

Y  A„ 

AT' 

“R 

AT 

“R 

Tt, 

°R 

y5 

R, 

ft  -  lb,. 
H>M  ~  °1 

VllT 

^Ts/  Pv„ 

I*T# 

psia 

A, 

ft2 

W.«/r 

lb /sec 

T 

*  T,tm 

“R 

Vi.t 

I’  >  P 

‘  r,{.  *  tt 

V 

psia 

A, 

ft2 

Wk..„. 

lb /set: 

T 

J  Tmi 

•R 

A 

“•  1  rr 

°R 

AT,,. 

QR 

T  Ta 

"R 

ed) 


SLTO 

0.00, sl 
0.01 
275 
261001 
282 
0.057 1 
180 
0.990 
0.0264 
1610 
1600 
2760 
1.29 


0.878 1 
2.14 
84.1 
1.1! 
293 
2324  I 
0.893  j 
2.60  . 
32.3 
2.27 
301 
18901 
13901 
19 

1910] 


*  Tu 

R„ 


(VT1 

rA  'q 

Aj  . 

w1(1.,-, 

1-p  /p 

P 

rT»ll 

T 

?TiD 

|Wa/T| 

I  1>A  I 

>4 1. 


4li 
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17  Cycle  Calculation  (Continued) 


Symbol 

Units 

SLTO 

Cruise 

Source 

s  w 

0.008 

0.0068 

mi,  \vu. 

0.01 

0.01 

11)  ./sec 

275 

100.7 

KW«.  T.  A. 

I  ML* 

wri; 

II)  /hr 

20100 

7560 

WK. 

lb/scc 

282 

111.7 

W,K) 

1 

i- 

0.057 

0.070 

psia 

180 

70 

r<!V  i-Pv'P.) 

Vi< 

0.000 

0.000 

PRIMARY 

COM  BUS  LOR  SECTION 

K  A„ 

0.0264 

0.0102 

f(WPK.  W,tl.) 

XT' 

“R 

1610 

1150 

f(F/A.  TTl. 

IVJ 

XT 

‘R 

1600 

1150 

f(A  1.  t/B) 

Tr. 

“R 

2760 

2660 

f(A I .  I  ,,.) 

?» 

h  —  lb,. 
lbu  —  °R 

1.20 

1.30 

K  AN1)  K  CAS  TABLES  f(F/A,  TTs) 

R. 

58.5 

53.4 

f(F/A) 

p/..r 

U.N78 

0.869 

*Vv’  ^t,.i 

2.14 

2.15 

psia 

84.1 

32.4 

A. 

ft 2 

1.11 

1.11 

TURBINE  SECTION 

Vll.T 

lb/scc 

298 

116 

"R 

2824 

2250 

M/I* 

0.803 

0,880 

itv  ^*TI 

2.60 

2.60 

T; 

psia 

32.3 

12.5 

ft2 

2.27 

2.27 

lb /set 

301 

1)8.4 

°R 

1890 

1840 

1  Ti» 

■R 

1  ofin 

J  OJU 

i  or >c» 

1 

rn. 

°R 

19 

6 

f(ATyT|M  ifo) 

Tii 

“R 

1910 

1850 

f(A  I  T|>,  X  X7. 

) 

lit 

psia 

31.7 

12.3 

1.51 

1.32 

K  AND  K  CAS  TABLES  f(F/A.„,  Y-J 

ft  —  lbF 
lbM  ~"R 

53.3 

53.4 

F(F/a7„) 

0.52 

0.52 

f(r„.  p. 

i>>  PaJ|) 

W 

ft* 

5.54 

5.54 

f[(W\/T/i- 

a )k’  "err,  Pt»" 

■  to/ 

2.16 

14.8 

P*m) 

'  ^  Al> 

0,03 

0.03 

"tn 

lb/set 

370 

216 

I( 83  AU.  8SS1I , 

■  Poa) 

V  p 

-i  1  31» 

0.05 

0.068 

i  a 

40.5 

24.6 

f(I  P)  -'P,,.. 

I't.ii,) 

i  41)  __ 

/72X . 

’R 

7.55 

1120 

f(WAI>.  Pp„ 

1  r*U'  "  AK'  ^SSL'  1  r))4 

'a£T 

>V 

0.129 

0.145 

^(^i)rcr'  ^nip  P,w  ^sj1'<t) 

1.30 

1.37 

f(  I  K  AND  K.  GAS  TABLES 

1< 

0.145 

0.16 

IW/T/P.U 

0.911 

0.970 

AUGMENTATION  SECTION 

AII-21 
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Table  6.  JTF17  Cycle  Calculation  (Continued! 


Calculation 

DUCT  HEATER  FHEI.  FLOW 
DUCT  FUEL /AIR  RATIO 

IDEAL  TEMPERATURE  RISE  IN  DUCT  HEATER 
ACTUAL  TEMPERATURE  RISE  IN  DUCT  HEATER 
DUCT  HEATER  EXIT  TEMPERATURE 

GAS  CONSTANT  IN  DUCT 

RATIO  OF  SPECIFIC  HEAT  AT  D/H  DISCHARGE 

PRESSURE  LOSS  FOR  DUCT  HEATER 

DUCT  EXIT  PRESSURE 

DUCT  PRESSURE  RATIO 

DUCT  EXIT  TEMPERATURE 

RATIO  OF  SPECIFIC  HEATS  AT  DUCT  EXIT 

DUCT  FLOW'  PARAMETER 

GAS  FLOW  AT  DUCT  HEATER  EXIT 
GAS  FLOW  AT  DUCT  EXIT 
DUCT  JET  AREA 

GAMMA  CORK.  TO  GAS  GENERATOR  GROSS  THRUST 
GAS  GENERATOR  GROSS  THRUST  PARAMETER  (y=L4) 
GAS  GENERATOR  IDEAL.  GROSS  THRUST  y=  1.4 
GAS  GENERATOR  IDEAL  GROSS  THRUST 
GAMMA  CORRECTION  TO  DUCT  GROSS  THRUST 
DUCT  GROSS  THRUST  PARAMETER  (y  =  1.4) 

DUCT  IDEAL  GROSS  THRUST  (y  =  1.4) 

DUCT  IDEAL  GROSS  THRUST 
TOTAL  IDEAL  GROSS  THRUST 
SECONDARY- TO  PRIMARY  AIRFLOW  RATIO 
GROSS  THRUST  COEFFICIENT  FOR  2%  CORRECTED 
SECONDARY  RATIO 

GROSS  THRUST  COEFFICIENT  FOR  INCLUDING  EFFECT 
OF  TURBOPUMP  AIR 
TOTAL  GROSS  THRUST 
RAM  DRAG 
NET  THR  IT 
TOTAL  FI  .  FLOW 

THRUST  SPECIFIC  FUEL  CONSUMPTION 


Symbol 


^  Ff> 

FA,. 

lb  hr 

AT'd 

"R 

AT„ 

°R 

T 

1  Tai» 

°R 

U 

i  t  -  ib, 

r5i> 

l  r  p 

1  1  TO-  1  i  11 

ibu  -  ■ 

P 

1  TO 

P  P 

1  TO  1  A  \t 

psia 

1  T1> 

iVM 

1  a  D 

"R 

11) /set 

ll>  set 

Aju 

(F,/'V,VTT)  b 

IT 

^sti  1CK.M. 

Ib 

®ir.  tnK.Ai. 

(F  ,/WA/Tt)„ 

Ib 

^bi*  uic.u  y r  - 1.4, 

Ib 

JIiZAL 

Ib 

F 

1  tT  IDEAL 

vvb.'Vvai1 

c. 

Ib 

Ce 

K 

Ib 

Fr 

Ib 

Fnh 

Ib 

Wpr 

Ib/lir 

TSFC„ 

lb/ hr/ 
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vmbol 

Units 

SLTO 

Cruise 

Source 

lt>  /  hr 

81700 

1 1900 

0.060 

0,0153 

1(\V[,1.  W, 

°R 

3.400 

990 

f(F  A„,  TT4U.  PTl[)) 

°R 

2960 

970 

f^  I  '.  Vi>) 

°R 

ft  -  lbr 

3720 

2090 

Tt<d) 

lbM  —  °R 

53.6 

53.4 

M.F/A1>} 

1.25 

1.32 

f(F /  A„.  Tt_„)  K  AM)  K  GAS  TABLES 

‘  4  SI 

0.058 

0.015 

RAYLEIGH  LOSSES 

psia 

38.2 

24.2 

P,„.  FTj) 

2  66 

29.3 

U  *TIr  Pam) 

"R 

3630 

2060 

4  t.-.I).  '';nmi 

'1 

1.26 

1.32 

•(F.  A0,  4  ,-j,)  K  AND  K.  GAS  1  A  BEES 

0.51 

0.52 

tfP.j.!,,  PAU,  >■„.  Ku) 

lb. /see 

402 

220 

'(^  n-  Ww.„.' 

Ib/sec 

414 

226 

f(WCI1.  PCA) 

y— 1.4 

ft-' 

8.64 

1 .009 

5.67 

1.02 

v[  (Wv/T/A,,),,.  WI!I1W1  Tto,  PTB] 

Ur,  Pta/*V,-> 

A-'1 

1.510 

2.50 

U^ts/Pam) 

1  Al. 

lb 

19850 

12700 

'  AL 

lb 

20100 

13000 

y ~  1  A 

1.02 

1.027 

UP:i  Ptd/Pam) 

i  t.K» 

lb 

1,67 

2.68 

•(Pto/Pam) 

vl  y--i.4 

41700 

27500 

ml 

lb 

42500 

28300 

\i. 

lb 

62500 

41300 

‘(F|.-!i  IIiEaM  F. r  i!ir:AT.) 

NOZZLE  SECTION 
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A.  FAN/COMPRESSOR 
1 .  Summary 

The  selection  of  the  compressor  components  of  the  JTF17  engine  was 
strongly  influenced  by  two  considerations  of  importance  to  the  super¬ 
sonic  transport  mission.  First,  to  achieve  th'>  economic  goals  of  the 
SST ,  the  compressor  components  (,r,.d  endin'?;  <  ust  sf  tl  -  acof  advanced 
propulsion  technology.  Secondly',  along  wlv  \  cpt fr  iitution  of  performance, 
the  engine  must  have  chi  possible  d»_  ,  r — e  of  dew’  risit  and 

the  highest  degree  ■>!  rc liability  and  i>  i  fi  jiv-ohi  ’  1  cy .  Jeveiopnier'- 
risk  was  minimized  by  basing  the  co-'por.ftnr  cffti  2ency  to  be  arh^-ved  on 
the  levels  already  achieved  in  commercial  engines  or  on  data  from  existing 
test  rigs.  Compressor  design  features  wl  , ch  enhance  reliability  and 
maintainability  were  evolved  from  airline  ar”!  Mach  3  (plus.)  J58  engine 
experience . 

The  design  of  the  fan/compressor  takes  advantage  ■  f  the  natural 
distortion  attenuation  which  arises  because  the  low  speed  fan  rotor  is 
followed  directly  by  the  high  compressor  operating  at  higher  speed. 

This  arrangement,  which  eliminates  the  low  pressure  compressor  stages 
usually  following  the  fan,  provides  a  twofold  benefit:  in  that  the  high 
speed  rotor  has  good  distortion  attenuating  characteristics  by  virtue  of 
its  relatively  high  speed  and  also  because  if  induces  incremental  ve¬ 
locities  at  the  fan  roots  which  automatically  tend  So  balance  the  effects 
of  distortion.  Matching  of  the  fan  elements  to  prouuce  a  distortion 
attenuating  characteristic.,  even  at  cruise,  has  provided  the  basic  dis¬ 
tortion  tolerance  required  for  high  Mach  number  operation. 

Although  only  a  small  amount  of  development  work  has  thus  far  been 
undertaken  in  this  early  phase  of  the  program,  It  is  notable  that  a  sub¬ 
stantial  portion  of  the  goals  for  the  production  engine  have  already  been 
achieved . 

Both  the  fan  and  high  compressor  have  proved  to  have  the  flow 
capacity  to  meet  design  requirements  including  the  high  flow  transonic 
operating  point.  High  cruise  efficiencies,  important  to  the  mission 
economics,  have  been  demonstrated.  The  high  pressure  compressor  rig 
is  within  1,37.  of  cruise  production  goals  and  already  exceeds  the 
prototype  requirements  at  the  required  surge  margin.  Fan  cruise  effi¬ 
ciencies  (Build  7)  have  been  demonstrated  within  17.  of  the  production 
engine  goal  and  exceed  the  prototype  requirement  at  the  necessary 
surge  margin. 

Testing  has  indicated  high  pressure  compressor  efficiency  at  sea  level 
take  off  (S'  j,  to  be  essentially  at  the  prototype  level  but  higher  surge 
margin  is  needed.  These  data  have  shown  the  problem  to  be  premature  root 
stalling.  Preliminary  tests,  both  single  stage  and  of  the  multistage 
high  compressor,  have  substantiated  the  effectiveness  of  the  corrective 
redesign. 

The  fan  duct  efficiency  at  SLTO  is  within  1%  of  the  prototype  goal 
and  27.  of  the.  production  engine  value.  Improvements  in  both  engine  side 
efficiency  and  fan  surge  margin  at  SLTO  are  required  and  it  is  shown  that 
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both  may  be  met  by  adaptation  of  the  JTF14  fen  design  which  is  very  simi¬ 
lar  and  has  already  demonstrated  the  required  performance  improvements. 

It  Is  noted  that  all  efficiencies  are  actual  rig  values  anti  no  ac¬ 
counting  has  been  nu.de  for  losses  due  to  the  extensive  rig  instrumen¬ 
tation  or  variable  vanes.  These  loss-producing  test  rig  features  are  not 
a  part  of  the  engine  configuration. 

2 ,  Fan 

a.  Fan  Design  Considerations 

Since  the  fan  is  an  important  component  in  setting  the  engine  en¬ 
velope,  the  selection  of  specific  flow  (airflow  per  unit  first  rotor  anulus 
area)  is  of  major  importance.  High  specific  flow,  however,  while  mini¬ 
mizing  fan  diameter  increases  the  axial  Mach  number  and  leads,  in  general, 
to  lower  efficiency.  Experience  with  other  P&WA  fans,  particularly  com¬ 
mercial  fan  engines,  was  used  to  provide  a  balance  between  these  factors 
(figure  1)  and  minimize  the  development  risk.  These  data  indicate  that 
the  efficiency,  herein  normalized  with  the  respective  values  for  each  com¬ 
pressor  at  a  specific  flow  of  40  lb/sec  ft^,  decays  rapidly  as  the  specific 
flow  exceeds  42-4.3  lb/sec  ft^.  Three  of  the  most  significant  oper** ' 
points  in  the  mission  for  which  the  engine  is  intended  are  indicate  "i 
this  experience  curve:  (1)  SLTO, (2>  Transonic  (Max  flow),  and(3)  Mach 
2.7  cruise.  The  wide  difference  between  the  cruise  and  maximum  (transonic) 
specific  flow  is  readily  evident  in  this  figure  and  is  characteristic  of 
high  Mach  number  operation.  (These  diverse  requirements  will  be  discussed 
in  more  detail  in  the  fan/compressor  design  section  of  Report  B.)  The  de¬ 
sign  point  was  selected  to  provide  the  high  efficiency  needed  at  cruise 
without  forcing  the  efficiency  during  transonic  operation  onto  the  sharply 
falling  portion  of  the  band  at  high  specific  flows.  It  can  be  seen  that 
the  JTF17  falls  ia  approximate  center  of  the  experience  band. 


22  20  <‘0  34  36  42  46 
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Figure  I.  Specific  Flow  Comparisons  FD  16958 
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The  design  point  efficiency  and  pressure  ratio  were  primarily  based 
on  P&VA  experience  with  the  high  performance  fan  designed  for  the  JTF14 
engine  and  used  as  the  basis  of  the  JT9D  fan  destined  for  the  Boeing  747 

aircraft.  A  0.6  scale  model  of  this  fan  had  been  tested,  hence  actual 

data  could  be  used  and  an  unusually  high  degree  of  confidence  placed  in 

the  design  goals.  Further,  since  this  fan  represented  a  significant  in¬ 

crease  in  tip  speed  and  loading  over  the  earlier  commercial  engines,  it 
also  included  advances  in  technology  necessary  to  maintain  attractive 
economics  for  the  supersonic  transport.  For  comparison  purposes  the 
following  table  presents  data  from  the  J1F14  fan  tests  closely  correspond¬ 
ing  to  the  SLTO  design  point  of  the  JTF17  fan. 


Average  Rotor 
Pressure  Ratio 
Tip  Speed 
Specific  Flow 
Avg.  Rotor  Adiabatic 
Avg.  Rotor  Adiabatic 
Duct  Side 

Avg.  Rotor  Adiabatic 

Engine  fide 


COMPARISON  OF  FAN  OPERATION 

JTF14 
Rig  Data 

1.72 

1630  ft /sec 
40.2  lb/sec  ft2 
Efficiency  86.27, 

Efficiency  84.87.* 

Efficiency  91 .47* 


JTF17 

SLTO  Design  Point 
1 .74 

1690  t't/soc 
41 .2  lb/ sec  ft^ 
84.87 
81  .27 


91 .17. 


*JTF14  data  reduced  to  the  1.30  bypass  retio  of  the  JTF17.  Actual 
values  of  these  efficiencies  are  higher  ior  the  JTF14  bypass  ratio. 


It  should  be  noted  that  the  JTFI4  data  are  for  an  early  build  of  an 
experimental  fan  rather  than  a  fan  which  has  undergone  extensive  develop¬ 
ment.  The  efficiencies  shown  for  the  JTF17  design  are  for  the  developed 
version  of  this  fan.  Tt  may  be  noted  that  the  JTF17  design  rotor  effi¬ 
ciency  goals  have  been  conservatively  made  less  than  the  already  demon¬ 
strated  efficiency  of  the  JTF14  rig. 


The  specific  flow  of  the  JTF17  fan  was  increased  from  that  of  the 
Phase  II-C  design  value  of  40.1  lb/sec  ft^  (approximately  equal  to  JTF14) 
as  was  the  tip  speed  because  testing  of  the  Phase  II-C  fan  rig  proved 
that  the  high  flow,  high  tip  speed  performance  of  this  fan  exceeded  ex¬ 
pectations.  These  data  are  discussed  in  later  paragraphs  of  this  section. 

The  JTF14  is  also  undergoing  development,  in  a  slightly  modified  form, 
and  will  be  used  in  the  JT9D  engine.  The  similarities  of  these  two  fans 
provide  a  significant  benefit  to  both  development  programs  because  of  the 
interchange  of  information  possible. 

The  JTF17  production  engine  fan  performance  goals  are  shown  on  the 
compressor  maps  in  figures  2  and  3.  Figure  2  indicates  to^al  fan  airflow 
vs  duct  side  fan  pressure,  ratio  and  efficiency  and  figure  j  indicates  engine 
side  airflow  vs  engine  side  fan  pressure  ratio  and  efficiency.  The  re¬ 
quirements  of  the  prototype  engine  fan  differ  from  those  of  the  production 
engine  primarily  In  that  the  efficiency  goals  are  relaxed  at  no  change  in 
fan  total  flow.  The  respective  design  efficiency  goals  are  noted  in  the 
following  table  for  Cruise  ard  SLTO  operation. 
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JTF17  Fan  Design 


• 

Prototype 

Engi ne 

Produc t ion 

Eng i ne 

Cru i se 

si.ro 

Cru  isc 

SLTO 

Duet  Side  Efficiency 

78 .  Tl. 

77.7% 

80.8% 

78.8 

Engine  Side  Efficiency 

06 . 0% 

85.0% 

89.8% 

88.8 

CORRECTED  TOTAL  INLET  PLOW 
wv^/  «t;J  %  SLTO  -  687  lb/sec' 


Figure  2.  JTF17  Fan  Characteristics  -  Duct  Side  FD  16959 
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Figure  3.  JXF17  Fan  Characteristics  -  Engine  Sida  FD  16960 
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b.  Inlet  Distortion  Considerations 

The  fundamental  internal  aerodynamic*.  ,"i  fan  stage  and  a  Lurbojet 
compressor  stage  are  identical;  the  distinction  being  indicative  of  the 
engine  cycle  rather  than  any  basic  aerodynamic  d  I»’t-'-rence  within  the 
turbomachinery .  As  a  consequence,  the  distortion  tolerance  and  perform¬ 
ance  characteristics  of  both  fan  and  'at  stages  are  similar  and  any 
differences  between  the  distortion  t-l.trance  of  the  turbofan  and  turbojet 
engine  arise  from  the  influence  of  the.  cycle  on  the  matching  of  the  stages. 

The  JTF17  benefits  in  this  respect  bo'.,'  because  of  the  versatility  as¬ 
sociated  with  the  dual  discharge  of  th .  f?r  and  because  the  two-rotor 
arrangement  permits  a  rotor  speed  differ  ■>;  ial  to  exist  between  the  fan 
and  compressor.  These  factors  are  discussed  in  the  following  paragraphs. 

An  inherent  advantage  of  the  fan  cycle  arises  because  of  the  fan’s 
dual  discharge  fiov  path.  The  bypass  ratio  (duct  flow/engine  flow)  in¬ 
creases  from  1.3  at  SLTO  operation  tG  1.68  at  cruise.  The  differential 
in  bypass  ratio  is  analogous  to  interstage  compressor  bleed  in  that  both 
enable  the  total  flow  in  the  front  stages  to  be  increased,  preventing 
stall  in  these  stages  and  improving  distortion  tolerance.  The  turbo-fan, 
however,  utilizes  thin  flow  in  the  propulsion  cycle  while  conventional 
compressor  bleed  is  not  beneficially  recovered. 

The  dual  nature  of  the  discharge  also  provides  a  benefit  when  con¬ 
sideration  is  given  to  the  effect  of  perturbations,  generated  within  the 
engine,  on  the  operation  of  the  front  stages.  In  the  case  of  a  turbojet, 
a  flow  perturbation  due  to  a  factor  such  as  a  primary  fuel  flow  transient 
will  effect  the  flow  in  the  front  stages  on  a  one-to-one  basis  as  dic¬ 
tated  by  mass  flow  continuity  in  the  single  flow  path.  The  same  pertur¬ 
bation  in  a  turbofan  primary  burner  will  similarly  effect  the  high 
pressure  compressor.  However,  the  flow  through  the  front  stages  (fan) 

Will  change  by  a  much  lower  percentage  because  the  engine  side  flow  re¬ 
presents  less  than  one  half  of  the  total  flow  through  the  fan.  Since  a 
smaller  surge  margin  is  thus  needed  to  insure  against  Instability  triggered 
internally,  a  greater  amount  is  available  to  provide  inlet  distortion 
tolerance.  The  duct  side  of  the  fan,  by  virtue  of  its  higher  rotational 
velocity,  provides  a  high  degree  of  distortion  attenuation  and  is  a 
stabilizing  influence  on  both  internally  and  externally  generated  pertur¬ 
bations. 

A  third  advantage  attributable  to  the  dual  discharge  flow  path  of  a 
fan  engine  is  the  ability  to  maintain  a  higher  pressure  ratio  at  the  tip 
(duct  side)  than  at  the  root  (engine  side).  This  permits  the  high  work 
potential  of  the  tip  to  be  realized  without  a  commensurate  increase  at 
the  root  which  would  force  it  to  operate  close  to  stall  and  reduce  Its 
distortion  tolerance.  This  aspect  of  distortion  tolerance  is  discussed 
more  extensively  in  succeeding  paragraphs  of  this  section. 
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The  effect  of  these  advantages  of  the  fan  cycle  on  the  distortion  toler¬ 
ance  is  shown  in  figure  4  by  comparison  several  operational  fan  and  jet 
engines.  The  index  used  to  depict  distortion  sensitivity  is  the  ratio  of 
distortion  tolerance  to  surge  margin.  Distortion  tolerance  is  defined  as 
the  value  of  the  parameter  (P^  avg  -  Pt  min)/(l’t  avg)  that  will  make  the 
surge  line  and  operating  line  coincident  at  a  given  percent  of  the  design 
airflow.  Since  engines  may  be  matched  with  different  surge  margins,  the 
distortion , tolerance  is  divided  (normalized)  with  the  surge  margin.  The 
rosul tant  parameter  may  be  viewed  as  the  distortion  that  will  lower  the 
surge  margin  by  one  unit.  The  jet  engines  represented  are  the  J57,  used 
in  the  F-101,  and  the  J75  engine  powering  the  F-1.C5  aircraft.  The  fan 
engines  are  the  TF30-P1  used  in  the  F-lll  and  the  JT8D  and  TF33  powering 
the  Boeing  727  and  B-52H  aircraft.  As  indicated  by  the  shaded  bands  of 
this  figure,  .the  turbofan  engines  have  a  greater  distortion  tolerance 
parameter  by  a  considerable  margin;  almost  2  to  1 .  These  data,  which  were 
obtained  by  impressing  the  same  severe  distortion  pattern  (180-degree  low 
pressure,  180-degree  high  pressure)  on  the  various  engines,  are  a  particularly 
valid  comparison  because  these  compressors  were  designed  using  similar 
methods  and  criteria;  the  major  difference  is  the  engine  cycle.  The  abso¬ 
lute  value  of  the  distortion  tolerance  parameter  is  dependent  upon,  and 
controlled  by,  the  matching  of  the  fan/compressor  stages,  particularly  the 
initial  stages  of  the  engine.  As  is  discussed  in  later  paragraphs  of  this 
section,  these  stages  may  be  matched  to  increase  or  decrease  the  distor¬ 
tion  tolerance,  as  needed  to  tailor  tne  compressor  to  bo£h  the  inlet  and 
aircraft  mission.  The  proper  balance  between  inlet  generated  distortion 
and  engine  distortion  tolerance  must  be  determined  by  economic  and  safety 
considerations  during  the  early  phases  of  compatibility  testing.  The  above 
data  for  turbofan  and  turbojet  engines  reflect  the  comparative  advantage 
of  the  turbofan  cycle  when  similar  design  criteria  are  employed,  rather 
than  an  absolute  limit  for  either  cycle. 


Figure  4.  Comparative  Effect  of  Inlet  Distortion  FD  17918 
on  Turbofan  and  Turbojet  Engines  AIIIA 
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The  design  and  stage  matching  of  a  fan/ comp  lessor  for  either  a  turbo¬ 
fan  or  turbojet  engine  requires  the  proper  balance  between  performance  anti 
distortion  tolerance  to  be  achieved  and  consequently  often  involves  the 
introduction  of  measures  which  compromise  perform-»nct  .  The  particular 
fan/compressor  rotor  arrangement  selected  for  the  J TV  17  provides  a  unique 
feature  which  increases  distortion  tolerance  without  compromising  perform¬ 
ance  . 

This  feature  is  the  placement  of  only  the  fan  on  the  low  pressure 
(N, )  rotor.  This  differs  from  the  arrangement  used  on  current  turbofan 
engines  for  low  (subsonic)  Mach  number  aircraft.  These  engines  require 
a  higher  cycle  pressure  ratio  for  good  fuel  consumption  and  consequently 
have  ’ ow  pressure  compressor  stages  as  well  as  fan  stages  on  the  low 
pressure  rotor.  At  high  Mach  numbers  (above  2.0)  the  corrected  rotor 
speed  of  any  compressor  is  significantly  reduced,  tending  to  move  the 
operating  point  of  the  initial  stages  toward  stall  and  thus  to  reduce 
their  distortion  tolerance.  a  result,  the  fan  roots  and  front  end 

stages  of  the  low  pressure  compressor  are  prone  to  trigger  the  distortion 
induced  surge.  The  JTF17  design  has  the  hip'  compressor  immediately 
downstream  of  the  fan  with  no  intervening  low  pressure  compressor  stages. 
The  high  pressure  compressor  (HPC)  rotates  at  80%  of  its  design  corrected 
rotor  speed  at  cruise  flight  conditions  as  opposed  to  the  65%  at  which 
the  low  pressure  rotor  rotates.  At  these  higher  corrected  speeds  the 
front  stages  of  the  HPC  are  naturally  less  sensitive  to  distortion  and 
consequently  reduce  rather  than  trigger  distortion  induced  instability. 
Furthermore,  since  the  distortion  attenuating  stages  of  the  high  pressure 
compressor  alter  the  static  pressure  field  upstream  to  induce  flow  into 
regions  of  low  total  pressure  (high  distortion)  the  attenuating  high  com¬ 
pressor  stages  will,  in  the  presence  of  inlet  distortion  passing  through 
the  fan,  Induce  flow  and  thereby  Increase  the  distortion  tolerance  of  the 
fan  roots.  In  its  gross  effect,  the  high  pressure  compressor  requires 
the  fan  to  provide  a  specific  value  of  exit  corrected  airclnw.  If  dis- 
tuiLiou  Lends  to  force  the  fan  root  to  lower  airflow  and  ligher  pressure 
ratio,  thus  tending  to  cause  surge,  the  high  pressure  compressor  auto¬ 
matically  Induces  more  flow  by  dropping  the  static  pressure  and  provides 
the  compensating  mechanism  needed  to  keep  the  fan  stable. 

As  has  been  described  in  the  previous  paragraphs,  it  is  the  front 
stages  which  must  be  particularly  designed  to  provide  good  distortion 
tolerance.  During  the  design  phase,  only  the  most  general  and  Incomplete 
knowledge  of  the  type  and  extent  of  the  expected  inlet  distortion  is 
available.  It  is  consequently  not  practical  to  undertake  a  detailed 
and  sophisticated  treatment  of  the.  problem;  however,  since  it  is  in¬ 
evitable  that  a  supersonic  inlet  will  produce  a  distorted  exit  profile, 
the  design  must  Include  a  basic  bias  toward  inlet  distortion  tolerance. 

As  development  proceeds  with  the  selection  of  an  airframe  contractor 
and  further  definition  of  the  inlet  design,  more  extensive  information  on 
the  distortion  will  become  available  making  it  possible  to  start  fan 
component  testing  with  simulated  distortions.  Detailed  measurements  taken 
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during  compatibility  tests  (ref:  Inlet/Engine  Compatibility,  Report  E; 
will  then  make  it  possible  to  determine  if  modifications  are  needed  tc 
provide  additional  tolerance  to  accommodate  the  particular  distortion 
pattern  encountered.  This  phase  of  the  testing  is  particularly  important 
since  it  provides  data  early  during  Phase  III  when  the  design  is  relative¬ 
ly  fluid.  In  addition  to  the  obvious  benefit  of  providing,  if  necessary, 
modifications  to  tailor  the  fan  to  the  particular  distortion  of  concern, 
it  is  also  possible  to  reduce  the  margins  in  regions  where  the  basic  bias 
of  the  design  to  distortion  has  provided  more  tolerance  than  is  necessary. 
In  these  regions  the  performance  may  be  increased  by  elimination  of  the 
excessive  tolerance  margin. 

Basic  distortion  tolerance  is  built  into  the  design  by  consideration 
of  the  effect  of  distortion  on  the  matching  of  the  compressor  stages. 
During  passage  of  a  compressor  blade  through  a  region  of  low  total  pres¬ 
sure  the  inlet  velocity  will  be  reduced  and  the  angle  of  attack  relative 
to  the  blade  increased,  tending  to  stall  the  blade.  The  natural  effect 
of  the  more  highly  loaded  blade  will  be  to  induce  more  flow  and  thus 
mitigate  the  effect  of  the  low  inlet  total  pressure;  however,  this 
tendency  to  maintain  a  constant  inlet  corrected  flow’  is  only  a  partially 
compensating  reaction.  As  a  result  the  blade  must  be  expected  to  undergo 
reductions  in  the  inlet  velocity  (flow)  due  to  the  low  total  pressure, 
tending  to  stall  it  as  shown  below  in  figure  5.  The  undistorted  operating 
point  for  the  stage  is  Indicated  as  point  "A"  and  the  operating  point 
while  in  the  region  of  low  total  pressure  by  point  MB". 


Figure  5.  Stall  Margin  FD  1/529 

AIIIA 

Dependent  upon  the  stabilizing  influence  of  other  parts  of  the  com¬ 
pressor,  such  a  shift  in  operating  point  may  cause  instability  and  surge. 
By  designing  the  stage  to  operate  at  point  "C"  rather  than  "A"  two 
desirable  affects  are  achieved.  First,  the  flow  spread  between  the 
design  operating  point  and  the  "surge"  point  is  increased,  allowing  for 
a  l  er  inril  inlet  depression  before  the  stage  becomes  unstable. 
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Secondly,  the  rate  of  change  of  pressura  ratio  with  decreasing  flow  is 
increased.  This  means  that  the  tendency  for  the  compressor  to  locally 
induce  flow  into  the  region  of  low  total  pressure  and  to  locally  cause 
an  increased  pressure  rise  tending  to  make  the  flow  leaving  the  stage  in 
a  less  distorted  pattern  is  enhanced.  Inis  effect  often  leads  such  a 
stage  to  be  termed  "distortion  attenuating".  The  effect  of  achieving  this 
condition  as  well  as  the  opposite,  "distortion  amplifying",  is  shown 
in  figure  6. 


Ft  inlet  Ft  exit  Ft  inlet  Ft  exit 


Figure  6.  Distortion  Attenuating  and  FD  17528 

Amplifying  Characteristics  AIIIA 

Two  cases  are  depicted  in  figure  6.  On  the  left,  a  stage  matched  to 
be  distortion  attenuating;  and  on  the  right,  one  that  will  amplify  the 
distortion.  It  is  assumed  that  both  are  subjected  to  the  identical 
distortion  pattern,  consisting  of  an  Inlet  pressure  depression  at  ap¬ 
proximately  midspan.  The  operating  points  representative  of  the  sections 
outside  and  within  the  depression  are  depicted  as  A  ar.d  B  respectively. 

In  the  case  on  the  left,  the  section  of  the  blade  within  the  depression 
(E)  is  seen  to  operate  at  -  higher  pressure  ratio  than  those  outside  (A) . 

Thus,  the  total  pressure  profile  leaving  such  a  stage  will  be  more  uniform 
(less,  distorted)  than  that  entering;  hence,  the  term  "distortion  attenu¬ 
ating"  is  applied.  If  this  stage  were  matched  to  point  A  In  the  right 
hand  pressure  ratio  characteristic,  ths  effect  of  the  distortion  would 
be  to  c&usd  a  lower  pressure  ’•atlo  (5)  to  be  produced  by  the  raidspan 
section.  The  effect  on  the  profile  leaving  vould  be  to  increase  the 
inlet  depression  e,s  shown,  amplifying  the  distortion. 

Provision  for  achievement  of  stage  designs  capable  of  "basic"  dis¬ 
tortion  attenuation  requires  great  care  in  high  performance  low  hub-tip 
tstio  compressors  because  of  the  large  difference  between  the  tip  and  root 
rotational  velocities.  This  difference  wakes  it  relatively  easy  to  pro¬ 
vide  the  pressure  ratio  reserve  needed  for  stability  at  the  tip  but  tends 
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to  prevent  the  attainment  of  this  characteristic  at  the  root.  The  concept 
of  the  "warped”  fan,  chat  is,  the  inclusion  by  P&WA  of  a  fan  cycle  having 
a  higher  design  pressure  ratio  on  the  duct  side  than  on  the  gas  generator 
side,  makes  possible  a  new  means  of  satisfying  the  demands  for  high  per¬ 
formance  while  maximizing  the  distortion  attenuating  characteristics  of 
the  entire  blade.  In  this  manner,  the  tip,  running  at  high  speeds,  is 
allowed  to  produce  the  high  pressure  ratio  for  which  it  has  ready  capa- 
,  bility  with  good  attenuation.  The  root  sections  are  not  required  to 

provide  a  balancing  pressure  ratio,  for  which  they  have  poor  capability, 
because  the  flow  path  is  divided  in  the  fan  engine.  The  root,  conse¬ 
quently,  is  matched  to  the  lower  pressure  ratio,  thus  increasing  its 
attenuating  characteristic. 

It  may  be  noted  from  the  foL^’oir.g  discussion  that  the  attenuating 
effect  oJ '  a  stage  on  inlet  distortion  is  measured  by  the  capacity  of  the 
«<■«;»  to  locally  produce  a  compensating  change  in  pressure  ratio.  The 
rate  of  change  of  the  pressure  ratio  coefficient  with  the  flow  coefficient, 
(-cS^/d^)  provides  a  ready  index  to  the  attenuation-amplification  character¬ 
istic  of  the  stage.  A  value  of  zero  indicating  no  change  in  pressure  ratio 
for  a  change  in  flow  represents  the  neutral  point,  neither  amplifying  nor 
attenuating.  Positive  values  indicate  that  a  rise  in  pressure  ratio 
accompanies  e  drop  in  flow,  an  attenuating  characteristic,  negative  velues 
indicate  an  amplifying  characteristic.  Figure  7  indicates  the  values  of 
this  index  when  applied  to  the  JTF17  first  rotor  operating  at  cruise  and 
SLTO,  The  positive  values  in  all  cases  indicate  the  achievement  of  an 
attenuating  characterictic. 


Actual  data  from  TF30  fan-low  pressure  compressor  tests  are  presented 
in  figure  8  It  may  be  noted  that  the  inlet  distortion  pattern  is  a  severe 
circumferential  one  consisting  of  a  180-degree  low  pressure  region.  The 
nonuniformiry  at:  the  far,  discharge  (duct  side)  is  shown  to  be  essentially 
a  radial  gradient,  typical  of  a  compressor  discharge  flow.  The  circum¬ 
ferential  inlet  distortion  pattern  is  virtually  completely  attenuated. 

At  the  exit  of  the  low  pressure  compressor  the  circumferential  distortion 
has  also  been  eliminated  and  the  nonuniformity  is  the  normal  radial  mode. 

The  distortion  tolerance  of  a  fan  or  compressor  has  often  been  judged 
using  the  undistorted  surge  margin  as  the  criterion.  Experience  with 
many  enginec,  including  the  J58  and  TF30,  has  proved  that  this  criterion 
Is  not  completely  adequate.  The  reason  is  that  the  distortion  tolerance 
and  surge  margin  of  a  multistage  compressor  may  be  controlled  by  differing 
portions  of  the  compressor  as  the  rotor  speed,  bleed  rate,  stator  position, 
etc.  are  varied.  As  an  example,  i£  a  compressor  is  being  operated  at  a 
rotor  speed  at  which  the  rear  stages  are  most  influential  in  causing  the 
surge  and  the  frost  stages  are  strongly  distortion  attenuating,  inlet 
distortion  will  be  eliminated  or  substantially  reduced  before  reaching 
the  sensitive  stages  and  thus  little  change  will  be  noted  in  the  surge 
line.  In  a  region  of  operation  where  the  front  stages  are  sensitive,  the 
earns  amount  of  distortion  may  greatly  lower  the  surge  line. 
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Figure  8*  TF3Q  Turbofan  Distortion  Test  of  PD  17855 

Fan/LPC  Combination  -  180-Degree  Inlet  AIIIA 

Diutortion  Screen 
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Generally,  the  overall  effect  of  the  distortion,  which  must  be 
viewed  within  the  context  of  its  spatial  and  transient  nature,  is 
determined  by  how  the  low  energy  rones  affect  the  sensitive  regions 
of  the  compressor  at  each  operating  point.  Introducing  the 
distortion  into  a  region  of  the  compressor  having  great  stability 
will  produce  only  a  small  effect  on  the  surge  line;  while  when 
introduced  into  a  less  stable  region,  the  same  degree  of  distortion 
may  exhibit  a  large  adverse  reaction  on  the  compressor. 

The  usefulness  of  surge  margin  as  an  index  of  the  allowable 
inttrnally  generated  compressor  perturbations  is  unchanged  by 
distortion.  However,  the  surge  margin  must  be  determined  in  the 
presence  of  the  operational  inlet  distortion. 

c.  Phase  II-C  Fan  Performance 

During  Phase  Il-C  exploratory  tests  were  conducted  on  a  variety 
of  0.6  scale  two  stage  transonic  fans  which  are  similar  to  the  fan 
designed  for  the  JTP17  engine.  The  purpose  of  this  test  program  was 
to  investigate  the  effects  of  critical  geometric  variables  on  the 
aerodynamics  of  this  type  of  high  performance  fan  and  thereby  to 
determine  the  development  path  which  will  require  the  least  effort 
during  Phase  III,  These  exploratory  tests  included  investigations 
of  variables  such  as:  stage  work  and  radial  work  distribution,  radial 
incidence  angle  distribution,  splitter  location  and  shape,  shroud 
location  and  shape  and  blade  solidity.  Concurrently,  the  tests 
provided  the  assurance  that  the  fan  performance  was  acceptable  for 
the  demonstration  engines  run  as  part  of  the  Phase  II-C  program. 

The  build  5  fan  data  are  presented  in  this  section  since  they 
are  representative  of  the  Phase  II-C  fan  performance.  The  data  ere 
discussed  relative  to  the  design  goals  of  the  650  lb/eec  engine  fan. 
These  goals  differ  from  those  of  the  JTF17  engine  since  the  latter 
were  altered  to  reflect  performance  increases  attainable  through 
increases  in  airflow  and  pressure  ratio  at  subsonic  flight  Mach  numbers. 
Part  of  this  increase  is  achieved  by  increasing  th*>  fan  outside  diameter 
without  changing  the  case  diameter.  The  remainder  .esulted  from  taking 
advantage  of  the  excellent  high  specific  flow  performance  noted  during 
the  Phase  II-C  testing.  The  principal  objectives  of  the  650  lb/sec 
fan  are  tabulated  below. 

650  lb/sec  Fan  Objectives 


SLTO 

Cruise 

W/02 _ Total 

£ 

650 

392 

«2 

Bypass  Ratio 

1.3 

1.84 

Duct  Side  Preasure  Ratio 

2.7 

1.54 

Engine  Side  Pressure  Ratio 

2.5 

1.50 

Duct  Side  Efficiency 

81% 

?n 

Engine  Sid*  Efficiency 

90% 

69^7, 

Corrected  Rotor  Speed 

6160  rpa 

4000  rpra 
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The  split  discharge  from  the  fan  provides  a  degree  of  control  freedom, 
not  usually  encountered  in  turbojet  engines,  that  Is  directly  related  to 
the  versatile  high  Mach  number  airflow  scheduling  available  to  the  aug¬ 
mented  turbofan.  This  feature  also  makes  the  presentation  of  fsn  data 
more  complex. 


The  overall  performance  data  for  the  fan  are  presented  together  with 
the  respective  650  Ib/sec  goals  (figures  9  and  10)  in  the  form  of  compres¬ 
sor  maps.  These  curves  are  similar  to  the  higher  airflow  JTF1 7  compressor 
maps  discussed  previously  and  show: 

(1)  Total  airflow  versus  the  duct  side  fan  pressure  ratio  and 

(2)  Engine  side  airflow  versus  engine  side  fan  pressure  ratio. 

At  the  SLTO  airflow  and  duct  pressure  ratio  the  required  fan  speed  is 
noted  to  be  17  lower  than  the  design  estimate.  The  duct  adiabatic  compres¬ 
sion  efficiency  is  within  3  efficiency  points  of  the  goal  and  the  57  surge 
margin  is  ample  for  safe  test  stand  engine  operation.  A  large  amount  of 
operational  experience  with  the  J58  engine  at  the  same  (57)  SLTO  surge 
margin  has  been  accumulated.  Matching  the  inner  or  engine  section  of  the 
fan  to  the  high  pressure  compressor  SLTO  design  flow  shows  that  a  bypass 
ratio  of  1.37  has  been  attained  at  an  efficiency  of  807.  This  fan  was 
tested  with  an  exploratory  splitter  intended  to  Increase  the  bypass  ratio. 
The  above  value  reflects  this  increase  and  indicates  the  relative  ease 
with  which  thie  adjustment  in  flow  split  may  be  made. 


Figure  9. 


Fan  Rig  Bui’d  5  Performance  Relative  FD  16972 
to  650  lb/s. c  Engine  Goals  -  Duct  Side  AIIIA 
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Figure  IQ  Fan  Rig  Build  5  Performance  Relative  FD  17537 

to  650  lb/aec  Engine  Goal  AIIIA 

At  the  cruiae  design  airflow  and  duct  side  fan  pressure  ratio,  the  fan 
matched  at  a  rotor  speed  67,  higher  than  the  design  estimate.  The  surge 
margin  at  this  important  point  is  almost  identical  with  the  design  goal 
and  the  efficiency  within  3-1/2  points  of  the  production  engine  goal.  The 
engine  side  of  the  fan  matches  to  the  high  pressure  compressor  cruise  design 
airflow  at  a  pressure  ratio  0.06  greater  than  design.  The  efficiency  is 
3^  points  less  than  the  end ••  detigr.  point,  however.  excellent  control  of 
th«  cruise  efficiency  wsc  demonstrated  during  testing  of  a  later  fan  build 
(Build  7).  This  test  (Build  7)  was  performed  to  explore  the  effect  of  low¬ 
ering  rotor  incidence,  particularly  at  the  root,  and  peak  efficiencies  on 
both  sides  of  the  fan  exceeded  the  cruise  efficiency  goal  by  over  one  point. 

Operation  at  transonic  flight  Mach  numbers  Is  Important  because  of 
the  critical  airirame  drag.  This  fan  demonstrated  excellent  high  specific 
flow  characteristics  in  that  the  required  ,ranaonic  flow  snd  duct  pressure 
ratio,  the  highest  required  for  the  mission,  were  achieved  at  a  rotor 
speed  37.  less  than  the  design  estimate.  Furthermore,  the  efficiency  at 
high  specific  flow  exceeded  the  estimate  based  on  the  experience  curve  (fig¬ 
ure  1)  previously  described.  The  latter  data  are  preaented  together  with 
the  data  from  this  test  in  figure  11.  It  may  be  noted  that  tjie  effi¬ 
ciency  of  thia  build  reaches  s  maximum  at  about  41  lb/aec  ft*,  much  high¬ 
er  than  the  other  fans.  Because  of  this  characteristic  snd  the  favorable 
speed-flow  characteristic  already  noted,  the  SLT0  design  specific  flow  of 
the  JTF17  engine  was  increased  from  the  40.1  value  of  the  Phase  II-C  de¬ 
sign  to  41.2.  The  6Z  duct  surge  margin  at  this  condition  is  algo  adequate 
for  experimental  purposes  and  perhaps  for  flight  testing.  /  A?  previously 
noted,  operation  of  the  J58  engine  with  5T  SLT0  surge  margin  hae  proven 
satisfactory.  The  effect  of  inlet  distortion  on  the  surge  line  in  this 
region  is  not  expected  to  be  larg»  because  the  fan  is  operating  with  its 
greatest  distortion  attenuating  capacity.  In  addition,  the  distortion 
produced  by  the  inlet  diffuser  is  expected  to  be  near  Its  minimum. 
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Figure  II.  Specific  Flow  Comparisons  FD  16964 

AIIIA 

The  excellent  flow  capacity  of  the  fan  is,  in  part,  duo  to  results 
of  the  exploratory  tests  conducted  early  (builds  1  and  2)  in  Phase  XI-C. 
These  data  showed  that  the  cross-sectional  shape  and  size  of  the  shrouds 
had  an  important  (4%)  effect  on  the  flow  capacity. 

The  SLTO  design  speed  stage  performance  of  the  individual  two  fan 
rotors  is  shown  in  figure  12  along  with  the  650  lb/sec  engine  SLTO  de¬ 
sign  points.  These  data  indicate  that  the  first  rotor  pressure  ratio 
characteristic  closely  matches  the  goal  and  does  not  exhibit  a  peaking 
tendency;  however,  its  efficiency  is  approximately  4  points  leas  than 
its  goal.  The  second  rotor  pressure  rise  characteristic  has  exceeded 
the  design  point.  The  efficiency  of  this  stage  is  seen  to  be  at  or 
slightly  above  its  goal.  Modifications  to  the  first  rotor  to  improve 
its  performance  will  be  discussed  later  in  this  section. 

d.  650  lb/sec  Fan  Performance  Relative  to  JTF17  Prodpjction  Resign 

Although  the  650  lb/sec  fan  design  goala  are  not  identical  with  those 
of  the  JTFl?  production  design,  the  performance  already  demonstrated  doea 
provide  a  useful  base  line.  In  this  comparison,  figure  13  and  14,  the 
flow  of  the  0.6  scale  ian  rig  tested  during  Phase  II-C  was  scaled  to  the 
engine  aize  (total  fan  airflow  of  the  687  lb/sec)  in  proportion  with 
their  respective  first  rotor  annulus  areas. 

(1)  Flow  Rate 

As  has  already  been  noted,  the  important  SLTO  and  Transonic  design 
specific  flows  for  the  JTF17  engine  were  set  equal  to  the  alteady  demon¬ 
strated  fan  rig  values.  A  high  degree  of  confidence  is  thus  placed  on 
their  achievement. 
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Figure  12.  Fan  Stage  Performance  -  Build  5  FB  16965 

AIIIA 
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CORRECTED  TOTAL  INLET  FLOW, 
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Figure  13.  Fan  Rig  Build  5  Relative  to  JTF17  Goals  FD  16966 
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Figure  14.  Fan  Rig  Build  5  Relative  to  JTF17  Goals  FD  16967 
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(2)  Bypass  Ratio 

The  bypass  ratio  requirements  of  the  engine  are  substantially  un¬ 
changed  from  650  lb/sec  engine  levels.  As  has  been  noted  earlier,  rig 
testing  has  shown  that  minor  modifications  to  the  fan  flow  splitter  can 
provide  substantial  changes  in  bypass  ratio.  The  already  demonstrated 
vaviatiou  of  from  aunrox ima ce iy  1.2  to  1,4  bracKets  the  engine  SLTO 
design  value  of  1.3. 

(3)  Surge  Pressure  Ratio 

The  SLTO  design  point  of  the  JTF17  fan  differs  from  that  of  the 
650  lb/sec.  fan  in  both  speed  and  pressure  ratio  as  shown  in  the  following 
table: 

Comparison  of  SLTO  Fan  Design  Points 


Duct  Side 
Pressure  Ratio 


650  lb/sec 
JTFl  7 


Engine  Side  Rotor 

Pressure  Ratio  Speed 

2.5  6160 

2.68  6493 


Scaling  of  the  650  lb/sec  engine  pressure  rise  to  higher  rotor  speed 
using  the  ratio  of  the  squares  of  the  rotor  speed  yields  the  following 
comparison: 

SLTO  Fan  Design  Points  at  Normalized  Rotor  Speed 


Duct  Side 
Preaaure  Ratio 
650  lb/sec  2.88 

JTFl 7  2.90 


Engine  Side 
Pressure  Ratio 
2.66 
2.68 


KUWi/ 


CONRBENM 


F*r«tt  A  Whitney  Aircraft  CONFIDENTIAL 

PWA  FP  66-100 
Volume  111 

It  rosy  be  noted  above  that  the  major  part  of  the  required  Increase  in 
pressure  ratio  is  accounted  for  by  the  higher  rotor  speed. 

It  becomes  apparent  then,  that,  a  major  consideration  is  the  achieve¬ 
ment  of  not  only  the  increased  fan  work  needed  at  SLTO  design,  but  of  the 
required  duct  surge  pressure  ratio  (3.14).  It  lias  been  shown  (figure  1 2 j 
that  the  Eirst  rotor  has  demonstrated  greater  pressure  ratio  capability 
relative  to  its  design  point  than  lias  the  second  stage.  Further,  increases 
In  first  rotor  work  have  been  demonstrated  with  two  different  rotors  dur¬ 
ing  tests  of  builds  3  and  7.  These  factors  suggest  that  the  desired  duct 
surge  pressure  ratio  may  best  be  sttained  by  increasing  the  loading  of  the 
first  rotor.  The  pressure- flow  characteristics  of  the  build  5  fan  are  pre¬ 
sented  in  figure  15  with  the  revised  SLTO  design  points  normalised  to  the 
rig  speed. 


Figure  15.  Fan  Stage  Performance  Rig  Build  5  FD  16968 

and  JTF14  AII1A 

As  in  the  previous  discussion  where  individual  stage  performance  was 
compared  with  650  lb/fiec  engine  goals  it  is  shown  that  the  second  stage 
(first  stator-second  rotor)  has  demonstrated  the  required  design  pressure 
ratio  coefficient  (0.585),  Further,  at  the  design  pressure  ratio,  the 
stage  has  additional  pressure  ratio  to  provide  surge  margin  for  the  fan. 
The  flow  capacity  is  larger  than  required  as  evident  by  the  rightward 
displacement  of  the  data  from  the  design  point.  The  first  stage  lacks 
the  needed  surge  margin  and  actually  has  a  peak  pressure  rise  (^i) 
slightly  less  than  design.  The  JTF14  first  rotor  actual  test  data,  also 
shown,  on  the  scale  of  the  JTF17  (in  figure  15)  does  have  the  ability  to 
attain  the  design  point  with  additional  capacity  to  provide  surge  margin. 

The  similarities  in  the  operational  requirements  of  these  two  rerors 
have  already  been  noted  (r*i.  Section  III,  Part  A. 2, a). 
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The  duct  surge  pressure  ratio  has  been  estimated  for  a  fan  combining 
the  character ist ics  of  these  two  available  elements;  namely,  the  JTF14 
first  rotor  and  the  existing  second  stage.  Since  the  bypass  ratio  of 
the  .ITF14  was  very  different  from  that  of  the  JTF17  ft  was  necessary  to 
account  for  this  in  reducing  the  radial  pressure  ratio  data  of  the  .1TF14, 
The  resultant  duct  side  pressure  ratio  characteristic  is  shown  in  figure 
16  along  with  the  duct  side  characteristic  of  the  build  5  second  stage 
(including  the  fan  exit  guide  vane).  The  characteristics  have  been  matched 
to  the  JTF17  production  engine  design  flow  and  to  each  other.  The  duct 
speed  line  and  surge  point  mathematically  generated  from  these  stage  data 
is  shown  on  a  portion  (SLTO)  of  the  JTF17  design  map  in  figure  17.  It  is 
shown  that  these  two  experimental  stages  have  combined  to  provide  the  char¬ 
acteristics  needed  to  achieve  the  SLTO  design  pressure  ratio  of  2.90  with 
the  required  surge  margin. 


It  has  been  shown  that  the  surge  margin  of  the  build  5  fan  at  cruise 
was  almost  identical  with  the  design  goal.  The  small  increase  in  surge 
margin  desired  for  the  JTFl'7  design  is  expected  to  accompany  the  modifica¬ 
tions  discussed  above  in  connection  with  the  attainment  of  the  SLTO  surge 
margin. 
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Figure  16.  Fan  Stage  Characteristics  -  Duct  FD  16969 
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(4)  Efficiency 
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Build  5  of  the  fan  rig  has  demonstrated  the  duct  efficiency  required 
for  the  production  engine  within  2%  at  SLTO  and  slightly  exceeds  that  of 
the  transonic  operating  point.  High  root  efficiency  has  also  been  ob¬ 
tained  from  the  JTF14  fan  rotor  which  is  similar  to  the  JTF17  with  the 
principal  exception  of  the  gap/chord  ratio.  This  similarity  has  been 
noted  earlier  in  this  section  and  pertinent  design  ciiteris,  including 
the  efficiency  uaca,  tabulated  for  comparative  purposes. 

Because  of  the  excellent  demonstrated  performance  cf  the  JTF14  fan, 
an  experimental  rotor  for  the  JTF17  has  been  designed  using  the  same 
principles.  Investigation  of  the  performance  of  this  rotor  is  expected 
to  begin  late  in  Phase  II-C  or  early  in  Phase  III. 

Throughout  any  discussion  of  fan  (or  compressor)  rig  performance  it 
must  be  remembered  that  the  rig  and  engine  are  not  identical  machinery. 
The  rigs  are  heavily  instrumented  and  have  added  structural  members. 

The  fan  rig  from  which  these  data  were  generated  contains  in  addition  to 
twelve  structural  inlet  vanes  (not  part  of  the  engine  design),  6  inlet 
pitot-static  probes f  78  kiel  type  total  pressure  and  temperature  instru¬ 
ments  on  the  vane  leading  edges  which  increase  losses.  Further  inef¬ 
ficiency  is  generated  by  the  variable  vanes  in  both  stages  (64  first 
stators,  77  second  stators,  and  154  fan  exit  guide  vanes)  which  cannot 
have  the  engine  type  airfoil  at  either  their  roots  or  tips  because  of 
the  necessary  clearance  to  allow  movement  and  expansion.  No  accounting 
has  been  included  for  these  factors  although  experience  has  shown  en¬ 
gine-rig  differences  in  the  range  of  1.7  to  4.5  percent  in  efficiency. 
The  exact  value  can  only  be  determined  by  testing  of  the  aerodynamical ly 
clean  engine  configuration. 
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The  cruise  efficiency,  highly  important:  £n  obuhnlt^  low  TSFC ,  h*s 
been  found  to  be  sensitive  to  the  rotor  incidence  t.egle,  based  on  tests 
of  the  7th  fan  build.  This  build  included  rotors  with  overcambered 
leading  edges,  particularly  at  the  root.  This  efficiency  vise  is  shown 
in  figure  18  relative  to  the  production  engine  design.  As  ftiicwu  oil 
figure  18  the  cruise  efficiency  was  to  within  17.  of  the  goats  and  the 
peak  efficiency  actually  exceeded  the  JTF17  goals. 
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Figure  IS,  Comparison  of  Fa:.  ‘Rig  Cruise  Efficiency  -  FD  16972 
and  JTF17  Production  Engine  Goals  AIIIA 
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The  flow  of  the  fan  rig  described  exceeds  the  goal  of  both  the 
prototype  and  production  engines.  The  fan  duct  efficiency  is  within 
1%  of  that  required  for  the  prototype  engine  at  both  cruise  and  SLTC. 

The  demonstrated  engine  section  efficiency  at  SLTO  is  approximately 
3  points  less  than  the  goal  »>nd  at  t  uise  the  efficiency  is  approximately 
1-1/2%  low.  Both  these  efficiencies  as  well  as  the  required  SLTO  surge 
margin  are  to  be  achieved  primarily  through  modifications  of  the  firrt 
rotor  to  bring  iti,  performance  to  the  levels  already  demonstrated  in  the 
.H'.Vi 4  engine  fan.  Modified  versions  of  the  650  lb/ sec  fan  have  demon¬ 
strated  both  duct  and  engine  cruise  efficiencies  exceeding  the  prototype 
reqoirtftcents  by  approximately  1  and  3  points,  respectively. 
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Perfonoar.ee  data  obtained  during  Phase  II-C  have  already  den.onstratt.-d 
five  flow  needed  for  both  production  and  prototype  fan  engines,  including 
tire  swix imttffi  requirement,  at  th«  transonic  operating  point.  At  the  latter 
point  the  fan  duct  efficiency  slightly  exceeds  the  product, ion  engine  goal 
while  fit  the  £  TO  point  it  is  within  2%  of  the  goal  and  within  1%  of  the 
-  ^requirement  of  the  prototype  engine.,  Tire  cruise  efficiency  requires  37. 
improvement  to  reach  its  u.l Ljpsate  goat,  but  is  now  within  17,  of  the  proto¬ 
type  requirement. . 
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Engine  side  fan  efficiency  must  be  raised  3  points  at  SLTO  and  IV 
points  at  cruise  to  attain  prototype  requirements..  Rig  testa  have  dem¬ 
onstrated  that  leading  edge  modifications  raise  cruise  efficiency,  both 
duct  and  engine,  to  within  \%  of  the  production  engine  level  arid  several 
points  above  the  prototype  level. 


Additional  root  efficiency  has  been  demonstrated  by  the  JTF14  fan 
which  has  also  demonstrated  the  high  pressure  ratio  required  to  produce 
the  surge  margin  of  the  JTF17  design.  This  type  of  fan  has  been  included 
in  the  fan  development  program. 

Accomplishment  of  the  production  engine  fan  performance  goals  is  ex¬ 
pected  from  the  above  changes  and  elimination  of  rig  configuration  extra 
structural  vanes.,  large  quantities  of  instrumentation,  and  variable  stators. 


3.  HIGH  PRESSURE  COMPRESSOR 

a.  High  Pret.  v  Compressor  Design  Point 


The  geometry  selection  of  a  high  pressure  compressor  io  more  strongly 
influenced  by  efficiency,  weight,  and  length  and  less  by  specific  flow 
considerations  than  is  the  far..  This  arises  because  the  compressor  is 
not  as  influential  aa  the  fan  in  the  determination  of  the  engine  envelope 
and  thus  the  specific  flow  tnay  be  lower.  The  high  pressure  compressor 
also  need  not  be  designed  to  accept  as  great  a  circumferential  pressure 
distortion  as  the  fan  since  it  benefits  from  the  distortion  attenuation 
provided  by  the  fan  and  the  mixing  which  occurs  within  the  passi-g::  between 
the  fan  and  high  compressor  face.  Data  from  TF30  engine  fan  tests  with 

/  pt  max  "  pt  nin  \ 

inlet  distortion  amounting  to  L6.1,?  ( - - - - - —  )  show  that  the 

'  "t  avg  ' 

circumferential  distortion  is  reduced  to  7, 
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-- 
W  /«  \J  i. 
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leaving  that  portion  of  the  fan  feeding  the  hi^h  pressure  compressor. 


Hie  high  compressor  distortion  tolerance  requirements  are  also  re¬ 
duced  due  to  the  twin  spool  compressor  design  employed  in  the  JTF17.  This 
arrangement  enables  the  high  compressor  to  be  operated  at  a  higher  per¬ 
centage  of  design  corrected  rotor  speed  than  is  possible  if  a  single 
shaft  were  used.  The  natural  result  of  the  higher  rotor  speed  operatior 
is  to  provide  strong  distortion  attenuation  in  the  front  of  the  high  com¬ 
pressor,  thus  protecting  the  rear  stages  which  are  the  ones  controlling 
the  surge  line  at  high  speeds.  This  strong  distortion  tolerance,  in¬ 
herent  in  n  two-spool  engine,  is  beneficial  not.  only  within  the  high 
compressor  but  also  provides  a  stabilizing  influence  on  the  fan.  This 
occurs  because  the  high  pressure  compressor,  operating  at  relatively 
higher  rotor  speed,  requires  a  nearly  constant  volume  flow  from  the  fan 
and  as  a  result,  resists  the  tendency  of  distortion  to  locally  force 
the  fan  root  toward  its  surge  line. 


The  establishment  of  realistic  overall  performance  levels  is  in¬ 
sured  by  using  other  P6WA  high  pressure  compressor  performance  data, 
particularly  those  of  commercial  engines,  ns  a  l  asis  and  by  tempering 
these  data  in  accordance  with  experience  from  military  and  research 
compressors.  Presented  in  the  following  table  are  representative  data 
from  several  of  these  high  pressure  compressors  together  with  the  de¬ 
sign  point  for  the  JTF17  production  engine  compressor. 
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Specific  Flow 

Avg.  Stage 

Poly  tropic 

Corrected 

Engine 

lb /sec  ft^ 

Pressure  Ratio 

Efficiency 

Tip  Speed 

JTSD 

39,9 

1.216 

88.4 

1060 

JT3D 

32.9 

1.176 

87.5 

1170 

TF30 

32.9 

1.167 

86.7 

1170 

J56' 

38.0 

1.26 

86.5 

1140 

JTF17 

36.5 

1.30 

88.7 

1160 

^Denotes.  seven  high  pressure  stages  of  single  spool  compressor. 

Consideration  of  these  data  readily  reveals  that  the  specific  flow 
*md  tip  speed  are  conservative  and  well  within  acceptable  limits.  The 
average  pressure  ratio  is  higher  than  the  older  commercial  engines  but 
is  close  to  the  1.278  demonstrated  with  the  JTT14  high  pressure  com¬ 
pressor. 

The  benefits  of  reduced  weight,  length,  and  number  of  blades,  vanes, 
and  disks  snake  the  reduction  of  compressor  stage  axial  length  end  number 
of  stages  attractive ,  The  chord  length  of  the  high  compressor  has  been 
taede  less  than  older  compressors  to  achieve  these  benefits.  The  result¬ 
ant  average  span-chord  ratio  is  presented  in  figure  17  with  the  design 
polytropic  efficiency  and  relevant  data  for  other  compressors. 

Since  concurrent  attainment  of  high  efficiency  and  stage  pressure 
ratio  are  the  primary  goals  of  the  compressor  development,  selective 
increases  in  blade  and  vane  chord  may  become  necessary.  The  JTF17 
design  has,  therefore,  been  provided  with  sufficient  high  compressor 
axial  length  to  decrease  the  average  span-chord  ratio  to  2.13  as  in¬ 
dicated  by  the  band  in  figure  19. 


Figure  19.  Poly tropic  Efficiency  vs  Span  Chord 
|  Ratio  for  High  Pressure  Compressors 
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The  peek  polytropic  efficiencies  of  these  compressors  at  rotor  speeds 
equivalent  to  the  JTF17  high-ieompressor  at  the  cruise  operating  point  are 
tabulated  below: 

Engine  JT8D  JT3D  TF30  J58  JTF1 7 

Cruise  Poly-  88.3  88.0  86.7  88.2  88.7 

tropic  Eff. 

As  in  the  case  of  the  SLTO  design  point,  the  efficiency  of  the  JTF17 
is  closely  (0.4%)  the  same  as  that  of  the  JT8D  HPC. 

The  performance  map  for  the  production  JTF17  engine  high  compressor 
Is  presented  in  figure  20  including  the  effect  of  the  variable  inlet  guide 
vanes  on  the  characteristics.  Noted  on  the  map  are  the  points  correspond¬ 
ing  to  take-off  and  cruise  at  standard  conditions.  The  surge  margins  at 
these  two  operating  points  are  17%  and  30%  respectively,  providing  large 
margins  for  operating  point  perturbations  and  acceleration. 


Figure  20.  Estimated  JTF17  High  Pressure  Compressor  FD  16952 
Performance  AIIIA 

The  efficiency  and  pressure  ratio  expected  of  the  prototype  engine 
compressor  are  less  than  that  of  the  production  engine  to  account  for 
progress  during  development.  These  differences  are  tabulated  as  follows: 

High  Pressure  Compressor 
Prototype  Engine  Production  Engine 


Cruise 

SLTO 

Cruise 

SLTO 

Efficiency 

81. OX 

82.  OX 

86. 8X 

85. 9X 

Pressure  Ratio 

2.81 

4.73 

2.92 

4.84 
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b.  650  lb /sec  Engine  HPC 

Representative  data  for  the  fuj l-scale  high  compressor  tests  during 
Phase  1I-C  are  presented  in  this  section  and  are  reviewed  within  the 
context  of  the  requirements  of  the  production  and  prototype  engine. 

The  compressor  tested  during  Phase  II-C  (650  lb./sec  engine)  was  de¬ 
signed  for  a  slightly  lower  pressure  ratio  (4.77)  than  is  required  for 
the  JTF17  (4,84).  In  other  respects  the  design  goals  are  substantially 
the  same.  Since  the  unit  was  intended  for  development  purposes  an  addi¬ 
tional  degree  of  versatility  was  provided  by  making  both  the  third  and 
seventh  stators  variable  in  addition  to  the  inlet  guide  vane.  The  com¬ 
pressor  was  also  heavily  instrumented  to  provide  the  measurements  neces¬ 
sary  for  internal  compressor  stage  analysis. 

The  initial  series  of  tests  of  the  high  pressure  compressor  rig 
consisted  of  five  builds,  starting  with  the  "as-designed'  compressor 
and  ending  with  a  test  to  determine  the  performance  effec  ts  of  stator 
modifications.  In  the  following  paragraphs:  (1)  the  purpose  of  this 
test  aeries  is  described  and  the  major  findings  briefly  noted,  and  (2) 
the  results  and  conclusions  of  the  last  test,  including  the  stage  per¬ 
formance,  are  described  in  detail  as  being  representative  of  current 
Phase  II-C  levels. 

Testing  of  the  first  high  compressor  build  "as-designed"  was  limited 
by  high  stresses  and  subsequent  blade  failures  which  was  corrected  in 
later  builds  by  changing  the  scheduling  of  the  variable  vanes.  It  was 
determined  that  the  middle  stages  of  the  compressor  did  not  have  the 
desired  operating  range  and  as  a  result  the  surge  line  of  the  compressor 
was  not  satisfactory.  A  strong  tendency  for  the  streamlines  to  shift 
toward  the  compressor  OD  in  the  middle  stages  was  noted. 

For  the  second  test,  the  compressor  was  rebuilt  with  sealed  blade 
roots  to  reduce  recirculation,  without  provision  for  flow  recirculation 
through  the  bore  and  into  the  gas  path  at  the  3rd  stage  leading  edge,  and 
with  aerodynamically  more  efficient  struts  in  the  intermediate  case  ahead 
of  the  compressor.  The  surge  line,  although  slightly  improved,  was  unsat¬ 
isfactory  for  the  reasons  noted  for  the  first  build,  although  the  radial 
flow  distribution  was  somewhat  improved. 


The  third  test  was  conducted  using  the  same  configuration  but  simulat¬ 
ing  the  fan  discharge  profile  at  the  high  compressor  inlet.  The  profile 
had  no  measurable  effect  on  the  performance  or  surge  line.  It  was  also 
evident  that  the  thermal  efficiency  of  the  compressor  was  quite  good,  par¬ 
ticularly  so  early  in  its  development. 


Based  on  the  previous  tests,  the  4th-r.es t  was  conducted  with  the  stator 
roots  at  the  IGV,  3rd-,  and  4th-stages  (stage  numbering  convention:  stages 
1  and  2,  ftn,  ;  J.J'ges  3  through  8,  KPC)  locally  overcambered  to  change  the 
radial  flow  distribution.  The  stators  of  the  fifth  and  sixth  stages  were 
overcambered  to  increase  the  work  ■  f  the  succeeding  stages.  The  surge 
pressure  ratio  at  design  speed  was  Increased  by  six  percent.  A  marked 
increase  in  the  root  flow  at  the  fifth  stage  was  also  evident,  which  is 
considered  to  be  the  primary  season  for  the  improved  overall  surge  pres¬ 
sure  ratio. 
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The  fifth  (final)  baild  of  this  test  series  differed  from  the  fourth 
build  in  the  third,  fifth,  and  sixth  stages.  A  new  3rd-etnge  blade  having 
part  span  shrouds  was  Introduced  to  reduce  stresses  in  this  rotor.  The 
blade  geometry  was  changed  to  compensate  for  the  effect  of  the  shroud. 

The  roots  of  the  fifth  and  sixth  stators  were  overcambered  similar  to  the 
first  three  stators  to  further  influence  the  radial  flow  distribution. 
Overall  performance  data  for  this  modified  version  of  the  initial  design 
are  presented  in  figure  21  for  two  combinations  of  the  variable  stator 
vanes . 


Figure  21.  High  "iet>aur*'  Compressor  With  650  Ib/sec  FD  16953 
Engine  Design  Goals  AIIIA 


At  the  cruise  operating  point,  the  flow  was  equal  to  that  required 
within  1%,  and  the  surge  line  was  virtually  Identical  with  the  goal. 

The  cruise  efficiency  at  this  stage  of  the  development  is  85. 5X  relative 
to  a  goal  of  86X.  The  achievement  of  this  efficiency  is  &  major  milestone. 

The  flow  at  the  SLTO  design  speed  exceeds  that  required  by  approxi¬ 
mately  1  lb/sec.  Earlier  tests  had  shown  even  higher  flows  (build  4, 

134  Ib/sec)  could  be  achieved  by  opening  the  variable  1GV  and  third  stator. 
If  required.  In  spite  of  the  numerous  stator  modifications  which  produce 
poor  airfoil  contours  and  also  the  high  diffusion  load  they  place  on  the 
rotor  root  leading  edge,  the  compressor  efficient''  "emained  relatively 
high  (81. 8X).  The  combined  achievement  of  both  the  .1  flow  and  an 

excellent  efficiency  for  the  Initial  compressor  teat>.  >*Jirm  the  soundness 
of  the  design. 

The  aerodynamic  effect  of  the  further  stator  overcamber  and  the  shrouded 
3rd**stage  rotor  was  primarily  to  increase  the  surge  pressure  rstio  to  4.75 
at  design  speed,  an  increase  of  approximately  12%  from  the  third  build. 

This  substantial  increase  in  surge  pressure  ratio  (0.5)  at  the  SLTO  speed 
is  highly  desirable  and  was  a  primary  objective  of  the  test.  A  more  impor¬ 
tant  result  is  that  the  test  proved  that  >he  control  of  the  flow  In  the 

AXIIA-26 

CflfKNTUL 


Pratt  ft  Whitney  Pircraft 

PWA  FP  66-100 
Volume  III 

root  region  could  produce  immediate  and  dramatic  increases  in  surge  pres¬ 
sure  ratio.  This  fact  is  the  key  tc  development  of  this  compressor.  The 
review  of  the  stage  performance  which  follows  indicates  the  areas  where 
the  necessary  improvement  may  be  attained. 

Extensive  instrumentation  within  the  stages  of  the  high  compressor  rig 
has  allowed  detailed  determination  of  the  stage  pressure  rise  and  temper¬ 
ature  rise  characteristics.  These  stage  data  are  presented  in  figure  22 
for  all  high  compressor  stages  in  the  form  of  curves  of  adiabatic  stage 
efficiency  (nc)  and  pressure  ratio  coefficient  (ib)  plotted  against  the 
flow  coefficient  ($) .  For  simplicity,  only  those  data  at  the  SLTO  design 
speed  are  shown  with  the  Phase  11-0  design  goals  for  each  stage. 


If 00 

V 


S  60 


&  0.2 


IX  X 


1  ' 


X  SLTO  Design  Point 


3rd  Stage 


-4th -Stage 


\  \  I  Stage 

_ A  \-6th •  Stage _ 

*-  7th  -  Stage 

■  flth  Stage  |  j 


60  80  100  120  140  160 


Figure  22.  High  Pressure  Compressor  Stage 
Characteristics  at  SLTO  Speed 
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The  pressure  coefficient-flow  coefficient  data  for  the  third  stage 
demonstrate  that  the  design  point  pressure  ratio  and  flow  have  been  read¬ 
ily  achieved  at  an  efficiency  exceeding  design  expectation.  The  charac¬ 
teristics  of  the  fourth  stage  are  similar  to  the  third  and  it  has  sub¬ 
stantially  achieved  the  design  pressure  ratio,  flow,  and  efficiency. 

During  testing  the  performance  of  these  stages  was  modified  through  use 
of  the  variable  stators  showing  that  the  flow  could  be  altered  as  required. 


Stages  five  through  seven  exhibit  similar  characteristics  and  may  be 


considered  together.  These  stages  have  maximum  pressure  ratio  capability 
approximately  equal  to  their  design  values  and  flow  capacities  signifi¬ 
cantly  exceeding  design.  A  portion  of  this  excess  flow  capacity  was 
introduced  by  the  stator  modifications  primarily  intended  to  improve  surge 
pressure  ratio.  The  pressure  coefficient  characteristic  shows  a  stall 
tendency  as  noted  In  the  sixth  and  seventh  stages.  Although  the  fifth 
stage  characteristic  does  not  exhibit  this  tendency  it  is  believed  to  be 
latent.  The  earlier  compressor  builds  did  exhibit  a  stalling  fifth  stage 
which  was  suppressed  by  the  stator  modifications  and  resulted  in  the 
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surge  line  improvement  between  the  third  and  fifth  builds.  The  stage 
efficiencies  are  less  than  required,  particularly  the  fifth  and  sixth. 

The  characteristics  described  are  not  uncorrmon  to  compressor  stages  of 
large  span-chord  ratio  and  are  primarily  the  result  of  departures  from 
two-dimensional  flow  along  the  root  boundary.  The  JTF14  HPC  which  also 
had  high  span-chord  ratio  blading  produced  data  pertinent  to  this  problem 
leading  to  modifications  of  the  design  techniques  to  overcome  the  problem 
in  the  design  of  the  JT9D  HPC.  These  techniques  which  include  higher 
root  and  tip  work  levels  and  negative  design  incidence  angles  have  been 
Included  in  the  design  of  the  JTF17  HFC  and  experimental  parts  are  being 
procured  for  Phase  II-C  testing.  The  marked  increase  in  surge  pressure 
ratio  of  the  Phase  II-C  compressor  resulting  from  the  increase  in  root 
boundary  work  introduced  with  the  stator  modifications  further  substan¬ 
tiates  this  technique.  The  efficiency  of  the  compressor  was  not  improved 
by  these  modifications  and  was  in  fact  lowered  considerably  when  compared 
at  a  constant  pressure  rati-'  This  result  was  expected  since  the  modifi¬ 
cations  to  the  stators  which  involved  cutting,  bending,  and  welding  of 
the  aerodynamic  surfaces  produced  inefficient  stator  airfoil  contours  and 
high  diffusion  loading  at  the  rotor  leading  edge. 

The  eighth  stage  yielded  good  efficiencies  and  showed  excellent  pres¬ 
sure  rise  capability.  The  excess  flow  capacity  of  this  stage  is  due  to 
its  being  matched  open  using  the  variable  seventh  stator  in  order  to  be 
compatible  with  the  previous  stages.  As  these  stages  are  developed  to 
their  goals,  the  eighth  stage  may  be  readily  rematched  to  maximize  surge 
pressure  ratio. 

The  nature  of  the  change  in  the  stage  characteristic  resulting  from 

_  the  previously  mentioned  modification  of  the  root  Vork  is  shown  in  figure 

23.  In  this  figure  the  fifth  stage  data  is  used  to  show  the  result.  It 
may  be  noted  that  the  local  Increase  in  fourth  stator  root  camber  pro¬ 
duced  a  large  rise  in  the  peak  stage  pressure  ratio  (Suilu  3  to  Build  5). 
It  is  evident  that  relatively  small  changes  at  the  root  are  capable  of 
producing  a  greatly  magnified  effect  on  the  stage  performance  by  improving 
the  radial  matching  of  the  stage.  This  amplifying  effect  of  the  local 
stator  modification  is  seen  in  the  relatively  minor  (1/2Z)  increase  in 
maximum  flow  between  the  third  and  fifth  build  but  the  substantial  (11Z) 
increase  in  pressure  rise  coefficient  resulting. 

c.  650  lb /sec  Engine  HPC  Relative  to  JTF17  Design 


(1)  Surge  Margin 

The  preceding  description  of  the  performance  of  the  high  pressure 
compressor  clearly  indicates  that  the  middle  stages  (5,  6,  and  7)  are 
preventing  the  achievement  of  the  required  surge  pressure  ratio  at  SLTO 
design  speed.  The  data  have  further  shown  that  premature  stalling  of 
the  stage  roots  is  causal  and  that  corrective  action,  in  the  form  of 
stator  recamber,  is  effective.  The  latter  tests  do  not  represent  the 
means  by  which  permanent  remedial  action  will  be  made  for  several  reasons. 
Primary  among  these  is  the  high  loading  that  is  placed  on  the  rotor  lead¬ 
ing  edge  which  leads  to  flow  separation.  The  overcambered  stators  also 
result  In  enlargement  of  the  stage  flow  capacity  which  mismatches  the 
front  stages,  thereby  reducing  their  pressure  ratio.  Both  these  factors 
contribute  to  lower  efficiency. 
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Figure  23.  Effect  of  Stator  Root  Modification  -  FD  16954 

Stage  5  AIIIA 

These  factors  are  not  present  when  the  adjustment  is  made  to  both 
rotors  and  stators.  This  allows  the  rotor  root  work  to  be  increased  with¬ 
out  localizing  the  loading  at  the  leading  edge.  The  flow  capacity  is 
adjusted  to  the  design  goal  by  overcamber  of  the  rotor  and  stator  leading 
edges.  Local  overcamber  at  the  root  is  required  to  lower  incidence  and 
raise  efficiency  by  compensation  for  the  spanwise  flow  encountered  near 
the  surge  line.  The  Increase  in  root  work  provides  a  bias  toward  higher 
root  velocities  and  increases  the  pressure  ratio  at  which  an  approximately 
two  dimensional  flow  may  be  maintained.  The  effect  of  these  changes  is 
to  allow  the  stages  to  realize  their  design  operating  range  and  avoid  the 
premature  stalling  (figure  23)  which  has  been  noted  during  Phase  1I-C 
and  with  the  JTF14  HPC. 

Single  stage  compressor  tests  in  support  of  this  phase  of  development 
have  been  conducted  with  stages  having  loadings  and  geometiy  similar  to 
the  middle  stages  of  the  JTF17  HPC.  Included  among  the  stages  tested 
was  one  having  a  rotor  with  the  Increased  root  work  and  the  root  leading 
edge  overcamber  discussed  above.  This  stage,  designated  "A"  in  figure  24, 
produced  a  significantly  higher  root  pressure  ratio  than  the  baseline 
stage,  designated  "B",  and  also  had  a  greatly  improved  efficiency  in  the 
root  region.  Since  the  spanwise  distribution  of  pressure  ratio  of  the 
"A"  stage  is  nearly  constant  in  the  inner  portion  of  the  annulus,  as 
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intended,  it  will  provide  a  uniform  flow  profile  for  succeeding  stages  in 
this  region.  Thus,  this  type  01  stage  is  capable  of  maintaining  an  exit 
flow  profile  which  is  both  uniform  and  similar  to  its  inlet  profile  allow¬ 
ing  such  stages  to  be  successfully  "aeries  connected".  The  data  presented 
for  the  baseline  stage  (B>  were  similarly  obtained  with  an  Inlet  profile 
simulating  thg  exit  profile  of  this  type  of  stage. 


Figure  24  .  Single  Stage  Tests  of  Simulated  JTF1 7  FD  17854 
HPC  Stage  AIIIA 

This  Improved  spanwtse  work  distribution  for  these  relatively  high 
span-chord  ratio  stages  was  reflected  in  an  Increase  in  efficiency  of 
approximately  7  points.  Further  improvements  are  possible  by  modification 
of  the  stator  and  the  tip  region  of  the  rotor  in  the  same  manner. 

It  has  been  noted  in  the  previous  paragraphs  describing  the  third  and 
fourth  stages  that  these  Btages  have  shown  the  capacity  to  reach  and  exceed 
their  design  points  at  good  efficiency.  The  design  of  the  JTF17  HPC  takes 
advantage  of  this  facet  by  increasing  the  work  of  these  stages. 

Provision  has  also  been  made  in  the  design  for  increased  blade  and 
vane  chord  length  since  the  span-chord  ratio  is  known  to  Influence  stage 
operating  range.  The  span-chord  ratio  of  the  630  Ib/scc  compressor  (2.67) 
was  decreased  to  2.43  for  the  JTF17  production  engine  design  and  space 
was  provided  for  further  decrease  to  2.13  should  development  indicate 
longer  chords  are  necessary. 
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Hie  outlined  corrective  measures  for  the  purpose  of  raising  surge 
margin  by  prevention  of  premature  root  stalling,  are  also  intended  to 
Improve  SI. TO  efficiency.  The  coupling  of  these  two  factors  is  obvious 
since  stalling  of  the  root  separates  the  flow  and  increases  losses  in 
both  rotor  and  stator.  The  stage  characteristics  of  figure  22,  partic¬ 
ularly  those  of  the  stalling  sixth  and  seventh  stages  show  how  the 
stalling  of  the  root,  leading  to  the  stage  stall  causes  the  efficiency 
to  peak  at  a  low  value  and,  In  the  case  of  the  seventh  stage,  to  be 
sharply  reduced. 


Hie  adiabatic  efficiency  of  the  third  Phase  TT-C  compressor  build  is 
shown  In  figure  25  together  with  the  production  engine  goal  at  SLTO  design 
speed  and  the  eificlfe.icy  of  the  compressor  after  stator  modification 
(Build  5).  It  may  be  noted  that  while  the  third  build,  which  was  comprised 
essentially  of  the  as-designed  compressor  tested  in  the  presence  of  the 
fan  discharge  velocity  profile,  did  not  reach  the  required  pressure  ratio 
the  efficiency  data  may  be  logically  extrapolated  to  the  production  engine 
goal.  In  addition  it  must  be  remembered  that  this  compressor  differed 
from  the  production  compressor  in  several  ways,  all  of  which  lower  effi¬ 
ciency  and  thus  make  the  rig  data  appear  pessimistic.  One  of  these  factors 
is  the  presence,  in  the  rig,  of  variable  stators  in  two  stages  (3  6  7) 
which  are  not  part  of  the  production  engine  design.  Although  variable 
stators  are  often  used  by  P&WA  during  compressor  development,  it  is  rec¬ 
ognized  that  they  result  in  lower  efficiency  because  of  the  clearance 
which  must  be  provided  at  the  walls  to  allow  for  thermal  expansion  and 
movement  and  the  inability  to  provide  an  aerodynamieally  efficient  wall 
due  to  mismatching  of  the  bearing  surfaces  on  the  variable  vanes  and  the 
case  contours.  Another  large  factor  degrading  compressor  rig  efficiency 
is  the  instrumentation  needed  to  document  internal  performance.  This 
compressor  rig  is  equipped  with  148  kiel  type  pressure  and  temperature 
measuring  probes  located  along  and  protruding  ahead  of  the  vane  leading 
edges;  each  constituting  a  disruptive  influence  to  the  airflow.  Cn  addi¬ 
tion,  59  strain  gages  and  their  connections  are  cemented  to  the  r  .tors 
and  stators,  further  providing  loss  inducing  mechanisms. 

The  sealing  of  the  extended  blade  roots  was  found  to  he  Important  In 
controlling  the  radial  velocity  distribution.  This  sealing  was  accom¬ 
plished  in  the  compressor  rig  by  forcing  a  room  temperature  vulcanizing 
rubber  into  the  gaps.  This  expedient  but  inefficient  method  is  also 
believed  to  contribute  to  loss  generation.  Redesigned  blade  roots  elim¬ 
inate  this  problem  on  the  production  engines.  Another  difference  between 
the  rig  and  engine  compressors  results  because  the  rig  is  run  at  ambient 
temperature,  not  heated  to  simulate  engine  operation.  For  this  reason  the 
tip  clearances  are  enlarged  and  the  I.D.  flow  path  is  not  smooth.  Both 
factors  will  tend  to  reduce  efficiency  and  surge  pressure  ratio. 

While  It  is  difficult  to  assign  an  exact  value  to  the  efficiency 
degradation  caused  by  the  above  factors  experience  (figure  26)  has  shown 
that  engine  compressors  will  run  between  lH  to  4  points  higher  efficiency 
than  their  equivalent  rig  compressor. 
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Figure  25.  High  Pressure  Compressor  Efficiency 
at  SI.TO  Speed 
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Figure  26.  Difference  between  Engine  and  Rig 
Ef fici ency 
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Relating  this  Information  to  the  Phase  li-C  efficiency  data  of  figure 
25  by  reducing  the  production  engine  design  efficiency  by  these  values  it 
is  shown  that  the  maximum  efficiency  of  the  third  and  fifth  builds  is 
already  at  the  lower  limits  of  the  band.  Logical  extrapolation  of  the 
build  three  data  readily  shows  the  attainability  of  the  desired  levels. 

It  is  further  evident  that  the  stator  modifications,  while  increasing 
the  surge  pressure  ratio,  were  costly  in  efficiency,  amounting  to  a  loss 
of  four  points.  As  already  described,  a  large  part  of  this  loss  must  be 
attributed  to  the  manual  reworking  of  these  stators  which  produces  poor 
aerodynamic  surfaces.  Even  with  these  losses,  the  recorded  efficiency  Is 
already  closely  at  the  lower  end  of  the  estimated  acceptable  rig  effi¬ 
ciency  band. 

Additional  assurance  that  the  design  efficiency  goal  of  the  .JTK17 
engine  can  be  achieved  arises  from  the  knowledge  that  an  Increase  of 
three  to  five  percent  in  efficiency  is  usual  during  a  development  program. 


d.  Prototype  Engine  Goals 

The  requirements  of  the  high  pressure  compressor  for  the  prototype 
engine  (FTS)  are  lower  than  those  of  the  production  engine  as  follows: 


Production 

Prototype 

Phase  II-C 
Rig  Results 

Cruise 

86.8% 

81.0% 

85 . 5% 

SLTO 

85.9% 

82,0% 

81.6% 

The  prototype  cruise  efficiency  has  already  been  greatly  exceeded  at 
the  desired  surge  margin.  The  rig  efficiency  at  SLTO  is  within  2/1G  of 
1%  of  the  prototype  engine  goal.  As  has  been  previously  described,  the 
SlTO  surge  pressure  ratio  will  be  raised  by  the-  means  already  discussed. 

The  speed-flow  requirements  of  the  prototype  and  production  engines  are 
the  same,  thus  this  requirement  has  already  been  satisfied  for  both 
compressors . 

e.  Conclusions  (HPC) 

The  initial  series  of  tests  has  demonstrated  that  the  high  pressure 
compressor  rig  can  readily  meet  the.  flow  requirements  of  both  the  prototype 
and  production  engines.  The  surge  margin  at  cruise  has  been  attained  and 
the  required  prototype  engine  efficiency  exceeded  while  the  higher  effi¬ 
ciency  demanded  for  the  production  engine,  is  oi  ly  1.3%  above  the  value 
attained  at  this  early  stage. 

The  prototype  engine  SLTO  efficiency  has  been  demonstrated  (-0.2%  is 
within  measurement  error).  Testing  has  indicated  that  the  ause  of  the 
inadequate  SLTO  surge  margin  is  stage  mis-matching  and  premature  root 
stalling.  Higher  root  work  at  lower  incidence  angles  is  proposed  to 
.eliminate  the  prol-ir  -•<  and  stator  modifications  to  approximate  the  proposed 
changes  have  shown  ait  the  desired  effect  is  achieved.  By  preventing 
root  stall,  these  changes  will  also  increase  SLTO  efficiency.  Further 
increases  iu  deuonat rated  efficiency  are  to  be  obtained  by  elimination  of 
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variable  stators  and  the  extensive  instrumentation  present  in  the 
compressor  rtg. 


4„  Transient  Operation 

The  requisite  fan  and  compressor  surge  saargins  during  steady  state 
and  transient  operation  are  maintained  by  the  engine  fuel  control-  The 
operation  of  the  control  and  the  schedules  which  determine  the  required 
fuel  flow  as  a  function  of  power,  setting  are  discuss&d  in  another  section 
(Volume  III,  Report  P-.  Section  III).  The  effect  of  changes  in  engine 
power  setting  on  the  operation  of  the  f nn / comp <■ ess o r  are  discussed  in  the 
following  paragraphs .  For  illustrative  purposes,  transients  at  two  impor¬ 
tant  flight  conditions  are  considered:  cruise,  and  sea  level  static. 

At  both  these  conditions  the  effect  of  changes  i«  power  setting  on  augment¬ 
ed  end  non-augment ed  operation  it  included. 

These  transients  at  cruise  are  shown  in  figures  27  and  28  for  the 
compressor  and  fan  respectively.  The  path  described  by  the  operating 
point  during,  a  deceleration  from  maximum  rated  pen-augmented  to  idle 
and  back  to  maximum  rated  ia  presented  in  figure  27.  Minimum  surge  margin 
occurs  at  idle  speed  during  the  acceleration  where  a  value  exceeding  11 
percent  is  always  maintained.  The  transient  from  maximum  rated  nan- 
augmented  power  to  maximum  augmentation  does  not  effect  the  compressor 
match  point  hence  these  points  are  coincident  - 

Fan  operation  (figure  28)  from  maximum  rated  non -augmented  to  idle  and 
returning  to  maximum  rated  does  not  produce  a  significant  departure  from 
tire  equilibrium  operating  line,  hence  steady  state,  acceleration  and 
deceleration  occur  along  a  single  path ,  It  is  shown  that  the  surge  margin 
increases  during  this  transient.  Augmentor  light-off  Is  preceded  by  an 
increase  in  duct  nozzle  area  end,  rir.ee  light. -off  is  accomplished  at  a 
very  low  fuel-air  ratio,  (0.002)  the  transient  is  accompanied  by  an  in¬ 
crease  in  surge  margin  rather  than  a  decrease. 


Figure  21,  Cruise  -Acceleration,  Steady-State  and  ED  17.535 
Deceleration  Operation  of  JTF17  AIIIA 

Compressor 
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CORRECTED  TOTAL  INLET  FLOW  -  WVf£/VS£  %  Sl.TO  -  687  Ita/wc 

Figure  28.  Cruise-Acceleration,  Steady-State  and  FD  17534 
Deceleration  Operation  of  JTF17  Fan  AIIIA 


Similarly,  transient  during  sea  level  static  operation  are  presented 
in  figures  29  and  30.  The  maximum  rated  non-augmented  to  idle  transient 
displays  three  modes  of  compressor  operation  encompassing  both  bleed  and 
inlet  guide  vane  operation.  As  at  cruise  the  augmentor  light  does  not 
affect  the  compressor  match  point  and  maximum  rated  non-augmented  and 
augmented  appear  as  a  single  point. 
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Figure  29.  Sea-Level  Static-Acceleration,  Steady-  FD  17536 
State  and  Deceleration  Operation  of  AIIIA 

JTF17  Compressor 
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Figure  30.  Sea-Level  Static-Acceleration,  Steady-  FD  17538 
State  and  Deceleration  Operation  of  AII1A 

JTF17  Fan 

Fan  operation  (figure  36)  between  idle  and  maximum  rated  non- augmented 
either  steady  state  or  transient  (acceleration  or  deceleration)  is  along 
a  single  path  as  was  shown  at  cruise.  The  change  in  duct  pressure  ratio 
which  occurs  at  SLTO  design  airflow  reflects  the  variation  of  duct  nozzle 
position  to  cc.-ni.roi  to  this  value  of  the  total  airflow.  The  transient 
accompanying  augmentor  light  is  also  similar  to  that  described  at  cruise 
in  that  duct  burner  ignition  is  preceded  by  opening  of  the.  nozzle  to  lower- 
pressure  ratio  and  increase  surge  margin,  and  ignition  occurs  at  low  (0,002) 
fuel-air  ratio  resulting  in  little  variation  in  surge  margin. 
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1.  Introduction 

The  primary  combustor  incorporated  in  the  Phase  II-C  experimental  engine 
program  uses  the  ram-induction  concept.  This  concept  has  demonstrated 
excellent  results,  and  is  incorporated  in  the  JTF17  prototype  design.  In 
principle,  it  employs  the  kinetic  energy  of  the  air  directly  to  promote 
mixing  rather  than  diffusing  the  air  to  a  higher  pressure  and  then  re- 
accelerating  it,  as  is  done  in  more  coventional  burners.  Hie  ram- indue t ion 
combustor  development  program  has  resulted  in  a  short  combustion  section 
length  without  sacrificing  important  performance  requirements.  This 
section  of  the  proposal  will  include:  (1)  a  review  of  the  primary  combustor 
requirements,  (2)  a  brief  description  of  the  annular  ram-induction  combustor 
selected,  (3)  a  summary  of  the  programs  and  results  substantiating  the  per¬ 
formance  of  the  primary  combustor,  and  (4)  the  fuel  nozzle  description  and 
development  status.  Unless  specifically  stated,  the  objectives,  designs 
and  performance  of  the  production  and  prototype  combustors  are  identical. 

2.  Primary  Combustor  Requirements 

To  achieve  the  overall  engine  performance  required  for  an  economically 
successful  supersonic  airplane  and  engine  combination,  each  of  the  components 
must  meet  many  requirements  under  all  operating  conditions.  Requirements 
for  the  primary  combustor  include:  (1)  an  exit  temperature  profile  compatible 
with  the  turbine  requirements,  (2)  high  combustion  efficiency,  (3)  low 
pressure  drop,  (4)  short  length,  (5)  large  turndown  ratio,  (6)  ability  to 
accept  airflow  profile  changes,  and  (7)  durability. 

3.  Annular  Ram- Induction  Combustor  Description 

The  ram- indue  cion  primary  combustor  uses  a  short,  efficient  diffuser 
of  low  area  ratio  to  partially  diffuse  the  air.  The  air,  still  at 
relatively  high  velocity,  is  then  introduced  to  the  combustor  by  turning 
vanes.  With  this  approach,  much  of  the  pressure  loss  and  length  usually 
associated  with  the  low  velocity  part  of  the  engine  diffuser  are  eliminated, 
and  the  high  velocity  provides  efficient  mixing.  As  shown  in  figure  1,  the 
combustor  is  about  4.1  inches  in  diameter,  28.5  inches  long,  and  has  an 
average  annular  height  of  7.3  inches.  The  design  approach  Mach  number  is 
0.25,  and  the  pressure  drop,  including  that  of  the  diffuser,  is  about  5.1% 
for  the  production  engine  and  6.17.  for  the  prototype  engine  at  SLTO. 

The  ram-induction  combustor  has  been  selected  for  its  state-of-the-art 
advancements  which  make  it  possible  to  achieve  the  SST  primary  combustor 
requirements  with  the  short  length  and  resultant  lev  weight  that  are  unique 
to  this  concept. 

4.  Primary  Combustor  Background 

Development  of  the  ram -indue cion  burner  concept  began  aL  FRDC  in  1963. 

The  short  combustion  length  and  the  uniform  temperature  distribution  demon¬ 
strated  by  the  early  tests  resulted  in  the  decision  to  incorporate  the  ram- 
induction  combustor  in  the  JTF17  experimental  engine.  Development  was  con¬ 
tinued  on  the  JTF17  program  with  water  cable  analogy  tests  and  rig  testing 
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for  Investigation  of  features  affecting  temperature  distribution.  The  test 
rigs  included  a  120-degree  sector  of  an  annular  combustor  patterned  after 
the  j  t‘17  engine  design,  and  a  full-scaLe  annular  rig  consisting  of  an 
adapted  JT4  engine.  The  use  of  a  JT4  engine  permitted  testing  of  the  primary 
-  combustor  at  sea  level  temperature  and  pressure  conditions.  The  JT4  engine 
program  proceeded  rapidly,  and  by  January  1966  the  objectives  had  been 
achieved,  i.e.,  comparable  performance  to  that  experienced  in  current 
commercial  JT4  engines  and  demonstration  oi  the  suitability  for  use  in  the 
experimental  JTF17  engines. 

— — - - - »»r-«  t  — - - - - 


Figure  1.  Primary  Combustor  Cross  Section 


FD  16990 

AIIIB 


5.  Primary  Combustor  Performance 

The  performance  of  the  primary  combustor  annular  ram- induct ion  con¬ 
figuration  has  been  demonstrated  on  a  120-degree  segment  rig,  a  modified 
JT4  engine,  and  the  experimental  JTF17  engines.  The  two-dimensional  water 
table  analogy  has  also  been  used  as  an  aid  to  understanding  the  reactions 
to  configuration  changes.  The  expected  burner  performance  and  its  sub¬ 
stantiation  are  presented  below  in  terms  of  temperature  profile,  combus¬ 
tion  efficiency,  pressure  loss,  volumetric  heat  release,  turndown  ratio, 
and  tolerance  of  distorted  air  velocity  profiles.  Burner  durability  and 
the  fuel  injection  system  are  also  included. 

a.  Exit  Temperature  Profile 

In  the  evaluation  of  the  primary  combustor  exit  temperature  distribution 
patterns,  several  numerical  parameters  are  used  ior  comparison  purposes. 

These  areATVR,  and  dr  max-  ATVR  is  the  ratio  between  the  temperature 

rise  at  the  highest  individual  point  in  the  exit  distribution  and  Che  average 
overall  temperature  rise,  and  is  s  u«eful  parameter  for  early  evaluation 
of  data.  However,  it  is  not  used  as  a  final  parameter  as  it  compares 
measured  data  with  an  average  temperature,  and  the  desired  turbine  inlet 
profile  is  not  a  flat  line  and  thus  cannot  be  represented  by  a  single 
average  temperature.  A  new  goal  of  101  ^  has  been  established  to 
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reflecc  a  comparison  with  the  desired  turbine  inlet  profile.  This  new 
measure  of  temperature  profile  suitability*  is  the  maximum  positive 

difference  between  the  measured  temperature  at  any  radial  point  and  the 
desired  circumferential  average  at  the  same  radius  at  which  the  maximum 
posidiv  difference  occurs,  expressed  as  a  percentage  of  the  desired 
temperature  rise  at  the  same  point.  For  evaluation  of  the  primary  com¬ 
bustor  temperature  distribution  on  the  lat-stage  turbine  blades,  a  third 
parameter,  dr  max,  useful  and  is  defined  as  follows:  the  maximum 
posiLiv#  difference  between  che  measured  and  the  desired  circumferential 
average  temperatures  expressed  as  a  percentage  of  the  desired  temperature 
rise  at  the  same  point.  This  parameter  is  quoted  together  with  (he  per¬ 
cent  span  at  which  it  occurs  to  indicate  the  location  of  the  hottest 
region.  However,  cLiax  is  the  measure  ci  temperature  profile  suitability 
and  the  goal  for  the  SST  engine  is  dmax  =  107..  Figures  2,  3,  and  4  show 
plots  of  ATVR,  d,nax,  and  dr  max  versus  turbine  inlet  temperature  for 
primary  combustor  assemblies  that  have  been  tested  during  Phase  II-C 
development.  The  figures  show  a  marked  improvement  in  temperature  profile 
as  the  turbine  inlet  temperature  is  increased.  The  projection  of  this 
trend  indicates  that  che  goal  of  dmax  “  107.  will  be  met. 

The  radial  temperature  profile  of  the  first  full-annular  combustor 
tested  in  the  JT4  engine  is  shown  in  figure  5.  This  figure  shows  (l)  the 
overall  average  of  the  measured  data,  (2)  the  average  measured  at  each 
radial  position*  (3)  the  maximum  measured  at  each  radial  position,  and 
(4)  desired  radial  profile.  Tabulated  numerical  parameters  included  in 
this  figure  provide  comparison  for  evaluation  of  the  temperature  distri¬ 
bution.  Modif icaciona  were  then  made  to  the  primary  combustor  Co  improve 
durability  and  to  reduce  carbon  formations.  These  modifications  were 
tested  in  four  additional  schemes.  The  last  configuration  showed  improved 
durability,  decreased  pressure  loss,  and  increased  combustion  efficiency 
while  still  maintaining  the  good  temperature  distribution  of  the  first 
configuration.  The  radial  profile  and  isothermal  plots  showing  the  dis¬ 
charge  temperature  profiles  are  shown  in  figures  6  and  7. 


Figure  2.  Turbine  Inlet  Temperature  vs  ATVR  FD  16921 
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Figure  3,  d  vs  Turbine  Inlet  Temperature 
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Figure  4.  d  vs  Turbine  Inlet  Temperature 
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Figure  5.  Radial  Temperature  Profile  of  First  FD  16924 

JT4  Combustor  atttb 


Figure  6.  Radial  Temperature  Profile  of  Last 
JT4  Combustor 
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Figure  7.  Turbine  Inlet  Temperature  Distribution  FD  16927 
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The  best  durability  and  performance  features  of  the  configurations 
tested  in  the  JT4  engine  were  combined  in  the  primary  combustor  for  the 
first  experimental  JTF17  engine.  The  radial  profile,  circumferential 
profile,  and  isothermal  plot  of  the  primary  combustor  discharge  temperature 
pattern  are  shown  in  figures  8,  9,  and  10,  The  following  tabulation  of 
numerical  parameters  comparing  the  temperature  distribution  ef  the  last  two 
JT4  engine  configurations  with  the  first  JIF17  experimental  engine  con¬ 
figuration  shews  excellent,  correlation. 


Eng ine 

Primary  Combustor  Yar.e  Avg, 
Configuration  °F 

AXVR 

•  dr  max*  '• 

JT4 

Mod  5-lM 
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1.28 
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4.4 
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3.1 

JTF17 

Mod  5-1P  (first) 

1923 
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28.7 
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to  provide 
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. first 

build  of  an  SST 

engine,  the  desirable  burner  features  developed  during  rig  testing  is 
convincing  evidence  that  the  improved  temperature  profiles  that  have 
recently  been  d.  veloped  in  120-degree  sector  burner  rig  tests  can  be 
readily  incorporated  in  the  engine  and  that  the  SST  engine  burner  tempera¬ 
ture  profile  goals  will  be  met.  Typical  recent  experimental  data  from 


120-degree  sector  rig 

are  tabulated  below. 

Vane  Avg, 

“F 

ATVR  d  X 

max , 

d  ,  7. 

r  max 

2132 

1.09  10.2 

1.6 

AIIIB^ _ 

CONFIDENTIAL 

TURBINE  INLET  TEMPERATURE  - 


CONFIDENTIAL 


Pratt  g  Whitney  Aircraft 

PWA  FP  66' ICO 
Volume  3 11 


Figure  8.  Radial  Temperature  Profile  of  the 
First  JTF17  Combustor 
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Figure  9.  Mod  5-lP  Circumferential  Temperature  FD  16929 
Profile  A1IIB 
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Figure  10.  Mod  5-1P  Turbine  Inlet  Temperature  FD  15552 
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b.  Combustion  Efficiency 

The  first  annular  primary  combustor  tested  in  the  JT4  engine  did  not 
meet  its  combustion  efficiency  goal  of  99.0%.  In  modifications  to  the 
design,  the  primary  combustion  zone  air  was  redistributed  and  the  outer 
annular  wall  was  rotated  to  stagget  the  relationship  of  the  OD  and  Tn  wail 
scoops.  The  results  of  subsequent  <  esrmg  demonstrate  that  the  combustion 
efficiency  of  the  ram-induction  configuration  is  now  above  the  SST  engine 
goal  of  99.0%,  as  shown  in  figure  11. 

c.  Copling  Air  Effects 

The  120-degree  segment  rfg  has  been  tested  with  changes  in  the  percentage 
of  air  used  for  cooling  the  wall,  and  it  was  found  that  the  combustor  exit 
radial  profile  is  affected.  Figure  12  shows  the  result  of  tests  with  two 
different  coolant  airflows.  These  combustors  were  Identical  except  for 
tlie  change  in  wall  cooling.  This  effect  of  wall  cooling  airflow  rate  is  a 
useful  tool  for  controlling  the  shape  of  the  turbine  fillet  temperature 
profile.  Testing  of  the  JT4  engine  and  the  experimental  JTF17  engine 
indicates  that  the  wall  cooling  airflow  requirements  of  the  primary  com¬ 
bustor  are  compatible  with  the  turbine  inlet  profile  requirement. 
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Figure  11.  Primary  Combustor  Efficiency 
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Figure  12.  Simulated  Sea  Level  Takeoff  Condition  FD  16931 
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The  two-dimensional  water  table  analogy  was  used  in  the  study  o£  diffuser 
and  scoop  configurations  prior  to  the  completion  ul  detailed  drawings.  Smooth 
unseparated  diffuser  flow  and  high  velocities  through  the  scoops  resulted 
from  these  studies  and  contributed  to  the  low  primary  combustor  pressure 
loss.  Figure  13  shows  a  portion  of  the  water  table  simulation  testing,  and 
figure  14  shows  the  overall  airflow  patLern  of  the  primary  combustor. 


Figure  13.  Primary  Combustor  Diffuser  Water 
Table  Tes t in,. 


FE  52304 

A1IIB 


*»  K«~.  i mil* Hc»r 


Figure  14.  Water  Table  Evaluation  of  the  Primaiy 
Combustor  Airflow 
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The  demonstrated  pressure  loss  of  the  first  and  the  last  configurations 
run  in  the  JT4  engine  are  shown  in  figure  15  along  with  Lhe  calculated  increase 
for  the  higher  heat  release  of  the  JTF17  at  SLTO  conditions.  These  test 
results  and  calculations  show  chat  the  pressure  drop  for  the  primary  com¬ 
bustor  and  diffuser  will  be  substantially  less  than  the  maximum  allowable 
5.7%. 
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e.  Volumetric  Heat  Release 

The  ram- induct ion  combustor  has  demonstrated  the  high  volumetric 
heat  release  rate  required  for  the  JTF17  engine  in  the  experimental  engine 
testing  and  in  the  ] 20-degree  segment  rig  testing.  The  short-length,  low 
engine  cross-sectional  area  and  low  weight  requirements  result  in  a  volu¬ 
metric  heat  release  rate  requirement  that  is  higher  than  that  obtained 
from  current  can-annular  burners.  The  comparison  of  requirements  and 
experimental  data  is  shown  in  table  1.  In  the  development  of  the  engine 
from  the  experimental  JTF17  to  the  prototype  JTF17,  the  volumetric  heat 
release  requirement  has  been  reduced  because  of  an  increase  in  the  primary 
combustor  pressure  level  and  s  slight  increase  in  the  volume  available. 

•1 

Table  1.  Primary  Combustor  Volumetric  Heat.  Release  Rates  Btu/hr/ftJ/atra 
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Combustor  Configuration 

SLTO 
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Can -Annular 
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L06 
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Experimental 

Annular  Ram  Induction 
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X 
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Requirement 
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Requirement 
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f.  Turndown  Ratio 


The  fuel/air  ratio  operating  range  of  the  primary  combustor  is 
from  0.002  to  0.027,  and  the  ram- induct ion  configuration  has  demonstrated 
stable  operation  over  an  even  wider  range.  The  120-degree  segment  rig 
has  demurs t rated  steady-state  operation  from  0.00?  to  0.030  fuel/air  ratio, 
and  the  annular  duct  heater  rig,  which  ra  similar  to  the  primary  combustor 
in  utilizing  the  ram- induction  concept,  has  operated  at  a  fuel/air  ratio 
of  O.G;>8,  double  that  which  is  required  for  the  primary  combustor* 

Figure  16  shows  the  results  of  ignition  tests  on  the  120 -degree  rig.  These 
tests  demonstrated  rapid  ignir ion  down  to  a  iucl/alr  ratio  of  0,005, 
which  is  one-third  of  the  expected  sea  level  starting  ratio.  Both  the 
JT4  engine  and  the  experimental  JTF17  engine  tests  have  dementi  tr  a  t.  ed 
this  rapid  ignition  characteristic  of  the  annular  ram- induct ion  combustor. 


There  have  been  no  indications  o£  sny  combustor  stability  problems  in 
either  the  rig  or  engine  testing  over  the  range  of  operating  conditions 
discussed  in  the  previous  paragraph.  The  JT4  annular  burner  rig  has  operated 
at  a  high  rotor  speed  of  1800  rpm  (approximately  one-third  the  normal 
5600  rpm  at  idle),  and  then  accelerated  without  a  problem.  TTie  trouble-free 
accelerations  from  ignition  of  the  combustor  to  idle  on  both  the  JT4  engine 
c.  'd  the  experimental  JTF 17  engines  have  demonstrated  the  smooth  combustion 
charac  ter is  tics . 


m 

1 

■ 

ii 

|| 

| 

m 

_ 

m 

m 

m 

ii 

m 

m 

* 

| 

ii 

r 

lx 

w  U*UlO] 

g  0.016 

2  0014 
g  0.012 

<  0.010 

g  0.0080 

— 

■ —  Kiwctwi  Fuc!/Axr  FsStioi 

for  JTF17  Sea  Level  Starting 

K 

T 

| 

K 

m 

5 

|| 

54 

| 

| 

5 

m 

at 

m 

s 

M 

m 

* 

i 

1 

m 

5k 

*  > 

m 

m 

m 

m 

5 

m 

m 

■ 

Wm 

m 

H 

m 

|| 

mm 

n  L _ ..  1 _ _ ! _ ! _ ! _ 1  !  1 

v0  5  10  16  20  25  30  35 

TIME  TO  LIGHT  -  mc 


Figure  16.  Mod  5-1C  Combustor  Sea  Level 
Start  Conditions 
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g.  Acceptance  of  Airflow  Profile  Changes 

The  deflector  in  the  primary  combustor  diffuser  is  effective  in  pro¬ 
viding  uniform  airflow  along  both  diffuser  walls,  even  with  changes  in  the 
diffuser  inlet  airflow  profile.  In  the  JTF17  prototype  design,  this  deflec¬ 
tor  is  a  part  of  the  primary  combustor  front  end.  The  annular  combustor 
configuration  provides  for  the  uniform  division  of  the  airflow  around  the 
complete  circumference. 

Tests  have  been  run  in  120-degree  segment  rig  with  uniform  and  distorted 
inlet  airflow  profiles  simulating  cruise  conditions,  as  shown  in  figures  17 
and  18.  Comparison  of  data  at  2200°F  discharge  temperature  conditions  does 
not  show  any  significant  effect  on  the  average  radial  discharge  temperature 
profile,  as  shown  in  figures  19  and  20. 
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Figure  17.  120-deg  Sector  Rig  Inlet  Airflow  FD  16934 
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MACH  NUMBER 

Figure  18.  120-deg  Sector  Rig  Burner  Inlet  FD  16935 

Airflow  Profile  AIIIB 
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Figure  19.  120-deg  Sector  Rig  Burner  Outlet 

Radial  Temperature  Profile 
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Figure  20.  120-deg  Sector  Rig  Burner  Outlet  FD  16937 

Radial  Temperature  Profile  AIIIB 


h.  Durability 

The  maintaining  of  high  air  velocities  for  efficient  mixing  in  the  ram- 
in uu c t ion  conbustor  also  provides  high  heat  transfer  coefficients  for  cooling 
the  metal  surfaces.  The  initial  testing  in  the  annular  JT4  engine  showed 
effective  cooling  of  the  combustor  walls  with  the  exception  of  local  scoop 
and  wall  edges,  plus  the  heavy  accumulation  of  carbon  as  shown  in  figure  21. 
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Figure  23.  Mod  5-lP  Primary  Combustor  After  FD  16708 

Testing  on  the  JTF17  AIIIB 


Figures  24  and  25  show  the  metal  temperatures  of  the  primary  combus  tot 
as  measured  in  120-degree  segment  rig,  the  JT4  engine  and  the  experimental 
JTi  1 7  engines  at  sea  level  conditions,  and  in  the  120-degree  segment  rig 
for  cruise  conditions.  The  effective  cooling  of  the  high  velocity  air¬ 
flow,  coupled  with  the  fact  that  the  annular  ram- induct  ton  combustor  takes 
most  of  its  structural  load  in  walls  that  are  not  adjacent  to  the  hot  gas 
path,  provides  a  long  life  and  resistance  to  failure. 


Figure  24. 
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Figure  25.  Combustion  Section  Metal  FD  16939 

Temperatures  at  Cruise  AIIIB 


1.  Smoke  Generation 

Although  exhaust  smoke  density  has  not  previously  been  a  burner  performance 
parameter,  Pratt  &  Whitney  Aircraft  has  had  a  full  awareness  of  the  potential 
problems  of  exhaust  smoke.  Sampling  particulate  matter  from  engine  and 
component  stands  has  been  accomplished  for  many  years  and  experience  in  the 
techniques  required  to  measure  smoke  density  has  been  accumulated. 

The  problem  of  smoke  generation  was  considered  early  in  the 
design  and  development  of  the  JTF17  combustor.  Exhaust  sampling  on  the 
initial  experimental  engine  shows  good  comparison  with  current  commercial 
engines.  The  program  has  made  use  of  comparative  reflectance  readings 
from  engine  exhaust  samples  using  the  Von  Brand  Smoke  Meter.  The  data 
provided  information  enough  for  classification,  or  ranking,  of  the  engines 
tested.  An  arbitrary  scale  of  zero  to  one  hundred  is  used  to  cover  from 
clean  to  black.  The  following  cable  will  provide  a  comparison  of  current 
commercial  engines  with  the  JTF17  at  maximum  power  conditions. 

Table  2.  Comparison  of  Current  Engines  With  JTF17 
Engine  Type  Smoke  Density 

JTSD  45 

JT3D  39 

JT12  22 

JTF17  17,  to  21 

During  the  many  company  development  programs,  experience  has  been 
accumulated  on  the  variables  which  influence  smoke  generation.  In  general 
it  appears  that,  with  conventional  burners,  those  that  have  leaner  local 
fuel/air  ratios  at  the  front  end  of  the  combustion  chamber  produce  less 
smoke . 

j.  Altitude  Relight 

During  the  SST  Cruise  performance  demonstration  tests,  the  experimental 
JTF17  engine  has  demonstrated  an  altitude  start  at  59,000  It  and  2.48  Mach 
number.  This  point  may  be  3een  on  the  windmilling  restart  envelope  in 
figure  26.  Additional  engine  relight  data  will  be  obtained  during  Phase  II-C 
SST  Cruise  performance  Tests 


AIIIB-17 


Pratt  A  Whitney  Aircraft 

PWA  FP  66- 100  _ 

Volume  111  .2 


CONFIDENTIAL 


- 


DenmliMirnted 
Relight  Point 


— - 


_ 

SSSSSSsSsir 


- " . 


<  20 


<m  1  2  4  6  8  10  20 

*  INLET  PRESSURE  RATIO  -  P(.„P 

IZ/  am 

Figure  26.  JTF17  Turbofan  Engine  Estimated 

Windmilling  Restart  Envelope  With¬ 
out  Aerodynamic  Braking 
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6.  Fuel  Nozzles 


Die  fuel  nozzle  used  for  the  Phase  II-C  program  is  a  dual -orifice  nozzl 
with  a  fixed  primary  orifice  and  a  variable  secondary  orifice.  This  design 
allows  the  nozzle  to  operate  satisfactorily  over  a  flow  range  of  80  to  I 
exceeding  the  burner  requirement  ei  60  to  1,  without  requiting  extremely 
high  fuel  pump  discharge  pressures.  The  spray  characteristics  of  this 
nozzle  arc  shown  in  figure  27.  The  nozzln  provides  a  good  atomization 
at  low  flows  for  ignition,  and  maintains  a  uniform  pattern  at  all  flow 
1  evel s . 


700  pai  =»  1700  pph 


fiflO  j>«!  s.  !3?R  pph 


30  u«i  20  pph 


Figure  27.  Spray  Characteristics  of  Dual- 
Orifico  Nozzle 
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A  common  nozzle  tip  for  the  metering  of  fuel  flow  is  used  i  both  the 
primary  combustcr  and  the  duct  heater  widi  the  only  differeno  .  being  the 
supports.  Figures  28  and  29  show  the  total  fuel  flow  schedule  for  the 
24  primary  combustor  nozzles  and  the  40  duct  heater  nozzles. 

Technology  gained  from  the  Jb8  program  has  Deen  used  *,»  tf .  design  oi 
these  nozzles  to  provide  the  fuel  flow  range  required  with  a  minimum  ol 
maintenance  and  durability  problems.  These  nozzles  are  designed  to  allow 
passage  of  relatively  large  contaminant  particles  and  will  be  less  susceptible 
to  plugging  than  other . des igns .  The  results  of  nozzle  testing  in  Phase  1I-C 
have  been  excellent,  and  this  nozzle  design  will  be  used  for  continued 
development  in  Phase  III.  No  problems  have  been  encountered  with  these 
nozzles,  and  the  flow  schedules  are  repeatable  after  engine  testing. 


Figure  2g •  JTF17  Primary  Combustor  Nozzles 
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7.  Summary 

The  important  primary  combustor  charac ter is  tics  of  combustion  efficiency 
and  pressure  drop  have  already  met,  or  exceeded,  the  goals  for  the  5ST 
engine.  In  adaicion,  substantial  progress  has  been  made  in  meeting  the 
temperature  profile  goal  in  an  engine,  and  the  ability  to  apply  rig  test, 
results  to  engine  hardware  successfully  has  been  demonstrated.  Thus ,  iL 
is  evident  thaL  continued  development  will  result  in  a  ram-induction  burner 
Chat  meets  or  exceeds  all  of  the  combustor  goals  set  for  the  SST  engine. 
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C.  TURBINE 

1.  Introduction 

The  high  engine  cycle  performance,  low  engine  specific  weight,  and 
high  engine  inlet  temperature  necessary  in  the  supersonic  transport 
aircraft  require  cruise  operation  at  turbine  inlet  temperatures  of 
2200°F.  Currently  available  turbine  material's  cannot  operate  at  this 
temperature  level  and  attain  the  long  life  required  of  a  commercial 
engine,  therefore  cooling  of  the  airfoils  is  required  to  reduce  the 
metal  temperature.  The  use  of  high  compressor  discharge  air  to  cool 
the  blades  and  vanes  in  the  turbine  introduces  losses  in  turbine  and 
overall  cycle  efficiencies.  Consequently,  it  is  necessary  to  establish 
the  "cooling  effectiveness". of  the  cooling  method,  or  methods,  to  be 
employed  in  the  various  stages  of  the  turbine  to  determine  the  cooling 
airflow  rates  and  their  associated  losses.  These  must  be  known  to 
accurately  predict  the  cooled  turbine  efficiency.  The  following  dis¬ 
cussion  includes,  in  addition  to  the  aerodynamic  and  thermodynamic 
turbine  performance  and  interstage  leakage  loss  analyses,  a  description 
of  the  cooling  methods  and  experimental  results  in  terms  of  airflow 
requirements,  resulting  metal  temperatures,  and  measured  performance 
losses. 

There  are  no  differences  between  prototype  and  production  engine 
turbine  designs.  The  material  in  this  section,  therefore,  applies  to 
both  engines.  A  summary  of  significant  turbine  design  considerations 
and  their  effect  on  turbine  performance  is' given  below. 

1.  The  turbine  efficiency  in  a  supersonic  duct-burning  turoo- 
fan  engine  has  a  relatively  small  effect  on  engine  specific 
fuel  consumption.  Consequently,  the  turbine  efficiency 
and  weight  tradeoff  studies  favor  a  lightweight  turbine 
design  with  adequate  turbine  efficiency  to  meet  the  cycle 
requirements.  These  studies  are  not  included  in  this  report, 
but  will  be  available  for  evaluation  upon  request. 

2.  For  the  reduced  turbine  velocity  ratios  chosen  for  the  low 
spool  turbine,  the  controlled  vortex  design  provides  a 
gain  in  turbine  efficiency  of  2  percentage  points  over  that 
obtainable  with  a  free  vortex  design.  This  advantage  was 
used  to  reduce  turbine  diameters  and  weight,  while  maintaining 
the  turbine  efficiency  required  by  the  engine  cycle. 

3.  The  overall  cycle  efficiency  cannot  be  improved  by  increasing 
turbine  inlet  temperature  if  this  is  accompanied  by  a  pro¬ 
portional  increase  in  cooling  airflow.  A  gain  in  performance 
is  attained  by  increasing  the  turbine  exit  temperature  and 
pressure.  Diluting  the  high  temperature  gas  or  causing 
higher  turbine  aerodynamic  losses  by  further  addition  of 
cooling  air  can  negate  any  gain  or  even  cause  a  net  loss  in 
overall  cycle  efficiency.  (See  figure  1.)  Therefore,  it 

is  important  to  minimize  the  amount  of  cooling  air  by  em¬ 
ploying  the  best  high  temperature  materials  and  advanced 
cooling  concepts  to  make  the  most  efficient  use  of  the 
cooling  air. 
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4.  The  mode  of  cooling  air  discharge  into  the  flow  path,  and 
disk  and  case  cooling  air  leakage  have  significant  effects 
on  performance.  Cooling  air  reentry  parallel  to  the  main 
gas  stream  and  improved  labyrinth  seal  systems  have  been 
employed  fo  minimise  these  losses. 

5.  Complex  methods  of  controlling  the  cooling  air  by  separate 
cooling  air  lines  nnd  valves  were  unnecessary  for  per¬ 
formance  or  airfoil  life  reasons.  The  low  cooling  airflow 
allowed  by  the  use  of  high  temperature  materials  and  high 
effectiveness  cooling  techniques  reduce  the  performance 
penalties  at  the  low  temperature  operating  conditions  where 
turbine  cooling  is  not  necessary. 

6.  Although  the  cooling  effectiveness  of  film-cooled  and 
convectively  cooled  airfoils  are  approximately  equal  at 
the  low  coolant  flow  rates  required,  the  advanced  con¬ 
vectively  cooled  airfoils  are  favored  because  the  aero¬ 
dynamic  losses  are  considerably  less  for  the  trailing 
edge  discharge  type  of  convective  cooling  and  because 
there  is  a  most  significant  reliability  and  maintainability 
advantage  for  the  solid  exterior  airfoil  wall  with  regard 

to  foreign  object  damage,  low  cycle  fatigue  life,  structural 
integrity,  coating  application,  and  elimination  of  the 
possibility  that  the  film  cooling  slots  may  become  clogged. 
Results  of  the  low  cycle  fatigue  life  testing  will  be  made 
available  for  evaluation  on  request. 


Figure  1.  Percent  Change  in  TSFC  vs  Turbine 
Inlet  Temperature 
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The  predicted  performance  of  the  JTF17  turbine  is  based  on  the 
following  principal  factors. 

1.  Experimental  verification  of  aerodynamic  and  thermodynamic 
effects  of  cooled  airfoil  air  discharge  into  the  turbine 

2.  The  substantiated  performance  benefits  obtained  by  the 
controlled  vortex  turbine  design 

3.  Confirmation  of  the  steady-state  and  transient  airfoil 
metal  temperature  prediction  system  with  measurements 
from  engine  and  rig  tests 

4.  Laboratory  and  engine  tests  of  advanced  high  temperature 
materials  and  coatings  demonstrating  their  high  tem¬ 
perature  strength  and  erosion  and  hot-corrosion  resistance 

5.  Simulated  engine  environment  rig  tests  demonstrating  the 
level  of  cooling  effectiveness  attainable  with  over 

20  advanced  convective  and  film  cooling  configurations 
for  lst-stage  airfoils 

6.  Refinement  of  a  cooled  airfoil  low  cycle  fatigue  (LCF) 
analysis  system  supported  by  substantiating  test  data. 


The  analytical  procedures  for  the  prediction  of  the  JTF17  cooled 
turbine  airfoil  performance  have  been  confirmed  and  substantiated  by 
aerodynamic  and  thermodynamic  testing  of  over  130  different  cooled 
airfoil  configurations. 

The  JTF17  turbine  is  a  three-stage,  axial  flow  reaction  type  that 
employs  a  controlled  vortex  flow  pattern  to  attain  high  efficiency  at 
low  velocity  ratios.  A  single  high  pressure  stage  drives  the  high  com¬ 
pressor  and  two  low  pressure  stages  power  the  fan  stages.  The  design 
objective  was  to  design  a  low  weight  turbine  with  sufficient  efficiency 
and  power  margin  to  attain  an  engine  with  a  high  thrust-to-weight  ratio 
delivering  high  specific  performance  with  a  capability  for  future  up- 
rating.  A  three-stage  turbine  was  selected  as  the  result  of  optimization 
studies  evaluating  the  weight,  diameter,  efficiency,  cost  and  life  trade 
factors  necessary  to  set  the  flow  path  for  the  ''optimum. engine.  The  re¬ 
sults  of  these  studies  will  be  made  available  upon  request.  The  metal 
parts  are  cooled  where  necessary  by  high  compressor  discharge  air.  The 
controlled  vortex  design  was  incorporated  in  all  three  stages  to  improve 
the  blade  root  section  reaction  and  turbine  efficiency  to  the  levels 
normally  attained  with  larger  diameter  (and  heavier)  free  vortex  designs. 


The  performance  of  the  turbine  at  the  altitude  design  point  is 
summarized  in  table  1  following. 
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JTF17  Turbine  Performance 
Summary  at  Cruise 


Stage  cooled  efficiency 

Stage  work,  Bfcu/lb 

Stage  flow  ri4te  entering, 

1 

lb/ sec 

0.869 

112.38 

117.06 

■'965 

61  .87 

119.48 

0.886 

51.85 

121 .24 

f 

Airfoil 

1  Vane 

lBlade 

2Vane 

2B1 ade 

3Vane 

3B1  ad 

Cooling  fl/Sw,  % 

1.9 

2.0 

1  .0 

0.5 

0.3 

0 

Average  Mid-Span  gas 
temperature,  F 

Average  metal  temp,  °F 

2256 

2011 

1830 

1721 

1600 

1509 

1700 

1644 

1617 

1616 

1  543 

1509 

tlT  Cooling,  °F 

556 

367 

213 

105 

57 

0 

Cooliy'g  effectiveness 

0.48 

0.421 

0.31 

0.18 

0.12 

0 

Cooling  Effectiveness  = 

T 

_ £££ _ 

T  -  T 

T 

metal 

_ 

gas  cooling  air 
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Cooling  Requirements 

Studies  relating  turbine  inlet  temperature,  allowable  airfoil  metal 
/temperature  and  engine  cruise  TSFC  were  performed  to  establish  the  effect 
that  these  paramters  have  on  thrust  specific  fuel  consumption.  Figure  1 
shows  the  results  of  this  study.  The  important  conclusions  drawn  are: 


jtip  S€*It2CC£C!  2. ZOO  F 


»i.u  1C>C 


tuiuine  inlet  temperature  provides 


3. 


about  the  optimum  TSFC  for  present  turbine  materials  which  are 
limited  to  approximately  1700°F  airfoil  metal  temperature  for 
the  long  life  required  for  commercial  service 

Cruise  operation  above  2200°F  turbine  inlet  temperature  pro¬ 
vides  no  significant  improvement  in  fuel  consumption  for  air¬ 
foil  metal  temperatures  in  the  1 600-1800^  range,  owing  to 
the  offsetting  losses  from  the  high  percentages  of  cooling 
air  required 

A  significant  improvement  in  TSFC  (1,2%)  can  be  achieved  by 
development  of  materials  capable  of  long  t.'me  operation  at 
18C0°F  metal  temperature,  because  operation  at  higher  turbine 
inle  temperature  is  then  possible  witrtout  an  increase  in 
cooling  air  requirements.  Directionally  solidified  IVA  664 
or  single  crystal  PWA  1409  materials  appear  to  have  properties 
permitting  this  1800°F  capability  for  future  engine  growth. 
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Hie  JTFl 7  turbine  incorporates  cooling  on  all  the  airfoils  except  the 
3rd-stage  blades.  Figure  2  is  a  sketch  of  the  turbine  showing  the  cooling 
flow  distribution  and  amount  used  at  the  cruise  point.  Table  2  lists  the 
percent  cooling  air  and  its  effect  on  performance  for  takeoff,  cruise,  and 
idle  descent  for  both  standard  and  hot  day  conditions.  The  estimated  over¬ 
all  loss  in  turbine  efficiency  due  to  cooling  over  the  range  of  operating 
conditions  is  small,  varying  from  0.57a  to  0.816%.  Also,  even  though  the 
predictions  for  cooling  air  requirements  are  believed  to  he  accurate  and 
well  substantiated,  it  is  comforting  to  note  that  a  50%  increase  in  the 
required  cooling  air  at  cruise  results  in  a  further  loss  of  only  0.366%  in 
aerodynamic  turbine  efficiency. 
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Figure  2.  Airfoil  Disk  and  Case  Cooling  Flow 
Distribution  at  Cruise  Design  Foint 
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Convective  cooling  is  employed  throughout  the  turbine.  The  lst-stage 
airfoils  operate  in  the  hottest  environment  ana  require  the  high  cooling 
effectiveness  of  the  most  aevanced  convective  cooling  technique  to  minimize 
the  cooling  air  used.  The  2nd-siage  and  3rd-stage  vane  airfoils  do  not 
require  such  high  cooling  effectiveness,  and  consequently  use  current 
operational  convective  cooling  techniques.  The  cooling  effectiveness  (^) 
is  the  difference  between  the  gas  temperature  and  the  cooled  metal  tem¬ 
perature  divided  by  the  difference  between  the  gas  and  cooling  air  tem- 
.  peratures . 


Lgas  cooling  ail 
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7.  C/A  -  Percent  Cooling  Air 
A1?  -  Efficiency  loss  Point 
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The  cooling  effectiveness  has  been  measured  in  tests  for  several  cooling 
methods,  and  the  results  are  shown  as  a  function  of  percent  cooling  air 
in  figure  3,  The  results  can  be  grouped  in  three  general  categories: 
current  operational  convective,  advanced  convective,  and  film  cooled. 

The  difference  between  the  advanced  convective  and  the  current  operational 
convective  methods  is  the  cooling  heal  transfer  coefficient  augmentation 
provided  by  impingement  cooling  and  high  coolant  velocities  on  the  inner 
wall.'  The  high  cooling  efficiency  of  the  Ist-stage  airfoils  is  provided 
by  the  "thermal  skin"  type  construction.  This  method  of  c voting  has  been 
particularly  successful  in  the  lst-stage  vane  of  the  J58  engine  for  the 
last  4  years.  Test  data  of  figure  3  show  Lhat  advanced  convective 
cooling  and  film  cooling  have  approximately  die  same  cooling  effectiveness 
in  the  region  of  2%  cooling  airflow.  Therefore,  convective  cooling  was 
chosen  for  the  following  reasons. 
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Figure  3.  Blade  and  Vane  Cooling  Effectiveness 
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1.  The  aerodynamic  losses  of  the  ccnveetive-cooled  airfoils 
are  Lower  than  losses  with  film-cooled  airfoils.  All  of 
the  cooling  air  is  discharged  parallel  to  the  main  gas 
stream  at  the  trailing  edge  where  it  serves  to  energize 
the  wake  and  minimize  losses.  No  cooling  air  is  dis¬ 
charged  into  the  flow  passage  between  blades  where  it 
can  disturb  the  main  gas  stream  flow  and  boundary  layer. 

Test  data  shown  in  figure  4  illustrate  the  change  in  turbine 
stage  efficiency  between  the  trailing  edge  discharge 
convective  method  and  a  film-cooled  airfoil.  An  efficiency 
advantage  of  1.2  points  is  shown  for  the  trailing  edge 
discharge  method. 

2.  Foreign  Object  Damage  Resistance  -  The  leading  edge  of 
the  airfoil  is  solid.  Because  of  the  superior  cooling 
afforded  by  impingement  cooling,  film  cooling  slots 
that  could  clog  or  be  closed  by  foreign  object  damage, 
are  not  needed  on  the  airfoil . 

3.  Low  Cycle  Fatigue  Life  -  The  exterior  wall  has  no  stress 
risers  or  slots  that  can  have  severe  temperature  gradients 
across  them. 

4.  Coaxings  can  be  stripped  and  renewed  on  a  solid  wall  air¬ 
foil.  An  airfoi)?  with  a  multitude  of  tiny  slots  creates 
a  difficult  recoating  problem. 
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Figure  4.  High  Pressure  Turbine  .Efficiency  Loss  FD  16369 
vs  Percent  Cooling  Aic  AI11C 
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c.  Cooling  Configuration  of  the  Ist-Stage  Turbine  Vane 

Figure  5  illustrates  the  lst-stade  turbine  vane.  The  cooling  air 
enters  the  center  tube,  travels  radially  to  the  leading  edge  impingement 
holes,  reverses  direction  to  pass  between  the  tube  and  the  outside  wall, 
and  discharges  through  the  trailing  edge.  Effective  cooling  is  accom¬ 
plished  at  the  leading  edge  hy  direct  impingement,  at  the  side  walls 
by  high  velocity  parallel  flow,  and  at  the  trailing  edge  by  high  velocity 
air  turbulatcd  by  pins.  The  center  tube  is  removable  to  change  the 
cooling  air  distribution  if  desired,  during  the  development  of  the 
engine.  Hits  design  develops  a  cooling  effectiveness  of  0.48  at  the 
design  cooling  airflow  rate  of  l.SX. 


Figure  5.  JTF17  lst-Stage  Vane  TD  Nickel  Sheet  FD  16774 
and  Cast  on  Platform  AIIIC 


b.  Cooling  Configuration  of  the  lst-Stage  Turbine  Blade 

Figure  6  shows  the  lst-stage  blade  cooling  method.  It  is  similar  to 
the  lst-stage  vane  except  that  the  center  tube  is  an  integral  part  of 
the  blade  casting.  Air  enters  at  the  root  and  travels  through  the 
leading  edge  impingement  holes,  around  the  tube  and  exits  at  the 
trailing  edge.  The  advantage  of  this  design  is  its  ability  to  place 
cool  air  at  any  span  or  cnordwise  location  where  it  can  best  be  used 
effectively  to  increase  creep,  erosion,  or  low  cycle,  fatigue  life  at 
the  critical  sections.  This  airljil  also  develops  a  cooling  effective¬ 
ness  of  0.42  with  2.07.  cooling  air. 
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Figure  6.  Four-wall  lst-Stage  Turbine  Blade  FD  16773 

Design  AI11C 

An  alternative  method  of  manufacturing  this  cooled  blade  is  being 
considered  to  reduce  casting  costs  and  improve  rhe  cooling  effectiveness. 
The  cencer  cooling  tube  will  be  inserted  from  the  tip  and  pinned  to  the 
root  attachment.  The  tube  and  outside  wall  then  become  separate  simple 
single  wall  castings  with  well  controlled  cooling  air  orifice  sizes. 

Figure.  9  in  Report  B,  Section  II,  Paragraph  C  shows  this  blade  con¬ 
figuration  . 

c.  Cooling  Configuration  of  the  2nd-Stage  Turbine  Vane  and  Blade,  and 

3rd -Stage  Vane 

Figures  7  and  8  present  the  cooling  methods  selected  for  the  2nd-stage 
turbine  airfoils.  These  represent  current  operational  cooling  geometry, 
and  no  decided  advantage  exists  to  warrant  selection  of  an  advanced 
cooling  scheme.  The  allowable  metal  temperature  is  attained  with  the  low 
cooling  effectiveness  of  0,31,  and  savings  in  cooling  air  do  not  warrant 
the  added  cost  of  advanced  cooling.  The  2nd-stage  blade  also  is  a  current 
operational  cooling  scheme  and  requires  a  cooling  effectiveness  of  only 
0.13  to  attain  its  allowable  metal  temperature.  Both  airfoils  have 
cooling  air  blowing  radially  through  the  hollow  center  chord  and  dis¬ 
charging  at  the  vane  root  and  the  blade  tip.  The  3rd-stage  vane  cooling 
scheme  is  a  duplicate  of  the  2nd-stage  vane. 
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Figure  8.  JTF17  2nd-Stage  Blade  FD  16776 

A 1110 


The  2nd-stage  vane  could  be  cooled  by  the  same  technique  used  in  the 
Ist-stage  if  heating  problems  are  encountered  during  development.  However, 
at  this  time  cost  outweighs  the  advantages  of  increasing  2nd- stage 
efficiency  0.4  percentage  points  while  reducing  2nd-stage  blade  gas 
temperature  10°F.  With  further  casting  development  the  cost  of  this 
type  casting  should  be  reduced  to  the  point  where  inclusion  of  these 
performance  improvements  would  be  justified . 
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The  turbine  efficiency  losses  caused  by  cooling  air  for  various  flight 
conditions  were  previously  tabulated  in  table  2.  A  breakdown  of  the 
losses  at  cruise  for  each  airfoil  is  shown  below: 


Airfoil 

lst-Stage 

Vane 

1st- Stage 
Blade 

2nd-Stage 

Vane 

2nd-Stage 

Blade 

3rd-Stage 

Vane 

3rd-Stage 

Blade 

Percent  Cooling 
Air 

1.9 

2.0 

1.0 

0.5 

0.3 

0 

Stage  Efficiency 
Loss,  Percentage 

0.475 

0.5 

0.6 

0.125 

0.18 

0 

Points 

These  losses  are  relative  to  an  uncooled  turbine,  and  are  used  to  modify 
the  uncooled  mean  line  design.  Cooling  air  losses  were  determined  by 
cascade  and  rotating  rig  testing,  and  a  high  degree  of  confidence  in  the 
predicted  losses  has  been  achieved  through  the  correlation  of  these  data. 

Figure  9  shows  the  stage  efficiency  loss  as  a  function  of  percent 
cooling  airflow  for  a  turbine  vane  similar  to  the  JTF17  lst-stage  vane. 

The  cooling  air  is  discharged  through  a  slot  in  the  trailing  edge. 

The  point  of  minimum  loss  was  found  to  be  a  function  of  the  flow  per 
unit  area  of  both  the  cooling  air  and  the  mainstream.  The  tests  show 

that  minimum  efficiency  loss  occurs  when  (PV)COoling  air/  <PV)  mainstream 
is  between  0.4  and  0.5.  Each  JTF17  turbine  airfoil  with  trailing  edge 
discharge  has  been  designed  to  achieve  minimum  loss  with  the  design  cooling 
flow.  Figure  9  shows  typical  test  data  from  a  J58  lst-stage  vane.  This 
curve  illustrates  profile  loss  as  a  function  of  (PV)cooling  air  /CPv>  mainstream’ 
The  low  aerodynamic  lose',  of  the  cooled  vanes  is  the  result  of  the  pumping 
action  of  the  trailing  edge  cooling  air  discharge  energizing  the  trailing 
edge  wake. 


Figure  9.  First  Turbine  Vane  (J58)  Profile  FD  17523 

Loss  vs  PV  Ratio  for  Trailing  Edge  AIIIC" 

Discharge  of  Cooling  Air 
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manne  1  . 
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Figure  10,  Turbine  Efficiency  Loss  vs  Cooling  FD  17530 

Air  Injected  Behind  Vane  Root  AIIIC 

(2nd-  and  3rd-Stage  Vanes) 

Figure  11  shows  the  losses  due  to  cooling  air  discharging  from  the 
blade  tip.  Since  the  flow  of  cooling  air  into  the  tip  clearance  space 
reduces  the  tip  leakage  loss,  the  efficiency  loss  due  to  the  cooling 
air  discharge  is  small. 

4.  Seal  Leakage  Losses 

The  JTF17  prototype  engine  will  use  segmented  solid  Waspaloy  shrouds. 
The  blade  tip  seal  configurations  are  as  follows: 

1.  The  lst-stage  blade  has  no  tip  shroud.  The  cruise  steady- 
state  running  clearance  is  0.020  inch. 

2.  The  2nd-stage  blade  has  a  single-lip  tip  shroud  to  reduce 
vibratory  stresses  and  leakage.  The  cruise  steady-state 
running  clearance  is  0.030  inch. 

3.  The  3rd -stage  blade  has  a  double- lip  tip  shroud  to  reduce 
vibratory  stresses  and  leakage.  The  cruise  steady-state 
running  clearance  is  0.035  inch. 
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Figure  11.  Turbine  Efficiency  Loss  Due  to  FD  16772 

Cooling  Air  Discharging  From  the  AX11C 

Blade  Tip 


The  gas  that  flows  over  the  blade  tips  does  no  work  in  that  stage 
and  therefore  causes  an  efficiency  loss.  Figure  12  shows  the  results 
of  P&WA  flow  tests  on  various  seal  configurations.  The  leakage  flow 
for  a  particular  blade  is  calculated  as  a  function  of  inlet  static 
pressure  and  temperature,  static  pressure  ratio,  and  seal  geometry. 

The  blade  tip  leakage  efficiency  is  defined  as 


Figure  12.  Fiow  Parameter  vs  Expansion  Ratio  FD  16766 

for  Various  Seal  Condigurations  AIIIC 
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The  leakage  efficiencies  oi  the  JTF1 7  tuthine  are  as  follows: 

lst-Stagc  Blade  0.9918 

2nd-Stagc  Blade  0.9948 

3rd~Siagc  Blade  0.9957 

These  levels  of  running  clearance  and  leakage  efficiency  are  attained 
by  Che  use  of  tip  clearance  control  systems.  Prevention  of  tip  seal  rub 
during  the  worst,  engine  transient  condition  formerly  set  the  amount  of 
tip  clearance  at  the  steady-state  running  conditions.  Simple  and  ruggeu 
tip  clearance  control  systems  are  included  in  this  design  to  limit  the 
differential  expansion  between  the  case  and  rotor  during  the  transient 
condition  and  allow  tight  steady-state  clearances.  These  methods  incor¬ 
porated  in  the  JTF17  raise  turbine  efficiency  approximately  1.7  percentage 
points  in  the  high-  and  2.0  percentage  points  in  the  low-nressure  turbine. 

5.  Aerodynamic  Performance 

a.  Turbine  Mean  Line  Design  Program 

The  urbine  mean  line  design  program  used  to  design  the  JTF17  is 
composed  of  the  basic  turbine  equations  and  a  well-developed  loss  calcu¬ 
lation  system.  The  loss  calculation  system  includes  the  effects  of 
airfoil  camber,  reaction,  Mach  number,  incidence,  secondary  flow, 

Reynolds  nuhiber,  leakage  flows,  and  cooling  flows.  Test  results  from 
many  plane  and  annular  cascades  of  turbine  vanes  and  blades  form  the 
basis  for  the  empirical  loss  coefficients  used  in  this  program.  In 
addition  to  cascade  data,  single-stage  rotating  rig  data  and  engine 
test  data  are  continuously  being  acquired  and  used  to  modify  the  per¬ 
formance  prediction  system  to  assure  a  high  degree  of  accuracy. 

The  predicted  efficiency  of  the  JTF17  turbines  is  summarized  in 
Cable  3.  The  predict vd  efficiencies  are  based  on  the  well  substantiated 
free  vortex  design  system  with  credits  and  debits  being  applied  to  this 
base  efficiency  for  the  effects  of  controlled  vortexing,  reduced  tip 
clearances  and  cooling  air  losses. 

Figure  13  compares  turbine  test  efficiency  with  the  predicted  turbine 
efficiency.  Note  that  agreement  between  the  predicted  and  experimental 
free  vortex  turbine  efficiencies  is  quite  close.  These  turbines  were 
free  vortex,  uncooled  designs  with  typical  running  tip  clearances.  The 
base  efficiency  of  the  JTF17  was  calculated  using  this  free  vortex  system 
to  preserve  the  previously  established  prediction  reliability.  Item  (1) 
in  table  3  presents  this  base  efficiency. 

Tests  of  controlled  vortex  turbine  designs  have  shown  test  efficiencies 
considerably  in  excess  of  the  free  vortex  designs.  Figure  14  presents 
test  data  of  controlled  vortex  gains  over  free  vortex  predictions.  Con¬ 
servative  design  values  were  used  to  ensure  attainment  of  the  design 
gc.it  s.  These  design  values  result  in  a  2.07.  efficiency  gain  in  the 
low  pressure  turbine  and  0.0%  in  the  high.  These  values  are  listed  in 
table  3  item  (2). 
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Figure  13.  Accuracy  of  P&WA  Turbine*  Design 

System  Comparison  of  Demonstrated 
Turbine  Efficiency  With  Predicted 
Ef f ic iency 


FD 
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Table  3.  JTF17  Turbine-  Efficiency  Summary  at  Cruise  Condition 

High  Pressure  Low  Pressure 
Turbine 


(1)  Paso  Turbine  Efficiency  1’ieuii  i  «. 
by  Free  Vortex  Design  Methods  and 
Normal  Tip  Clearances,  X 

(2)  Turbine  Efficiency  Gain  Predicted 
for  Controlled  Vortexing,  % 

(3)  Turbine  Efficiency  Gain  Expected 
fer  Reduced  Tip  Clearances,  7. 

(4)  Efficiency  Loss  D  ‘  to  Cooling  Air 
Discharge  Into  Turbine  Flow  Path,  % 

Net  Resultant  Efficiency  for  a 
Controlled  Vortex,  Cooled  Turbine 
With  a  Reduced  Blade  Tip  Clearance 
Control  System,  7. 


Turbine 

86.2 

0.0 

+1.7 

-1.0 

86.9 


84 . 3 


+2.0 


+2.0 


-0.5 


88.0 
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HUB/TIP  RATIO 


Figure  14.  Efficiency  Gains  of  Controlled  Vortex  FD  17531 
'font  Turbines  Over  Free  Vortex  A111C 

Predictions 

The  use  of  reduced  blade  tip  clearance  control  systems  and  its 
resultant  gains  i.n  turbine  efficiency  ate  discussed  fully  in  the  Design 
Report  (Report  B)  and  also  in  paragraph  1)4  of  this  section.  Potential 
efficiency  gains  of  3.4%  in  high  turbine  efficiency  result  from  clearance 
reductions  from  0.082  to  0.020  in.  Similar  clearance  reductions  in  the 
low  turbine  reduce  its  leakage  losses.  Conservative  design  values  of 
1.7%  gain  in  the  high  pressure  turbine  efficiency  and  2,0%  i.n  the  low 
were  selected  to  ensure  attainment  of  the  required  efficiency  goals. 

Item  (3)  of  table  3  lists  this  efficiency  credit  to  the  base  efficiency 
of  the  uncontrolled  tip  clearance  turbine. 

The  effect  of  cooling  air  and  the  test  data  sub.sia.u  iat  i  ng  the 
efficiency  losses  attributed  to  cooling  air  was  discuss-  J  in  paragraph  D3 
of  this  section.  The  resultant  losses  due  to  cooling  air  discharge  into 
the  turbine  must  be  subtracted  from  the  base  uncooled  turbine  predicted 
efficiency.  A  1%  loss  in  high  pressure  turbine  efficiency  and  0 . 3‘,.  loss 
in  the  low  pressure  turbine  efficiency  are  predicted.  Item  (4)  .  table  3 
lists  this  debit  to  the  base  efficiency. 

The  net  resultant  efficiency  for  the  controlled  vortex,  cooked,  reduced 
tip  clearance  turbines  is  86.4%  for  the  high  pressure  turbine  and  88.0% 
for  the  low  pressure  turbine.  The  areas  of  performance  improvement  (i.e., 
controlled  vortexing  and  reduced  clearances)  have  been  treated  conservat i vel 
to  assure  tiie  efficiency  goals  wt.l  be  met  or  exceeded  by  the  JTl’17  turbine 
design . 

The  high  pressure  turbine  is  a  High  work,  high  hub/tip  ratio  stage. 

Tills  type  of  stage  benefits  only  a  slight  amount  from  controlled  vortexing 
because  of  Mach  number  limitations  and  the  small  difference  between  the 
root  and  mean  reaction  levels.  However,  the  low  pressure  turbine  has 
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lower  specific  work  levels  and  is  not  critical  Mach  number  1  imiteij .  Also, 
there  is  a  considerable  difference  in  the  free  vortex  root  and  mean  reaction 
level  because  of  the  low  hub/tip  ratio  of  these  low  pressure  turbine  stages. 
Controlled  vortexing  benefits  these  stages  considerably  by  elevating  the 
root  reaction  level  close  to  that  attained  at  the  efficient  mean  diameter. 
Consequently  the  gain  of  2 %  in  low  turbine  efficiency  over  that  attained 
by  free  vortex  design  methods  is  attributed  to  controlling  the  flow  and 
stage  reaction  level  over  the  entire  span  of  the  stage.  These  levels  of 
efficiency  have  been  substantiated  by  both  rig  and  JTF14  engine  turbine 
testing. 

Cooling  and  leakage  airflows  contribute  in  two  ways  to  stage  efficiency 
losses.  The  first  is  an  aerodynamic  total  pressure  loss  caused  by  cooling 
and  leakage  air  disturbing  the  mainstream  flow.  The  second  loss  is  the 
decrease  in  enthalpy  when  cooling  air  mixes  with  the  mainstream  flow.  This 
is  treated  as  a  temperature  decrease  at  constant  pressure.  The  first  loss 
is  accounted  for  by  addition  to  the  aerodynamic  losses  for  each  airfoil . 

To  account  for  the  second  loss,  a  heat  balance  is  run  between  each  stage 
to  correct  the  temperatures  entering  the  following  stage. 

b.  Solidity 

The  gap-chord  ratios  selected  for  the  JTF17  turbine  are  10  to  20% 
higher  than  previous  designs.  Recent  P&WA  test  data  (figure  15)  show  that 
the  lowest  drag-lift  ratio  is  a  function  of  foil  turning  and  aerodynamic 
lift  load  coefficient.  By  designing  to  the  optimum  lift  load  coefficients, 
gains  up  to  0.4%  in  overall  turbine  efficiency  can  be  obtained  over  previous 
designs.  The  increased  gap-chord  ratios  allow  the  turbine  to  be  designed 
with  8%  fewer  airfoils  than  previous  P&WA  turbines.  The  overall  effect 
of  designing  to  the  optimum  lift  load  coefficients  is  a  lighter  weight, 
more  efficient  turbine. 


c.  Aspect  Ratio 

The  JTF17  turbine  uses  high  aspect  ratio  blading  for  light  weight 
and  low  aerodynamic  losses.  Significant  weight  savings  are  obtained 
from  both  the  lower  airfoil  weights  and  the  resulting  lighter  disks. 
Because  of  the  lightweight  construction,  special  care  has  been  exercised 
to  ensure  normal  vibration  resonance  margins.  The  design  section  dis¬ 
cusses  these  margins.  A  comparison  of  blade  aspect  ratios  is  shown  in 
table  4 . 


Table  4.  Comparison  of  Blade  Aspect  Ratios 


Stage 

JTF17 

STF200C 

JT8D 

TF-33 

TF-30 

\ 

3.07 

3.37 

2.77 

2.61 

2.56 

2 

4.94 

4.43 

5.62 

3.54 

3.85 

3 

5.61 

6.10 

4 . 97 

4.68 

5.11 
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AERODYNAMIC  LIFT  LOAD  COEFFICIENT,^ 

Figure  15,  Drag-Lift  Ratios  of  P&WA  Turbine  FD  16764 

Planes  Cascades  as  a  Function  of  AIIIC 

Zwcifel's  Lift-Load  Coefficient 


d.  Work  Distribution 

The  stage  aerodynamic  characteristics  are  defined  by  the  distribution 
of  work  between  the  stages.  The  work  distribution  of  the  JTF1 7  turbine 
was  chosen  as  follows:  (1)  high  pressure  first  stage  work  was  set  by  the 
high  compressor  power  10411  i  remen  t ,  (.')  2nd-  and  3rd  stage  (low  pressure 
turbine)  work  distribution  (2nd-stage  53.8%,  3rd-stage  46.2%)  was  chosen 
to  achieve  optimum  turbine  performance  giving  consideration  to  the  life 
of  the  blades,  the  airfoil  Mach  numbers,  the  overall  turbine  efficiency 
and  absolute  gas  angle  leaving  the  turbine. 


From  an  aerodynamic  efficiency  standpoint,  a  50-50  work  split  would 
be  desired;  how:"  rr,  by  doing  more  work  in  the  second  stage,  the  required 
cooling  air  for  Lhe  third  stage  is  decreased,  thus  reducing  cooling  air 
losses.  A  lower  work  third  stage  gives  a  lower  absolute  exit  Mach  number 
and  lower  swirl  velocity.  Both  these  factors  reduce  the  pressure  drop 
across  the  exit  guide  vane. 


After  the  work  distribution  was  determined,  the  controlled  vortex 
velocity  triangles  were  determined  for  maximum  performance  within  the 
established  envelope.  The  velocity  triangles  were  generated  using  a 
three-dimensional  streamline  analysis  that  is  programed  on  an  IBM  7090 
computer.  The  program  solves  the  equations  of  motion  for  axisymmetric , 
compressible  flow  and  satisfies  the  energy  and  continuity  equations 
at  each  turbine  axial  station  (inlet  and  exit  to  blad  j  and  vanes,  plus 
selected  end  points). 
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Past  experience  at  P&WA  has  shown  that  turbine  efficiency  can  be 
significantly  increased  (2.0  to  3%)  by  modifying  the  root  and  tip 
velocity  triangles  from  those  given  by  a  free-vortex  flow  pattern. 
"Controlled  vortexing"  results  in  a  more  constant  radial  distribution 
of  airfoil  flow  path  convergence.  Thus,  the  blade  root  reaction  and 
static  pressure  ratio  is  increased,  while  the  blade  tip  reaction  and 

static  pressure  ratio  is  decreased.  This  eliminates  the  tendency  for 

the  flow  to  separate  at  the  root  and  reduces  leakage  around  the  blade 
tip.  The  JTF17  turbine  has  been  designed  for  as  much  blade  root  and 
vane  tip  reaction  as  is  possible  without  imposing :  (1)  a  performance 
deficiency  at  the  vane  root,  (2)  an  excessively  high  exit  swirl  angle, 
or  (3)  an  unacceptable  blade  taper  from  lift  coefficient  and  stress 
considerations.  In  summary,  a  high  level  of  efficiency  in  the  JTF17 

turbine  has  been  assured  by  designing  for  high  reaction  in  the  other¬ 

wise  high-loss  regions  and  by  distributing  the  spanwise  work  to  make 
maximum  utilization  of  the  most  efficient  sections  of  the  airfoil. 

Figure  14  illustrates  the  efficiency  gains  possible  by  using  a  con¬ 
trolled  vortex  turbine. 

f.  Turbine  Efficiency 

The  turbine  efficiency  is  the  total  power  output  of  the  turbine 
divided  by  the  total  power  available  to  the  turbine.  The  total  power 
available  is  determined  by  the  gas  conditions  at  the  turbine  inlet 
and  the  pressure  at  the  exit. 

The  individual  stage  efficiencies  are  Ah^  /Ah^  ,  Ah£ /Ah2 ,  and  Ah3/Ah3  . 
Since  the  constant  pressure  lines  in  figure  16  diverge  with  increasing 
entropy,  the  sum  of  the  isentropic  enthalpy  drops  of  the  individual 
stages  is  greater  than  the  ideal  enthalpy  drop  available  to  the  whole 
turbine.  The  enthalpy  drops  are  related  by  the  reheat  factor  which  Is 
defined  as: 

R  =  [Ah^  +  Ah  ^  +  Ah']  /Ah' 

From  figure  15  the  efficiency  of  the  JTF17  turbine  is 
T1T  =  jAhx  +  Ah2  +  Ah3]/Ah' 

The  individual  cooled  stage  efficiencies  are  presented  in  figures  17, 
18,  and  19  as  a  function  of  velocity  ratio.  Off-design  performance  is 
defined  by  these  curves. 
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1.  Introduction 

Thrust  augmentation  is  to  be  provided  in  the  JTF17  engine  by  a  duct- 
heater  that  raises  the  temperature  of  the  fan  discharge  air.  Varying 
amounts  of  augmentation  will  be  used  over  the  major  part  el  Lho  airmail 
flight  envelope,  as  shown  in  figure  1.  The  duct  healer  performance  will 
be  most  important  to  aircraft  operation  during: 


1.  Sea  level  takeoff 

2.  Transonic  acceleration 

3.  Supersonic  cruise. 


Figure  1.  JTT'l 7  Fan  Discharge  Conditions  FT)  lfaHT'/ 

Allill) 

During  sea  level  takeoli  and  transonic  acceleration,  maximum  thrust 
augmentation  and  duct  heater  performance  ore  required  to  achieve  the 
required  levels  of  engine  thrust.  Duct  heater  performance  in  super  ..nnic 
cruise  is  most  important  to  Lotal  engine  fuel  consumption  due  to  the 
relatively  ig  portion  of  the  mission  spent  ai  this  condition.  The 
duct  heater  (escribed  in  the  following  paragraphs  is  to  be  used  lor  the 
production  as  well  us  prototype  engines. 


A 1 1 ID- I 

CONFIDENTIAL 


Pratt  &  Whitney  Aircraft  wUlir  IU LI®  1 1ML 

I'WA  V?  66-100 
Velitmc  III 

Tin-  duct  lieaLer  (figure  2)  consist  s  ul  a  diliuser,  combat;  rot; ,  iwo- 
2 one  flic!  injection  system,  cooling  liners,  and  a  variable  area  exhaust 
nuzzle.  The  diffuser  reihu  es  Lite  velocity  of  I.  lie  Jan  discharge  air  !  t  o;: 

M  =  0.3  to  0.6  to  values  suitable  lor  the  duct  heater  combusLor  (M  -  0.23 
to  0.30).  Part  of  the  fan  air  (10/i)  is  bled  Lhrough  the  inner  wall  of 
the  diffuser  to  provide  cooling  for  the  inner  lint  r  (sec  ligure  z  j .  The 
duct  heat.er  utilizes  two  zones  of  combustion.  The  first  zone  is  in  Lhc 
combustor,  which  (like  the  primary  combus  tot;)  is  an  annular,  ram-  i  ndiu  t  ion 
type.  The  second  combustion  zone  occurs  at  the  exit  ol  tile  combustor. 

At  low  levels  of  augmentation,  a  portion  (approximately  J0%)  of  Lite  lan 
air  is  burned  in  the  combustor  with  fuel  injected  from  the  Zone  1  fuel 
nozzles.  When  high  augmentation  levels  are  required,  fuel  is  also  in¬ 
jected  through  the  Zone  II  fuel  system  and  burned  with  the  cuialma  tor- 
bypass  air  and  the  Zone  7.  combustion  exhaust  gases.  Both  fuel  injection 
systems  utilize  variable-area  dual-orifice  nozzles  to  provide  well  atomized 
fuel  over  a  wide  flow  range.  The  engine  cases  arc  protected  from  the 
hot  combustion  gases  by  the  cooling  liners  (heat  shields) ,  which  are 
cooled  by  bypass  air.  The  air  that  cools  the  outer  liners  also  cools 
the  exhaust  nozzle  flaps. 


Splitter 


r - Hired 


■  Diffuser 


Kan  Kxit 


Injector 


-f’onibuHtoi 


1 D  Cooling  Liners 


Kxliaust 

No/.zle 


Injector 


-OD  Cooling  Li  ill! 


Figure  2.  J7.T17  Duct  Heater  Schematic 


FD  1 6938 
A  HID 


2.  Requirements 


a.  Ceiieral 


To  provide  the  required  thrust  augmentation  effectively,  Lite  duct 
heuLcr  tnusL  (1)  provide  high  combustion  ellicjency  over  a  wide  opetating 
range,  (2)  oiler  low  total  pressure  drop  tc,  the  fan  stream,  (3)  provide 


nt.„rM>  t... 


durability  fur  long  life.  These  requirements  ate  discussed  separately 
below . 


Combus  t  i  on  L  f  f  i  c  i  one.  y 


Combustion  ei lie lent.  V  is  by  Jar  the  most  important  parametei  oi  I  he 
duct  heater  performance.  As  shown  in  tlie  engine  performance  sec  Lion 
(Volume  III,  Report  A,  Section  II),  a  1.07.  increase  in  combustion  effi¬ 
ciency  will  decrease  engine  TSFC  by  (J./A7.  an  1  result  in  a  10/0  pound 
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increase  in  payload  for  a  typical  4000  statute  mile  mission.  In  compar¬ 
ison,  a  decrease  of  17.  total  pressure  loss  will  decrease  TSI'C  only  0,241, 
and  increase  payload  350  pounds.  Based  on  these  considerations,  combustion 
efficiency  will  be  the  most  important  duct  heater  performance  parameter 
during  development. 


To  achieve  the  guaranteed  thrust  specific  fuel  consumption,  the  duct, 
heater  must  achieve  the  following  combustion  efficiency  goals: 

97 "L  T  „  =  800°  to  2500°F 

to 

97%  to  90 %  T  „  -  2500°  to  3600°F 
to 

The  maximum  heat  release  rate  of  the  duct  heater  is  8.1  x  10^  Htu^lt^  x 
Atm  x  hr.  These  performance  goals  are.  for  a  thrust  equivalent  combustion 
efficiency.  As  a  result,  the  temperature  and  pressure  profiles  of  the 
duct  heater  exhaust  gases,  which  reflect  the  degree  of  mixing  heLween 
the  combustion  products  and  the  unburned  air,  as  well  as  Lhe  chemical 
combustion  efficiency  are  most  important.  This  importance  can  be  illus¬ 
trated  by  use  of  figure  3,  noting  that  the  thrusl  calculated  by  using 
the  mass -wei gh ted  average  temperature  (figure  3a)  would  Ire  larger  than 
the  summation  of  the  stream  tube  thrust  (figure  3b).  To  achieve  high 
thrust  equivalent  combustion  efficiency,  it  is  necessary  to  obtain  very 
flat  total  pressure  and  temperature  profiles  as  well  as  a  near  1007, 
chemical  combustion  efficiency. 


1\(mas8)  _ 


^t(thruat) 


S(Fg)2T 
£  iV 


^tlmuas)  2870  **  ^  t(thruBt) 

Aebumptions  used  in  Calculation*: 

P  duct  =  45  F,8iB  8  a  mb  =  15  P»'« 

~t  —  1.35  Stream  Tube  Mass  Flow  =  fd/T) 


-  275U  "R 


Figure  3.  Comparison  oi  Clietnical  and  Thrust  IT)  168)9 

Equivalent  Combustion  Efficiency  AIIID 

In  the  full  annular  duct  healer  tests,  chemical  combustion  ef 1 i cien -ies 
were  measured  and  thrust  equivalent  combustion  efficiency  data  were  deter¬ 
mined  by  using  measured  temperature  profiles.  Thrust  equivalent  combust iun 
efficiency  data  were  obtained  more  directly  in  the  sector  duct  heater 
tests  by  using  a  choked  nozzle  at  the  rig  exit,  which  permits  a  direct 
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computation  of  the  thrust  weighted  temperature.  Rig  measurements  and 
calculations  are  discussed  in  greater  detail  in  the  component  develop¬ 
ment  plan  (Volume  III,  Report  K,  Section  II). 

c.  Duct  Heater  Pressure  Loss 

To  achieve  the  required  engine  performance  goals,  total  pressure 
loss  in  the  duct'  heater  (without  combustion)  must  be  equal  to  or  less 
than.  4 . 7%  to  87.,  depending  on  the  Mach  number.  (See  figure  4.)  The  duct 
heater  total  p -assure  loss  can  he  separated  into  the  diffuser  loss  and 
the  combustor  loss.  In  addition  to  these  losses,  there  is  also  a  pres¬ 
sure  loss  due  to  heat  addition.  These  losses  are  discussed  in  the 
following  paragraphs. 


CORRECTED  AIRFLOW,  — 1~  -  (lb/Bec) 

8t 


Figure  4.  Cold  Pressure  Loss  on  Full  Scale  I'D  16842 

Annular  Rig  at  Stations  3D  to  8D  A1110 


Control  of  the  diffuser  total  pressure  loss  is  accomplished  by 
careful  selection  oi  divergence  angle  and  area  ratio  to  reduce  the  air 
stream  Mach  number  without  How  separation.  Xu  this  respect,  the  duel 
heater-augmented  turbofan  engine  has  a  definite  advantage  over  an  after¬ 
burning  engine  because  a  conservative  (i.e. ,  low  angle)  diffuser  can 
be  selected  without  increasing  overall  length  of  the  engine  (because 
the  engine  length  is  established  by  the  length  ol  the  gas  generator). 

This  is  not'  the  case  in  Lhe  afterburning  In rboje t  because  the  duct,  heater 
and  gas  generator  are  in  series.  A  6-degree  angle  diffuser  having  an 
area  ratio  ol  1.95  is  to  be  used  for  the  JTF17  duct  beater.  This  angle 
is  conservative,  as  illustrated  in  figure  5,  when  compared  to  the  design 
limit  curve  that,  has  been  established  from  extensive  l’o<WA  diffuser  tests. 


All Iu-4 

CONFIDENTIAL 


CONFIDENTIAL 


Pratt  £  Whitney  Aircraft 

FWA  IT  66-100 
Volume  111 


Figure  5.  P&WA  Diffuser  Experience  ,  KD  16840 

A II  ID 


Because  the  loLal  pressure  or  Mach  number  profile  inlet  to  tiie 
diffuser  can  also  substantially  affect  diffuser  pressure  drop,  the 
achievement  of  "flat"  fan-discharge  flow  profiles  will  be  important 
in  fan  development  (see  Volume  Ill,  Report  K,  Section  II). 


The  pressure  drop  through  the  combustor  is  minimized  by  using  air 
entrances  with  high  discharge  coefficients  and  a  combustor  that  has  a 
low  drag  coefficient  ,  The  beat -addi L ion  pressure  drop  is  minimized  by 
achieving  combustion  in  a  low  Mach  number  (M  <  0.1)  region  oi  the  com¬ 
bustor,  The  advantages  of  1 ow-Macb-number  heat  addition  is  indicated 
in  figure  6,  which  shows  the  relationship  between  total  pressure  loss 
(Rayleigh  loss),  inlet  Mach  number,  and  temperature  rise  ratio. 

d.  Ignition  and  Acceleration  Characteristics 


The  duct  heater  must  ignite  and  operate  over  the  envelope  shown  in 
figure  1.  Furthermore,  the  amplitude  ol  the  pressure  perturbation 
caused  by  ignition  musL  be  (Ij  small  enough  to  avoid  unacceptable  dis¬ 
continuities  in  engine  thrust,  and  (2)  compatible  with  the  fan  or  inlet 
operation.  The  engine  must,  however,  be  capable  oi  rapid  acceleration 
from  an  approach  power  setting  to  maximum  augmentation. 

e.  Durability  and  Component  Cooling 

To  achieve  the  required  perlormance  objectives,  cooling  air  1 1 ow 
rates  must  be  minimized,  without  jeopardizing  the  durability  of  engine 
parts.  In  the  turbofan  engine  the  temperature  oi  t.iie  duct  beater  cooling 
ait  is  approximately  100'J°F  lower  than  that  of  an  afterburning  turbojet. 
Adequate  cooling  and  subsequent  long  life  of  the  liners  can  be  achieved 
with  relatively  small  percentages  of  the  total  duct  flow  and  low  pressure 
drops.  As  a  result  most  of  the  fan  air  is  available  for  combustion, 
thereby  minimizing  potential  thrust  losses  due  to  poor  temperature 
profiies.  AlIID-5 
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Figure  6.  Total  Pressure  Loss  Due  to  Heat 
Addition 
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3.  Substantiation 
a.  General 

In  general,  the  It  vet  >.'f  duct  heater  performance  required  for  the 
proposed  engine  lias  either  been  closely  approached  or  exceeded  in  the 
Pin  se  Il-G  component  development  program.  Table  1  summarizes  the  scope 
of  the  duct  heater  rig  test  programs  accomplished  during  Phase  1I-C. 

A  detailed  descrlj  tion  of  (lie  rigs  and  Lests  conducted  appears  in  the 
component  development  section  (Volume  III,  Report  F,  Section  II)  of  the 
proposal.  The  results  of  the  Phase  II-C  programs  and  how  they  substan 
time  flic  engine  duct  hearer  selection  are  discussed  in  the  iollowing 
pages , 
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Table  1.  Summary  of  Duct'  Heater  Rig  Test:  Programs 


Rig  Description  Data  Acquired  Phase  Il-C 


Aceumu  l.a  Led 
Hours 

0.6-scale  annular 
duct  uiffuser  rig 

0.6  simulation  of 
engine  duct  passage 
from  fan  discharge 
to  combustor  for¬ 
ward  cowl. 

Diffuser  total 
pressure  loss. 
Static  pressure 
recovery.  Char¬ 
acteristics  oi 
flow . 

SI  6 

Full-scale  annular 
duct  heater  rig 

Exact  simulation  of 
engine  duct  flow 
path  from  fan  dis¬ 
charge  to  exhaust 
nozzle  inlet. 

Combustion  effi¬ 
ciency.  Total 
pressure  loss. 
Ignition  charac¬ 
teristics.  Tem¬ 
perature  distri¬ 
bution,  Parts 
integrity. 

45 

Full-scale  sector 
duct  heater  rig 

Two-dimensional 
simulation  (7 -in. 
wide  x  11-in.  high) 
of  duct  heater. 

Combustion  effi¬ 
ciency.  Combustor 
pressure  loss. 
Ignition  charac¬ 
teristics  . 

289 

Large-scale  annular 
jet  flameholder  rig 

Annular  duel  heater 
rig  sized  for  600  pps 
engine  used  to  evalu¬ 
ate  iei  flame holder 
duct  heater. 

Total  pressure 
loss.  Combustion 
efficiency.  Bleed 
flow  rate. 

69 

b.  Total  Pressure  Loss 

The  duct  diffuser  of  the  prototype  engine  will  be  essentially  t:lie 
same  as  that  tested  in  the  duct  diffuser  rig  and  the  annular  duct  heater 
rig. 

The  isothermal  or  "cold"  pressure  loss  data  obtained  with  the  full- 
scale  annular  duct  heater  rig  is  presented  in  figure  4  as  a  function  of 
the  duct  inlet  Mach  number  (or  corrected  flow).  The  acceptable  loss 
curve  for  the  duct  heater  (established  based  on  TSFC  objectives)  is  also 
shown  in  this  figure  for  comparison.  The  measured  pressure-loss  data 
are  essentially  equal  to  the  acceptable-loss  curve.  The  relatively  low 
total  pressure  losses  arc  attributed  to  the  highly  efficient  duct  diffuser. 
(A  detailed  description  of  the  diffuser  test  results  is  presented  in 
Volume  III,  Report  E,  Section  II  of  the  proposal.) 

The  pressure  loss  of  the  duct  heater  with  combustion  is  shown  in 
figure  7.  The  data  in  this  figure  were  obtained  with  tiie  full-scale 
duct  heater  rig.  The  loss  due  to  heat  addition  is  less  than  the  predicted 
using  the  Rayleigh  line  and  the  average  through  (or  reference)  Mach 
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number  computed  for  the  air  duct  without,  the  combustor.  These  data 
indicate  that  the  heat  addition  is  occurring  in  tlu:  combustor  where  Mach 
numbers  are  lower  Lhati  the  reference  Mach  number. 


Rayleigh  Loss 
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Figure  7.  JTF17  Full-Scale  Duct  Heater  Kig 
Overall  Total  Pressure  Loss  at 
Cruise  Conditions 
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c,  CombusLion  Kffieiency  and  Operating  Range 

A  modified  version  of  the  full-scale  annular  duet  heater  design 
evaluated  in  Phase  Il-C  rig  tests  will  be  used  in  the  proposed  engine. 
(See  Volume  HI,  Report  B ,  Section  II  for  a  description  of  the  engine 
duct  heater,)  This  design  proved  to  be  very  successful  in  the  rig  tests, 
producing  high  performance,  and  was  operated  successfully  over  a  wide 
range  of  conditions.  A  summary  of  the  conditions  evaluated  in  the  rig 
tests  is  given  below: 


Parameter 


Maximum 


Minimum 


Combustor  pressure,  psi  40.0  (SL) 

Inlet  temperature,  °F  650 

F/A  ratio  0.058 


11.0  (80,000  ft) 


In  addition  to  the  annular  duct  heater  tests,  several  modifications 
and  features  of  the  duct  hearer  were  evaluated  in  the.  sector  rig  at 
inlet  pressures  down  to  9  psia,  Lemperatures  as  low  as  200“F,  and  over 
a  wide  range  of  fuel-air  ratios.  These  conditions  are  more  severe  than 
any  in  the  operating  envelope  since  tiie  minimum  required  operating  pres¬ 
sure  is  10  [‘tn.  A  summary  of  the  operating  range  of  representation 
d.'ct  heater  configurations  tested  in  the  sector  rig  are  shown  in  table  2. 
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Table  2.  Rich  Blowout  Limits  at  9  psia  and  200*1'  Inlet 


Configuration 

Zone  I  Only 

Zone  1  and  I] 

E3 

0.011 

No  Zone  11  Ignition 

K13* 

0.  020 

No  Zone  II  Ignition 

J1 

Unable  to  Burn 

No  Zone  II  Ignition 

J6 

0.025 

Beyond  Operating  Limit 

(F/A  > 

0.C6) 

H7 

0.015 

Beyond  Operating  Limit 

(F/A  > 

0.06) 

1.12 

0.013 

0.030 

Configuration  used  in  early  experimental  engines 


The  lean  blowout  fuel-air  ratio  was  less  than  0.002  ior  all  the  config¬ 
urations  except  the  J L ,  which  could  not  be  ign, ted  at  these  conditions. 

The  performance  obtained  in  the  lull  annular  ami  sector  duct  heater 
tests  are  compared  with  a  curve  reflecting  goal  performance  in  figure  8. 
Both  thrust  equivalent  (shaded)  and  chemical  (unshaded)  combustion  effi¬ 
ciency  data  are  presented  for  the  full-annular  duct  heater.  Thrust 
equivalent  data  are  presented  for  the  sector  duct  heater.  Thrust  equiv¬ 
alent  data  are  lower  than  the  chemical  data  because  the  duct  heater  exit, 
temperature  profiles  were  not  flat.  In  Lhis  respect  it  should  be  noted 
that  flattening  the  profile  during  prototype  engine  development  will 
improve  performance  (potentially  by  the  amount  represented  by  the  differ¬ 
ence  between  the  chemical  and  thrust  equivalent  combustion  efficiency 
data)  . 


FUEL/AIR  RATIO 

Figure  8.  Duct  Heater  Combustion  Efficiency  FD  16844 
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The  combustion  efficiency  data  in  figure  8  indicate  inaL  the  combustion 
efficiency  goals  for  the  JTF17  engine  have  boon  exceeded  at  SL'i'0  and 
nearly  met  at  cruise  (65,000  it,  M  -  2.7)  conditions  with  both  fu 1 1 -annular 
and  sector  duct  heaters.  In  addition  these  data  show  that  tin*  two-stage 
combustion,  ram-induction  duct  heater  demonstrated  high  combustion  effi¬ 
ciency  over  an  extremely  wide  range  of  fuel-air  ratios.  The  details  of 
the  Phase  II-C  rig  component  development  program  are  discussed  in 
Volume  III,  Report  1? ,  section  II 


The  outlet,  temperature  and  pressure  distribution  of  the  duct  heater 
are  shown  in  figures  9  and  10.  In  these  figures,  the  curves  denoted 
"maximum"  and  "minimum"  are  the.  proiilcs  obtained  at  the.  maximum  and 
minimum  circumferential  temperature  (or  pressure)  locations.  The  average 
curve  denotes  the  ranial  profile  for  the  average  circumferential,  conditions. 
These  figures  represent  cruise  and  SLTO  conditions,  respectively.  The 
radial  temperature  profile  at  cruise  conditions  (Zone  1  only)  peaked  near 
the  center  of  the  duct.  Because  of  this  peaked  profile,  the  thrust 
equivalent  combustion  efficiency  is  2.5%  lower  than  the  chemical  combustion 
efficiency.  The  profile  could  be  flattened  considerably  by  improving 
the  mixing  between  the  air  that  bypasses  the  combustor  and  the  combustor 
discharge  gases.  Tile  radial  temperature  profile  (figure  10)  flattens 
considerably  when  Zone  II  fuel  injection  is  used  because  the  Zone  II 
fuel  is  injected  at  the  periphery  of  the  combustor. 


Figure  9.  JTF17  Full-Scale  Duct  Heater  Rig  FD  17019 

Radial  Temperature  Profiles  at  AIIID 

Cruise  Conditions 
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Altitude  =  Sea  Level  Takeoff 
Fuel-Air  Ratio  —  0.030 
Zone  1  and  II  ! 
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Figure  10.  JTF1.7  Full-Scale  Duct  Heater  Rig 
KadiaJ.  Temperature  Profiles  at 
Sea  Level  Takeoff  Conditions 

ignition  and  Acceleration  Characteristics 
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The  later  designs  of  the  duct  heater  have  been  successfully  ignited 
at  all.  conditions  tested  in  the  annular  and  secLor  duct  heater  rigs  using 
a  4-joi  e  electrical  ignition  system  similar  to  the  one  selected  for  the 
proposi  ;  engine.  Successful  ignition  was  obtained  with  duct  heater  fuel- 
air  ratios  from  0.0014  to  0.0048.  Ignition  was  accomplished  in  all  cases 
with  a  very  slight  rise  in  duct  heater  pressure,  as  shown  in  figures  11 
and  12.  Phasing-in  of  Zone  II  flow  in  incremental  changes  produced  no 
pressure  discontinuity  (figure  13).  Tlie.it  ignition  results  from  the  full- 
scale  annular  duct  heater  rig  program  have  been  incorporated  in  the 
engine  transient  simulations.  The  thrust  and  airflow  transients  due  to 
duct  heater  operation  are  discussed  in  the  controls  design  report 
(Volume  TIT.  Report  E,  Section  III). 
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Figure  li.  Full-Scale  Annular  Ducr  Heater  Rig  FD  1VJ04R 

Sea  Level  Ignition  Test  Results  AIIID 


Figure  12.  Full-Scale  Annular  Duct  Heater  Rig  FD  1510)11 

Mach  2.7,  65,000  Cruise  Ignition  AIIiD 

Test  Results 
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Figure  10.  Rate  ot  Duct  Heater  Pressure  Rise  FP  14605D 

With  Addition  oi  Zone  II  Fuel  A 11  J.D 

(Rig  Data) 


c.  Component  Durability  arid  Cooling 

The  outer  liners  are  to  cooled  by  approximately  /,j  to  117,  oi 
the  fan  air  How.  01  this  I  low,  r>  to  7,r>7,  is  discharged  through  (lie 
liner  and  mixed  witli  I  lie  duet  lieater  combustion  gases.  The  remaining 
flow  in  Injected  on  the  nozzle  flaps  for  film  cooling.  Ailemo.'.-y  oi 
till  k  coolant  1  low  i.ile  h«n  b  ■*{•!'.  demons  t  r«  t  cd  in  the  rig  tests.  The 
maximum  liner  tempoi ature  measured  during  the  annular  duct  heater  rig 
program  wai.  15S0°F  (at  F/A  «=  0. 0'iH ) . 

Oi  the  107.,  fan  f  low  bleu  from  the  diffuser,  approximately  6.0  In  8 . 'i 
in  used  Lo  film  cool  the  inner  liner  and  reenters  the  combustion  process. 
The  remaining  bleed  flow  is  used  L:>  cool  the  inner  plug.  This  flow  rale 
in  more  than  adequate  Lo  cool  Lite  inner  liner,  and  therefore  will  probably 
be  reduced  during  the  engine  development  program.  The  highest  observed 
metal  temperature  was  1400" f. 
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f.  Summary 

1.  The  duct  heater  combustor  configuration  selected  for  use 
in  early  experimental  JTF17  engines  exhibited  excellent 
performance  characteristics  in  the  full-scale  annular  rig. 
The  level  of  performance  meets  the  objective  of  the  pro¬ 
posed  engine  at  SLTO  conditions  and  nearly  meets  the 
objective  at  cruise  conditions. 

2.  The  duct  heater  has  demonstrated  excellent  ignition  char¬ 
acteristics  over  a  wide  range  of  temperature  and  pressure 
and  at  fuel/air  ratios  between  0.001  and  0.004.  The  duct 
pressure  discontinuity  associated  with  duct  heater  ignition 
is  lower  than  anticipated  and  has  caused  no  fan  instability 
(see  Volume  III,  Report  D,  Section  II). 

3.  The  condition  of  the  duct  heater  parts  was  excellent  after 
45  hours  of  hot  full-scale  rig  testing. 

4.  The  Phase  II-C  tests  results  have  demonstrated  that  the 
duct  heater  can  be  developed  to  operate  over  the  required 
envelope  of  conditions  while  providing  performance  equal 
to  or  exceeding  the  goals  necessary  to  meet  JTF17  engine 
specifications  of  thrust  and  TSFC,  and  has  the  durability 
necessary  for  a  long-life  commercial  aircraft  engine. 


AIIID-14 

CONFIDENTIAL 


CONFIDENTIAL 


Pratt  &  Whitney  Aircraft 

PWA  FP  66-100 
Volume  III 


E.  EXHAUST  SYSTEM  PERFORMANCE 
1 .  Introduction 

Pratt  &  Whitney  Aircraft  has  conducted  a  systematic  program  since 
1959  to  determine  the  best  exhaust  system  for  supersonic  transport 
application.  The  exhaust  system  must  be  simple,  lightweight,  and  capable 
of  accomplishing  the  following  major  objectives:  (1)  control  the  expansion 
of  the  exhaust  gases  to  achieve  overall  performance  levels,  (2)  have  an 
efficient  method  of  reversing  the  exhaust  gases  to  provide  a  high  level 
of  reverse  thrust,  and  (3)  effectively  suppress  engine  exhaust  noise. 

Results  of  this  investigation  led  to  the  blow-in-door  ejector  nozzle 
concept  proposed  in  Phase  I.  Comparison  of  the  blow-in-door  ejector 
with  other  exhaust  nozzle  schemes  and  reasons  for  its  choice  are  given 
in  Reference  1,  Volume  E-XI,  "E jector-Reverser"  of  the  Phase  II  proposal. 

Early  in  Phase  II,  it  became  apparent  that  a  variation  in  shroud  geometry, 
in  addition  to  the  free  floating  blow-in  doors  and  trailing-edge  flaps, 
would  be  required  to  achieve  the  performance  goals  and  operational  modes 
required  of  the  SST  exhaust  system.  During  Phase  II-C  two  exhaust  system 
concepts  for  accomplishing  the  proposed  objectives  resulted  in  the  trans¬ 
lating  shroud  and  the  rotating  clamshell  designs  (the  rotating  clamshell 
design  is  also  referred  to  as  the  reverser-suppressor).  The  translating 
shroud  design  was  subsequently  discarded  in  favor  of  the  clamshell 
reverser-suppressor,  shown  in  figure  1,  because  of  life,  size,  and  weight  con¬ 
siderations  as  described  in  Volume  III,  Report  B.  All  exhaust  system  models 
have  been  designed  and  tested  at  engine  operating  conditions  corresponding 
to  the  Phase  II-C  650  lb/sec  engine  to  maintain  a  consistent  basis  for 
performance  comparisons  throughout  the  program.  The  small  differences  in 
operating  conditions  between  the  Phase  II-C  650  lb/sec  engine  and  the 
JTF17  687  lb/sec  engine  do  not  appreciably  affect  exhaust  system  per¬ 
formance  levels  or  the  mechanical  design.  There  is  no  difference  in  the 
exhaust  system  design  between  the  JTF17  production  or  prototype  engines. 
However,  the  minimum  exhaust  system  performance  required  to  meet  the 
prototype  engine  performance  is  less  than  for  the  production  engine  at  the 
supersonic  cruise  and  takeoff  conditions  as  shown  in  the  following  table: 

Exhaust  System  Gross  Thrust  Coefficient,  Cfp 

Corrected  Secondary  Airflow  Ratio  =  0.02 


JTF17  JTF17 

Production  Prototype 

Engine  Engine 

Supersonic  Cruise  0.999  0.997 

Takeoff  0.982  0.980 


The  clamshell  reverser-suppressor,  designed  for  the  Phase  II-C 
650  lb/sec  engine,  has  demonstrated  the  Phase  II-C  performance  goals 
shown  in  paragraph  4,  Phase  II-C  Development  Program. 
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The  re verser- suppressor  mechanical  design  has  proved'  to  he  si  -pie 
aid  lightweight,  and  should  provide  a  1  imp,- life  exhaust  system  with  mini  - 
mum  maintenance.  In  addition,  trie  design  concept,  hv  virtue  of  the 
tertiary  air  induction  system  and  rotating  clamshell  segments,  allows 
reductions  in  exhaust  noise,  as  discussed  in  Volume  III,  Report  C,  with 
small  or  no  losses  in  performance. 

The  subsequent  paragraphs  provide  ?.  functional  description  of  the 
clamshell  reverse r-suppressor  and  a  discussion  of  the  Phase  1I-C  develop¬ 
ment  program  including  results  of  the  model  test  programs. 

2.  Symbols,  Definitions,  and  Nomenclature 

a.  Symbols 

Symbol  Item  Units 


A 


base 

bleed 


exit 

Aid 

AJ9 


Engine  plug  base  area 

Area  between  clamshells  and  l railing 
edge  flaps  at  reverse 

Reverscr-suppressor  exit  area 

Effective  duct  exhaust  nozzle  area 

Effective  gas  generator  exhaust 
nozzle  a  oa 

Reverse  i 1 ow  area  available  through 
tertiary  doors 

Exhaust,  system  maximum  cross- 
secl .  iuttal  area 


sq  ft 
Sq  f  L 

sq  ft 
sq  ft 
sq  t  t 

sq  f  L 

sq  ft 


A, 

B1 

B 


2 

c 

cfp 

cfr 

Cfp  in j t 
^  f  p  mr 

^exit 

»,1 

D 


Tertiary  door  area  sq  ft 

Initial  tertiary  door  angle  degrees 

Final  tertiary  door  angle  degrees 

Clamshell  maximum  chord  inches 

Exhaust  system  gross  thrusL  coefficient 
Reverse  gross  thrust  coefficient 

Installed  exhaust  system  performance  coefficient 

Exhaust  system  gross  thrust  coefficient 
accounting  for  the  ram  drag  of  the 
secondary  air 

Trailing  edge  flap)  exit  diameter 
Duct  exhausL  nozzle  diameter 
Maxi  mum  re verse r- suppre ssor  d iame ter 


D 


s 


Reverser- suppressor  minimum  shroud 
diameter 


A1IIE- 


inclies 
inches 
i III  lies 
inches 
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Symbol 

Item 

Units 

ACf  p 

Incremental  exhaust  system  gross  thrust 
coe  f  f iclent 

Acfp  inst 

Incremental  exhaust  system  gross  thrust 
coefficient  due  to  installation  effects 

AC£r 

Incremental  reverse  gross  thrust  coefficient 

Ats 

Temperature  rise  of  secondary  air  from 
compressor  inlet  t:o  exhaust  system 

°R 

K 

Distance  along  centerline  from  leading 
edge  of  shroud  to  clamshells  at  reverse 

inches 

L 

Distance  from  duct  exhaust  nozzle  tip 
to  end  of  trailing  edge  flap 

inche  s 

Ls 

Exhaust  system  internal  spacing;  end  cf 
duct  exhaust  nozzle  to  minimum  shroud 
loca  tion 

inches 

M 

Flight  Mach  number 

Mr 

JU 

Exhaust:  system  external  local 

Mach  number 

P 

am 

'  ptd 

Ambient  pressure 

Total  pressure  at  duct  exhaust 
nuzzle  throat 

psia 

psia 

rts 

Secondary  total  pressure  at  exhaust 
system  -  airframe  interface 

psia 

pt2 

Engine  ,nlet  total  pressure 

Pt9 

Total  pressure  at  gas  generator 
exhaust  nozzle  throat 

psia 

Q0 

Duct  exhaust  nozzle  flow  coefficient 

«9 

Gas  generator  exhaust  nozzle  flow 
coefficient 

t 

Clamshell  maximum  thicxness 

in ches 

fr 

~td 

Total  temperature  at  duct  exhaust 
nozzle  throat 

°R 

T_ 

t  8 

Secondary  total  temperature  at  oxhau6t 
system  -  airframe  interface 

°R 

Tt2 

T 

t9 

Engine  inlet  total  temperature 

Total  temperature  at  gas  generator 
exhaust  nozzle  throat 

°R 

°R 

w  - 
a  t 

Tot  .1  engine  inlet  airflow 

lb/sec 

W  u 

Gas  flow  at  the  gas  generator  exhaust 
nozzle  throat 

Ib/sec 

V  . 
g« 

Gas  flow  at  the  duet  exhaust  nozzle 
th  roat 

1 b/sec 

W 

s 

Actual  secondary  airflow 
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Corrected  secondary  airflow  ratio 

Engine  plug  throat  angle;  duct  stream 

Trailing  edge  flap  boat  tail  angle 

Duct-gas  generator  flow  impingement 
angle 

Clamshell  angle  of  rotation  from 
cruise  position 

Tertiary  door  angle  during  reverse 
opera  ti on 

Shroud  internal  divergence  angle 


degree s 
degrees 
degrees 

degrees 

degree  s 

degrees 


b.  Definitions  and  Nomenclature 

(1)  Exhaust  System  Thrust  Coefficients 

Exhaust  system  performance  can  be  conveniently  related  to  the  per¬ 
formance  of  an  ideal  system.  Several  parameters  may  be  used  to  describe 
the  system  and  are  explained  below. 

(a)  Exhaust  System  Cross  Thrust  Coefficient  -  Cjp 

The  parameter  used  to  present  exhaust:  system  performance  is  the  oxhau;  t 
system  gross  thrust  coefficient,  Cfp.  Cfp  is  defined  as  the  sum  of  flic 
actual  gross  thrusts  of  the  engine  (i.e.,  gas  generator  pins  duct), 
secondary,  and  tertiary  streams  minus  the  external  pressure  drags,  minus 
all  internal  drags,  and  minus  the  induction  drag  of  the  tertiary  stream, 
all  divided  by  the  ideal  gross  thrust  of  the  engine  stream.  All  drags, 
including  any  interacting  effects  between  internal,  and  external  flow, 
and  all  internal  thrust  losses,  arc  accounted  for  except  the  ram  drag 
of  the  secondary  air  and  the  external  skin  friction  of  the  exhaust  system. 
Installation  effects  arc  not  accounted  for  and  the  external  skin  drag  is 
not  included  in  the  definition  of  Cfp  by  mutual  agreement  with  the  air-  \s 
frame  manufacturers,  because  it  can  best  be  accounted  for  in  the  full 
airplane  wind  tunnel  model  tests  conducted  by  the  aircraft  manufacturers. 

In  symbolic  form,  C^,  is  given  as: 

F  +F  ,+F  .  -D  ,-D. 

g  engine  g  secondary  g  tertiary  external  internal 


V 


\j  r  assure 


tertiary 
ram _ 


ip 


F 


g  ideal  engine 


Note  that  Cc  can  be  greater  than  1.0  because  the  ideal  thrust:  of  the 
secondary  flow  isPnot  included  in  the  denominator,  nor  is  the  ram  drag 
of  the  secondary  subtracted  in  the  numerator. 
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(b)  Exhaust  System  Gross  Thrust  Coefficient  Accounting  for  the  Ram  brag 
of  the  Secondary  Air  -  Cfrjmr 

Cg  may  be  modified  to  account  for  the  ram  drag  of  the  secondary  air 
to  yiefd  another  thrust  coefficient,  Cfpmr.  This  coefficient  may  be  used 
to  establish  the  efficiency  of  the  exhaust  system,  including  the  ram  drag 
of  any  secondary  air.  Cf„n,r  is  defined  as  the  sum  of  the  actual  gross 
thrusts  of  the  engine,  secondary,  and  tertiary  streams  minus  •  ti o  external 
pressure  drags,  minus  all  internal  drags,  minus  the  induction  drag  of  the 
tertiary  stream,  and  minus  the  ram  drag  of  the  secondary  stream,  all 
divided  hy  the  ideal  gross  thrust  of  the  engine  stream. 


In  symbolic  form:  | 

F  +F  +F  -D  -D .  ,-D  -D  .  ; 

a  eneine  e  ary  g  tertiary  external  internal  tertiary  secondary 

g  engi  s  y  -  pressure _ ram  ~  ram _ ; 


g  ideal  engine 


g  ideal  e  ^ne 


(c)  Exhaust  System  Reverse  Gross  ist  Coefficient  - 

The  exhaust  system  reverse  thrust  coefficient  is  used  to  establish  the 
efficiency  of  the  reverser.  It  is  defined  as  the  engine  reverse  gross  thrust, 
plus  all  exhaust  system  dr3gs  taken  parallel  to  the  exhaust  system  center- 
line  divided  by  the  ideal  gross  thrust  of  the  engine  stream. 


In  symbolic  form: 


Cf  = 
rr 


F  +  D 

g  reverse  engine  al 1 


g  ideaL  engine 


(d)  Gas  Generator  and  Duct  Exhaust  Nozzle  Flow  Coefficients  -  and  Q, 

>  y  d 

The  exhaust  nozzle  flow  coefficient  is  defined  as  the  ratio  of  the 
actual  flow  rate  to  the  ideal  one-dimensional  flow  rate  for  either  the 
gas  generator  nozzle  or  duct  nozzle  throat  areas.  The  nozzle  flow  co¬ 
efficients  determined  for  reverse  operation  may  be  compared  with  the 
forward  flight  flow  coefficients  to  establish  the  effect  of  the  reverser 
on  engine  flow  characteristics.  A  reduction  ir\  the  coefficient  during 
reverse  operation  from  the  value  for  forward  flight  can  be  used  Lo  indi¬ 
cate  a  suppression  of  engine  flow  during  reverse  operation. 

(e)  Installed  Exhaust  System  Performance  Coefficient  -  Cf 

p  uist 

The  installed  exhaust  system  per forniance  coefficient  includes  the  effect 
of  the  aircraft-engine  installation  on  nozzle  performance.  The  thrust  co¬ 
efficients  defined  above  do  not  include  installation  effects.  These  effects 
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must  he  obtained  for  a  particular  airframe-engine  installation,  and  tin- 
correction  applied,  to  obtain  the  installed  performance.  Normally,  these 
effects  are  significant  only  at  transonic  and  low  supersonic  flight  condi¬ 
tions  when  the  nozzle  tertiary  doors  are  open  and  the  trailing  edge  flaps 
a  re  closed  . 


In  symbolic  form: 

C  f  ,  “  C  f  +ACf 

p  mst  Lp  rp  inst 

(2)  Exhaust  System  Secondary  Airflow  Characteristics 

Secondary  airflow  is  normally  required  for  exhaust  system  performance 
and  cooling.  It  is  necessary,  therefore,  to  describe  the  quantity,  pres¬ 
sure,  and  temperature  level  of  the  flow  required.  One  parameter  chosen 
to  define  Che  quantity  of  secondary  air  is  the  corrected  secondary  airflow 
ratio,  Wsc,  defined  as  the  product  of  the  ratio  of  secondary  airllow  to 
engine  (i.e.,  gas  generator  plus  duct)  gas  flow  and  the  square  root  of 
the  secondary  stream  total  temperature  divided  by  the  result  of  mass 
weighting  the  total  temperature  of  the  gas  generator  flow  and  the  duct 
flow. 


In  symbolic  form,  is: 


W 


sc 


g9  gd 


T  +  dT 
12  s 


(W  (V 


<V  <V 


$•> 


(a)  Actual  Secondary  Airflow  Ratio  -  W^/W^ 

The  actual  secondary  airflow  ratio  is  defined  as  the  ratio  of  actual 
secondary  airflow  to  the  engine  inlet  airflow  minus  any  customer  bleed  air. 


(b)  Secondary-to-DucL  Total  Pressure  Ratio,  P^_  / 

The  secondary  pressure  required  to  supply  a  given  secondary  flow  rate 
is  normally  specified  as  a  fraction  of  duct  total  pressure,  i.e.,  Fts/Pt(j. 
Duct  pressure  is  used  because  it  is  the  duct  How  that  aerodynamical  1  y 
restricts  Lhe  secondary  passage.  The  secondary  pressure  may  also  he 
ratioed  with  compressor  inlet  total  pressure,  r>t2>  a  sPec^f^e^  inlet 

ram  recovery,  for  ease  of  presentation. 

(3)  Exhaust  System  Tertiary  Airflow 

The  tertiary  airflow  for  n  blow- in-door  nozzle  is  normally  usc-d  only 
by  the  exhaust  system,  and  its  gross  thrust  and  ram  drag  are  both  included 
in  the  gross  thrust  coefficient.  Therefore,  definition  of  the  quantity 
or  pressure  level  of  tertiary  flow  is  not  required  other  than  to  specify 
that  in  the  absence  of  installation  effects  the  flow  be  at  free  stream 
conditions  just  ahead  oi  Lhe  tertiary  door  entrance. 
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3,  Exhaust  System  Desctriptlon  and  Operation 


a.  General 


Aircraft  operating  at  high  Mach  numbers  develop  elevated  ram  pressure 
ratios.  As  a  result,  there  is  a  high  level  of  available  energv  in  the 
engine  exhaust,  stream.  Therefore,  some  form  of  convergent-divergent 
(i.e.,  not  simply  convergent)  exhaust  nozzle  is  required  to  convert  this 
available  energy  into  thrust.  Because  operation  of  the  aircraft  at  super¬ 
sonic  cruise  conditions  occurs  for  a  large  portion  of  the  overall  mission, 
efficient  conversion  of  this  energy  to  thrust  is  essential.  In  addition, 
because  the  aircraft  must  also  take  off,  climb  and  fly  at  other  condi¬ 
tions,  efficient  operation  at  off-design  conditions  must  also  be  considered. 
Selection  of  an  exhaust  system  configuration  for  an  aircraft  must  be  based 
upon  several  considerations  such  as  aircraft  configuration,  aircraft  mis¬ 
sion,  inlet  characteristics,  and  engine  noise  requirements. 

The  clamshell  exhaust  system  provides  a  high  level  of  performance  over 
the  entire  flight  envelope  and  consequently  high  engine  thrust  and  low  fuel 
consumption.  Mechanical  simplicity  and  light  weight  are  also  inherent 
in  the  design  concept  due  to  the  multifunctional  capability  of  the  reverser 
clamshells  and  the  tertiary  air  doors. 

Aircraft  jet  noise  requirements  are  also  an  important  factor  affecting 
the  selection  of  a  particular  exhaust  nozzle  system.  The  tertiary  door, 
rotating  clamshell  concept  provides  reductions  in  jet  noise  as  described 
in  Volume  III,  Report  C.  All  these  considerations  serve  as  the  basis 
for  the  selection  of  the  clamshell  reverser- suppressor  design  for  the 
commercial  supersonic  transport  exhaust  system. 

V.  r>  ^  ~  r*. .  ~  ~  ~  — 

O  .  tvu  VUi.  OL.1  auppmoout  UpCiaLiUll 

Figure  2  shows  the  clamshell  reverser-suppressor  in  its  three  basic 
modes  of  operation.  The  nozzle  employs  both  physical  and  aerodynamic 
means  of  reducing  the  over-  or  under-expansion  performance  losses 
associated  with  off-design  operation. 

During  low  speed  operation  (figure  2a) ,  the  tertiary-air  doors  are 
open  and  external  (tertiary)  air  is  drawn  into  the  nozzle  along  with  any 
available  secondary  airflow  to  aerodynamical ly  reduce  overexpansion  losses. 
The  clamshells  are  rotated  to  the  proper  angle  to  facilitate  admission  of 
the  tertiary  air.  The  pressure-actuated  trailing  edge  flaps  are  closed, 
due  to  pressure  loading,  and  physically  reduce  overexpansion  losses  by 
reducing  the  exit  area.  At  high  subsonic  Mach  numbers,  the  closed  trailing 

oflryp  f  1  qt\c  nrnHiiro  ovhorma  1  nt*oc  cit  vti  F.Ci  A  C'  OIT1T5  VO  mi  KP  mil  FI  t*  hp 

— '  o~  ^  r  "  r  - -  ~-w-'  ~ ~  r  -  w — ’ v*  *  **  ©  j  ~ ***->-  ^  w 

reached  between  the  quantity  of  tertiary  air  induced  and  the  minimum  exit 
setting  of  the  trailing  edge  flaps. 

As  the  aircraft  continues  to  accelerate  to  transonic  flight  Mach  numbers, 
the  tertiary  doors  will  close  due  to  increased  internal  pressures.  The 
trailing  edge  flaps  will  continue  to  reduce  overexpansion  losses  by  providing 
small  exit  areas.  At  higher  flight  Mach  numbers,  f  e  trailing  edge  flaps 
move  outward  to  the  cruise  configuration  shown  in  ligure  2b. 
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H  Supf ffconic  ('ruiir  Position 


C  IU*vfr*t  Position 

Figure  2.  JTF17  Exhaust  System  With  Clamshell 
Reverser -Suppressor 


FD  17039 
A  HIE 


me  near-ideal  performance  level  demanded  of  the  reverser-suppressc- 
for  supersonic  cruise  operation  requires  a  specific  shroud  geometry.  If 
t  is  geometry  were  fixed  to  provide  maximum  cruise  performance  the  tertiary 
arr  passage  would  be  blocked  by  the  clamshells,  and  little  or  no  tc-rtiarv  ' 
air  would  be  admitted  during  doors-open  operation  with  a  resultant  perform¬ 
ance  loss.  Consequently,  the  clamshells  have  been  designed  to  serve  several 
runctions . 


1*  ProvidG  the  optimum  expansion  contour  Jor  cruise  operation 

2.  Rotate  to  facilitate  admission  of  tertiary  air  to  ensure 
high  off-design  performance 

3.  Rotate  further  to  form  the  blocker  doors  for  reverse 
o  po  ta  1 1  on . 


The  tertiary-air  doors  also  serve  several  functions.  During  subsonic 
and  low  supersonic  operation,  the  doors  open  to  admit  tertiary  air  and  re¬ 
duce  performance  losses.  During  high  supersonic  and  cruise  operation  the 
tertiary  doors  close  to  provide  a  cylindrical  no-drag  outer  contour. 

During  reverse  operation,  the  reverse  gas  ,s  exhausted  through  the  tertiary- 
air  doors  at  the  desired  angle.  (See  figure  2c.)  * 
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The  pressure-actuated  trailing  edge  flaps  help  to  provide  high  off- 
design  performance  through  a  compromise  between  external  boattail  drag 
losses,  internal  overexpansion  losses,  and  tertiary  air  induction  drag 
losses. 


c.  Secondary  Air  System 

Secondary  air  is  required  for  cooling  the  reverser-suppressor  during 
tertiary-air  doors  closed  operation  and  to  control  the  expansion  of  the 
exhaust  stream  to  maintain  maximum  performance.  During  tertiary  doors  open 
operation,  secondary  air  is  not  required  for  cooling,  but  will  give  small 
performance  benefits  it  available.  The  minimum  required  secondary- 
to-engine  flow  ratio  is  defined  in  the  Engine  Model  Specification. 


The  variation  of  the  exhaust  system  gross  thrust  coefficients,  Cfp, 
and  Cfpmr,  with  corrected  secondary  flow  ratio  is  given  in  figure  3. 

Note  the  more  rapid  decrease  of  Cfp  below  flow  ratios  of  0.02  especially 
at  supersonic  cruise  conditions.  This  is  due  to  loss  of  control  of  the 
initial  expansion  of  the  duct  stream  and  subsequent  shock  systems  set  up 
as  the  flow  impinges  on  the  nozzle  shroud.  The  variation  of  Cf  at 
supersonic  cruise  conditions  indicates  that  a  corrected  secondary  airflow 
ratio  of  0.02  gives  maximum  cruise  performance.  This  occurs  because, 
above  0.02,  the  ram  drag  of  the  secondary  air  is  greater  than  the  thrust 
attainable  from  it.  During  transonic  operation,  however,  increased 
secondary  flows  provide  additional  nozzle  performance  by  reducing  nozzle 
overexpansion  losses  and  external  pressure  drag,  in  addition  to  the 
thrust  attained  from  the  increased  airflow.  The  exhaust  system  and  inlet 
will  be  matched  in  cooperation  with  the  airframe  manufacturer  to  provide 
best  utilization  of  the  secondary  air. 


Routing  of  the  secondary  air  passage  from  the  inlet  can  be  accomplished 
by  either  of  two  methods,  a  duct  system  or  a  pressurized  nacelle.  The  pres¬ 
surized  nacelle  system  allows  direct  flow  of  the  secondary  air  over  the 
outer  engine  case  and  components,  whereas  the  duct  system  contains  the  flow 
and  allows  the  nacelle  to  be  vented  to  ambient  pressure.  In  either  case, 
valving  in  the  inlet  itself  or  in  the  duct  passage  is  required  to  control 
the  quantity  of  secondary  air.  A  flapper  valve,  or  similar  valving  is 
also  required  to  prevent  flow  of  the  reverse  gases  up  the  secondary  air 
passage  and  into  the  nacelle.  A  detailed  description  of  the  secondary 
air  systems  for  the  Boeing  and  Lockheed  installations  is  given  in  the 
Design  Report. 


d.  Tertiary-Air  System 


Tertiary  air  is  required  to  provide  high  exhaust  nozzle  efficiencies 
during  off-design  operation.  The  tertiary  doors  also  provide  reverse 
discharge  area.  The  tertiary-air  passage  is  sized  to  achieve  maximum 
low-Mach-number  performance  through  a  compromise  between  external  pres¬ 
sure  drag  losses,  internal  overexpansion  losses,  and  tertiary-air  induc¬ 
tion  drag  losses.  Consideration  must  also  be  given  to  obtaining  the 
required  reverser  area  for  maximum  reverse  performance. 
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During  tertiary-air  doors  open  operation,  there  is  an  interaction  be¬ 
tween  exhaust  system  internal  and  external  performance.  In  this  proposal, 
these  effects  are  not  separated;  rather,  the  combined  internal-external  flow 
interaction  and  its  effect  on  exhaust  nozzle  performance  is  presented. 

Tests  and  analytical  studies  have  been  conducted  during  Phase  II,  and  will 
continue  to  be  pursued,  to  investigate  the  tertiary  airflow  characteristics. 

0.08 1 - 1 - :r— 7 — 'tr — trr — n - 1 - 1 
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Figure  3.  Variation  of  Exhaust  System  Gross  Thrust  FD  17040 
Coefficient  With  Corrected  Secondary  AIIIE 

Airflow  Ratio 

4.  Phase  II-C  Development  Program 
a .  Summary 

The  Phase  II-C  reverser-suppressor  model  test  program  was  directed 
toward  development  of  the  exhaust  system  to  obtain  flow  geometry  con¬ 
sistent  with  good  mechanical  design  and  to  verity  the  goal  performance 
objectives  at  critical  flight  conditions.  The  performance  objectives 
have  been  demonstrated  with  several  model  configurations.  Inasmuch  as 
the  exhaust  system  configuration  must  be  varied  with  flight  condition, 
consideration  must  be  also  given  to  obtaining  the  best  mechanical  design 
as  well  as  high  performance.  The  exhaust  system  development  program  for 
Phase  II-C  has  resulted  in  a  sound  mechanical  design  which  can  meet  or 
exceed  the  performance  goals.  The  development  effort  will  be  continued 
into  Phase  III  to  ensure  the  best  overall  exhaust  system  design. 
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The  scale  model  exhaust  systems  for  the  SST  were  tested  in  facilities 
of  the  United  Aircraft  Research  Laboratories.  The  facilities  used  included 
a  static  test  stand,  a  continuous- flow  interchangeable  subsonic-transonic 
wind  tunnel,  and  a  17-inch  by  17-inch  transonic-supersonic  blow-down  wind 
tunnel.  All  have  a  three-flow  balance  that  splits,  meters,  and  throttles 
three  concentric  flows. 

Tests  of  1/20-scale  models  were  conducted  to  maximize  performance  by 
a  systematic  variation  of  exhaust  system  geometry.  Variations  in  the 
geometry  of  the  tertiary  doors,  shroud,  clamshells,  and  engine  plug  con¬ 
figurations  were  investigated  at  the  following  critical  flight  conditions: 


Mach  0.0 
Mach  0.9 
Mach  1.2 
Mach  2.7 
Mach  0.0 


Takeoff 

Cruise 

Acceleration 

Cruise 

Reverse 


The  wind  tunnel  test  periods  and  areas  of  investigation  are  shown  in 
figure  4.  Approximately  1600  hours  of  wind  tunnel  test  time,  directed 
toward  establishing  the  optimum  reverse r- suppressor  configuration  con¬ 
sistent  with  good  mechanical  design,  light  weight,  and  high  performance, 
have  been  completed  as  of  August  1966.  Detailed  results  of  these  tests 
are  discussed  later  in  this  section.  As  is  subsequently  developed,  based 
on  the  results  of  these  tests,  the  design  of  the  exhaust  system  configura¬ 
tion  for  the  JTF17  engine  meets  or  exceeds  the  performance  goals.  Develop¬ 
ment  of  this  configuration  will  be  continued  during  the  remainder  of 
Phase  II-C  and  in  Phase  III. 

PART  I,  General 
Optimization  Tests: 

Translating  Shroud 

A.  M  =  2.7  Cruise 

B.  M  =  1.2  Acceleration 

C.  M  =  0.9  Cruise 

D.  M  =  0  Takeoff 
PART  II.  General 
Optimization  Tests: 

Clamshell  Reverser 
Suppressor 

A.  M  =  2.7  Cruise 

B.  M  =  1.2  Acceleration 

C.  M  =  0.9  Cruise 

D.  M  =  0  Takeoff 

E.  Reverse 

PART  III.  Installation  Tests: 

A.  Tunnel  Blockage  and 
Calibration 

B.  Wing  -  Nacelle  Tests 
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Tests  have  also  been  conducted  to  establish  preliminary  installation 
effects.  Approximately  230  hours  of  testing  with  a  wing-mounted  installa¬ 
tion  have  been  completed  as  of  August  1966.  The  effect  of  the  installation 
on  exhaust  system  performance  during  subsonic  operation  has  been  determined. 
Initial  results  presented  later  in  this  section  indicate  that  the  installed 
model  performance  meets  the  subsonic  cruise  performance  goal.  The  installa¬ 
tion  effects  during  transonic  acceleration  will  be  investigated  during 
Phase  III.  No  installation  effects  are  expected  at  supersonic  cruise  condi¬ 
tions  for  the  cylindrical,  nacelle  configuration  investigated.  However,  if 
other  nacelle  configurations  are  required  P&WA  will  investigate  these  con¬ 
figurations  in  conjunction  with  the  airframe  manufacturer. 

Test  programs  and  analytical  studies  have  also  been  conducted  to  in¬ 
vestigate  exhaust- system  trailing-edge  flap  stability,  hot  flow  effects, 
and  advanced  exhaust  system  design  concepts.  The  results  of  these  studies 
are  also  discussed  in  this  section. 

b.  Computer  Programs 

An  analytical  representation  of  the  exhaust  system  is  incorporated  in 
the  engine  performance  computer  decks  to  investigate  and  determine  exhaust 
system  performance.  The  calculations  are  based  on  a  balance  of  the  gas 
generator,  duct,  and  secondary  gas  streams  at  the  minimum  shroud  diameter 
and  exit  plane  to  establish  the  nozzle  flow  conditions  and  performance  for 
operation  with  the  tertiary  doors  closed.  Performance  with  tertiary  doors 
open  is  determined  from  a  correlation  of  extensive  wind  tunnel  test  results 
obtained  over  many  years  of  blow- in-door  ejector  nozzle  model  testing. 

The  engine  performance  supplied  to  the  airframe  contractors  incorporates 
exhaust  nozzle  performance  determined  with  this  calculation  procedure. 

A  three- flow  computing  deck  utilizing  the  method-of-characteristics 
has  also  been  formulated  to  permit  detailed  analytical  design  and  perform¬ 
ance  analysis  of  nozzle  configurations.  The  program  is  especially  useful 
for  supersonic  cruise  performance  determination  and  optimization.  This 
program  is  currently  being  extended  to  include  the  effects  of  off-design 
operation,  such  as  oblique  shocks  in  the  flow  streams.  This  will  permit 
additional  analytical  design  and  investigation  to  reduce  the  number  of 
model  tests  required  and  thereby  save  wind  tunnel  test  time  and  reduce 
costs.  Future  studies  will  investigate  the  effect  of  mixing  between  the 
secondary  and  duct  streams. 

Several  other  computing  decks  are  available  and  have  been  used  to  per¬ 
form  calculations  such  as  external  boattail  drags  to  aid  in  determining 
overall  nozzle  performance,  and  jet  wake  characteristics  to  determine  jet 
wake  profiles  and  flow  properties.  These  decks  will  be  improved  and  updated 
as  required. 

c.  Performance  Objectives 

Mission  analysis  studies  of  the  supersonic  transport  have  shown  that 
aircraft  performance  is  extremely  sensitive  to  exhaust  system  efficiency, 
and  that  high  overall  exhaust  system  performance  is  essential  to  economical 
aircraft  operation.  For  example,  one  percent  in  nozzle  efficiency  at  super- 
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craft  range. 
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Exhaust  system  performance  goals  for  the  Phase  1I-C  650  lb/sec  engine 
and  the  687  lb/sec  JTF17  production  and  prototype  engines  arc  given  in 
table  1  for  the  critical  flight  conditions.  The  performance  goals  are 
based  on  the  exhaust  system  performance  calculation  deck  previously  mentioned. 
The  exhaust  system  calculation  procedure  has  been  adjusted  to  provide  per¬ 
formance  judged  by  past  experience  to  be  near  the  maximum  attainable  for  a 
flight  exhaust  nozzle  at  the  critical  flight  conditions.  All  exhaust  system 
models  have  been  designed  and  Lusted  for  the  Phase  II-C  650  Ib/sec  engine 
operating  conditions  to  maintain  a  consistent  basis  for  performance  com¬ 
parisons  throughout  the  Phase  11-C  program.  The  small  differences  in 
operating  conditions  between  the  650  lb/sec  and  the  687  Ib/sec  engines 
do  not  appreciably  affect,  exhaust  system  performance  levels  or  Lhe  mech¬ 
anical  feasibility  of  the  design.  There  is  no  difference  in  the  exhaust 
system  design  between  the  JTF17  production  or  prototype  engines.  However, 
the  minimum  exhaust  system  performance  required  to  meet  the  prototype  engine 
performance  is  less  than  for  Lhe  production  engine  at  supersonic  cruise  and 
takeoff  conditions  as  shown  in  table  1. 


Table  1.  Exhaust  System  Performance  Coals 

Exhaust  System  Gross  Thrust  Coefficient,  Cfj,, 
with  2X  Corrected  Secondary  Airflow  for  For¬ 
ward  Flight.  (Zero  Secondary  Airflow  for 
Reverse  Operation) 


Mach 

Number 

Flight 

L'ond  i  1 1  on 

687  Ib/sec  JTF17 
Fruduc  tion 

Engine 

Prototype 

Phase  II-C 

650  Ib/sec 
Engine 

0.0 

Takeoff 

0.982 

0.980 

0.980 

0.9 

Cruise. 

0.923 

0.922 

1.2 

A cci:  I  era  tion 

0.967 

0.965 

2.7 

Cruise 

0.999 

0.997 

0.999 

0.0 

Reverse 

4 OX  of  Maximum 
Nonaugmen  tod 

Thrust  Corres¬ 
ponding  to 

Cr  -  0.47 

*  i 

40X  of  Maximum 
Nonaiigmen  ted 
Thrust  Corres¬ 
ponding  to 

C,  “  0.50 
to 

The  Pratt  &  Whitney  Aircraft  exhaust  system  goals  have  been  established 
to  be  compatible  with  guaranteed  engine  performance.  Because  the  exact 
levels  of  secondary  flow  may  vary  with  design  changes,  the  performance  goals 
are  based  on  2%  corrected  secondary  airflow  ratio,  W5;(;. ,  aL  all  flight  condi¬ 
tions  except  reverse,  where  no  secondary  airflow  is  allowed.  The  engine 
operating  conditions  for  the  critical  flight  conditions  are  listed  in 
table  2. 
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Model  tests  conducted  during  Phase  Il-C  have  demonstrated  the  exhaust 
system  goal  performance  levels  for  the  Phase  II-C  650  lb/ see  engine.  The 
subsonic  configuration  test  model  shown  in  ligure  5  depicts  the  important 
model  parts.  The  models  are  composed  of  a  fore hod v  that  supports  the 
tertiary  doors  and  shroud  assembly.  The  shroud  assembly  includes  the  fully 
variable  clamshell  segments  arid  removable  trailing  edge  flaps.  The  super¬ 
sonic  cruise  test  configuration  installed  in  the  17-inch  by  17-inch 
supersonic  wind  tunnel  test  section  is  shown  in  figure  6.  A  diagram  of 
the  exhaust  system  for  the  JTFI7  engine  is  given  in  figure  7,  with  the 
important  design  parameters  listed  in  table  2.  The  test  data  presented 
in  figures  8  through  12  for  the  five  critical  flight  conditions  show  that 
goal  performance  lias  been  achieved.  The  test  models  have  exceeded  the 
supersonic  cruise  goal  performance  for  Lhc  prototype  exhaust  system  and 
achieved  the  required  level  for  the  production  engine. 


Figure  5.  JTF17  Exhaust  System  Wind  Tunnel  Model"* 
Ter t vary  Doors  Open 


FD  1 6v i 6 

Aim; 


Figure  6.  JTF17  Exhaust  SysLem  Wind  Tunnel  Model-  FD  16873 
Supersonic  Cruise  Configuration  AII1E 

Installed  in  Wind  Tunnel 
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Figure  7.  JTF17  Exhaust  System 
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Figure  8.  JTF17  Exhaust  System  Model  Performance 
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PRESSURE  RATIO,  Pt'j/Pamb 

figure  9.  JTF17  Exhaust  fyj.tem  Model  Performance  PD  17044 
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Figure  11.  JTF17  F.xhaust  System  Model  Performance  FD  17097 
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Figure  12.  JTF17  Exhaust  System  Model  Reverse  FD  17098 

l’er iurmanee  -  Clamshell  Data  Run  A1I1F 
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Past  experience  with  blow- in-door  exhaust  nozzles  similar  to  the  JTFI7 
has  shown  that  flight  exhaust  nozzle  performance  with  full-scale  hardware 
can  be  predicted  from  scale  model  tests.  Figure  13  shows  a  comparison  of 
predicted  nozzle  performance  with  that  measured  during  flight  tests  of 
the  YF12A  airplane  for  tertiary  doors  open  and  closed  operation.  The 
in-flight  performance  was  obtained  by  pressure  area  integration  of  pres¬ 
sure  tap  data  obtained  from  an  instrumented  blow-in-door  ejector  nozzle. 
The  performance  of  the  flight  hardware  is  higher  than  performance  pre¬ 
dicted  from  the  scale  model  tests  except  for  small  performance  decrements 
in  the  transonic  region  due  to  installation  effects.  A  discussion  of 
installation  effects  is  given  in  paragraph  4f  of  this  section. 


FUUHT  MACH  NUMBER,  M 

Figure  13.  Performance  Comparison  of  Flight  FD  17100 

and  Scale  Model  Exhaust  Systems  AI11E 

d.  Correlation  of  Predicted  Reverser-Suppressor  Performance  With 
Test  Results 

A  comparison  of  model  test  data  with  exhaust  nozzle  performance 
theoretically  predicted  from  the  one-dimensional  three-flow  calculation 
deck  is  presented  in  figures  14  through  16.  Figure  14  presents  predicted 
nozzle  gross  thrust  coefficient,  Cfp,  for  maximum  duct  heat  engine  opera¬ 
tion  along  a  typical  supersonic  transport:  climb  path  and  at  cruise  opera¬ 
tion.  Model  test  data  at  takeoff  and  Mach  1.2  accel era tion  and  cruise 
conditions  show  good  agreement  with  predicted  values.  Figures  14  and  16 
present  curves  of  theoretically  predicted  gross  thrust  coefficient  versus 
engine  power  setting  for  the  subsonic  and  supersonic  cruise  conditions, 
respectively.  Model  test  data  at  the  engine  power  required  to  cruise  at 
these  conditions,  as  determined  from  mission  studies,  compare  favorably 
with  these  predictions,  thereby  validating  the  predicted  exhaust  nozzle 
performance  levels  supplied  to  the  airframe  companies. 
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Figure  14.  Comparison  o£  Predicted  JTF17  i>hau 

System  Periormance  with  Model  1st  .  ta 
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Figure  15.  Comparison  of  Predict  d  JTi’17  Kxliaust 

System  Performance  with  Model  Test  Data 
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Figure  16.  Comparison  of  Predicted  J'A'F  1 7  Exhaust  FI)  1710! 

System  Performance  with  Model  Test  Data  A111E 

e.  Effect  of  Reverser- Suppressor  Geometry  on  Performance 

Extensive  wind  tunnel  tests  were  conducted  to  determine  the  effect  ni 
various  geometric  variables  on  performance  levels  to  ensure  the  best  per¬ 
formance-mechanical  design  trade-off  possible.  The  results  of  these,  tests 
art:  discussed  in  the  following  paragraphs. 

(1)  Exhaust  System  Tertiary-Door-Closed  Design  Variables 

(a)  Supersonic  Cruise 


A  nonmixed-f 1 ow  tuibofan  engine  requires  consideration  of  both  gas 
generator  and  duct  gas  streams  In  the  exhaust  system  design  t"  ensure 
maximum  cLuise  pe*- Lormance .  The  design  variables  that  must  be  taken  into 
account  for  cruise  and  associated  high  Mach  number  operation  are  shown  in 
figure  17.  The  multitude  of  various  combinations  of  these  design  variables 
required  extensive  wind  tunnel  testing  to  establish  the  effect  of  each 
parameter.  The  following  discussion  presents  the  effect  of  each  variable 
op  exhaust  nozzle  performance  levels. 
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Tertiary  Doors  Closed  AI1IE 

Nozzl  c-  S i zing 

The  re  verse.r- suppressor  maximum  diameter,  limjv,  is  sized  ui  sn  person  j  <■ 
cruise  condition*  based  on  a i re ra it  cruise  drag  determined  I  rum  mission 
analyses.  The  exit  area  is  sized  ciu.se  to  the  area  required  for  complete 
expansion  for  all  streams  so  that  over  or  underexpansion  losses  arc 
negligible  at  cruise  conditions .  The  dotted  line  in  figure  18  presents 
the  performance  variation  as  a  function  of  nozzle  diameter.  Typical  SST 
aircraft  mission  studies  indicate  that  166  pounds  in  engine  weight  is 
equivalent  to  approximately  one-tenth  of  one  percent  of  nozzle  gross  thrust 
coefficient.  With  this  approximation,  plus  an  estimate  of  nozzl 1  weight 
versus  diameter,  it  is  possible  to  calculate  the  dashed  curve  oi  ligiuo  18. 
The  combination  of:  the  data  represented  by  the  dotted  and  dashed  curves 
produces  the  resultant  weight -performance  curve  of  figure  18.  The  maximum 
diameter  should  be  chosen  at  the  peak  of  this  weight- performance  curve 
unless  this  diamoLer  is  less  than  the  minimum  allowable  physical  nacelle 
diameter  for  clearance  around  the  engine  case.  The  test  remits  shown 
in  figure  12  indicate  that  the  exnaust  system  has  been  properly  sized  and 
over  or  underexpansion  losses  arc  negligible,  since  the  cruise  operating 
pressure  ratio  occurs  near  the  peak  of  the  nozzle  gross  lliriiflt  coefficient 
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Figure  18.  JTF17  Rcverser-Suppressor  Sizing  FI)  17104 

AIIIE 


The  shroud  length,  L,  for  maximum  performance  can  he  determined  from 
the  peak  of  the  curve  of  nozzle  performance  vorsu:  length  as  shown  in 
figure  19,  The  effect  of  shroud  length  on  performance  was  determined 
from  test  results  as  well  as  theoretically  from  the  method-of-character i sties 
performance  deck.  Cruise  performance  is  relatively  insensitive  to  small 
variations  of  shroud  length  from  the  optimum,  thus  permitting  shorter  nozzle 
lengths  and  light  weight. 


Figure  19.  Variation  of  Incremental  Exha -sc  FD  17109 

System  Gross  Thrust  Coefficient  With  AIIIE 

Reverser -Suppressor  Shroud  l.uigth 
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Shroud  Geomerry  Effects  on  Performance 

The  location  of  Lhe  reverser-supp^essor  minimum  shroud  point  relative 
to  tlie  duct  exhaust  nozzle  is  important  at  supersonic  cruise  conditions. 

That  point  is  defined  in  figure  17  by  the  minimum  shroud  diameter,  I)s ,  and 
its  distance  from  the  end  of  the  duct  exhaust  nozzle,  Ls .  There  is  a 
pronounced  interaction  between  Ls ,  Ds ,  and  the  engine  plug  that  forms  the 
duct  stream  expansion  surface.  This  is  to  be  expected  because  the  minimum 
shroud  point  and  plug,  and  their  relative  positions,  determine  the  duct 
stream  expansion  and  the  secondary-to-duct  total  pressure  ratio.  Also, 
the  duct  expansion  surface  determines  the  duct  exhaust  nozzle  diameter 
(Dj  in  figure  17)  necessary  to  obtain  the  required  duct  nozzle  throat  area. 
Parametric  studies  have  shown  that  the  effect  of  the  minimum  shroud  loca¬ 
tion  can  best  be  studied  if  L»  and  Ds  are  ratioed  to  D,_j .  In  effect, 

Djj/Djj  is  equivalent  to  an  an:  ;lar  area  or  diameter  ratio,  and  Ls /Dj  is 
equivalent  to  a  spacing  ratio.  The  engine  plug  is  designed  with  an  isen- 
tropic  contour  so  as  to  balance  the  static  pressure  and  direction  of  the 
duct  and  gas  generator  flows  at  the  plug  tip. 

Extensive  wind  tunnel  tests  were  made  to  determine  the  Interaction  of 
these  parameters  and  their  effect  on  performance .  The  results  of  these 
tests  arc  shown  j.n  figures  20  through  22,  which  give  the  variation  of  Cfp 
with  Ls/Dc|  and  Dy/Dj  for  0,  10,  and  20-degree  conical  plugs.  Similar 
results  for  isentropic  contoured  engine  plugs  having  throat  angles  of 
20  to  30  degrees  are  presented  in  figure  23.  These  figures  indicate  that 
the  performance  trends  are  similar  for  the  various  engine  plugs  but  the 
island  of  maximum  performance  occurs  at  slightly  different  Ls/I)(j  and  Ds/Dd 
ratios.  The  design  region  selected  for  the  JTF17  exhaust  system  is  shown 
in  figure  23. 

For  the  exhaust  system  area  ratios  under  consideration,  an  isentropic 
contoured  shroud  can  achieve  the  same  performance  levels  as  a  conical 
shroud  with  shorter  length,  and  consequently  lighter  weight.  However,  the 
contoured  shroud  may  suffer  more  off-design  performance  losses  due  to  the 
let  ge i  area  and  consequently  additional  overexpansion  losses  at  the  trailing 
edge  flap  hinge  plane.  The  final  determination  of  shroud  shape  depends  upon 
weight,  performance,  ami  fabrication  considerations. 

The  effects  of  Ls/L)j  and  Lly/Dd  on  secondary  pressure  requirements  are 
illustrated  in  figure  24.  It  can  be  seen  that  variations  in  Ds /Dj  have  a 
much  larger  effect  on  secondary  pressures  than  variations  in  Ly/Uj.  Con¬ 
sideration  ,.n  shroud  design  should  be  given  to  utilizing  as  much  secondary 
pressure  as  available  in  the  installation  to  ensure  high  levels  of  nozzle 
performance . 
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Corrected  Secondary  Airflow  Ratio 
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Figure  24.  Typical  Variation  o£  Exhaust  System  FD  17657 

Secondary  to  Duct  Total  Pressure  AIIIE 

Ratio  With  Shroud  Geometry 

Engine  Plug  Geometry  .Effects  on  Performance 

Proper  design  of  the  plug  geometry  is  required  to  obtain  supersonic 
cruise  performance  levels.  The  duct  expansion  surface  should  he  designed 
so  as  to  provide  a  static  pressure  and  flow  direction  balance  with  the  gas 
generator  flow.  This  can  be  accompl ished  with  both  conical  and  isentropic 
contoured  plugs. 

A  plot  of  nozzie  per lorman.ee  data  versus  plug  throat  angle,  for  conical 
and  isentropic  contoured  plugs,  is  shown  in  figure  25.  Photogi'aphs  of  the 
plug  configurations  tested  are  shown  in  figure  26.  The  performance  trend 
shown  in  figure  25  is  explained  in  the  following  paragraph. 

The  O-dcgrec  plug  does  not  perforin  as  well  as  the  10-degree  plug  because 
a  smaller  duct  nozzle  diameter  is  required  for  a  given  duct  nozzle  throat 
area.  This  requires  a  smaller  minimum  shroud  diameter  to  maintain  the 
optimum  l)s/Dd  ratio.  This,  in  turn,  increases  the  shroud  divergence  angle 
for  a  given  shroud  length,  and  consequently  additional  performance  losses 
are  present.  On  the  other  hand ,  the  20-degree  conical  plug  can  maintain 
the  optimum  Dd/D[j  ratio  with  small  shroud  divergence  angles.  However,  the 
flow  impingement  angle,  5  ,  between  the  duct  and  gas  generator  streams  be¬ 
comes  large  as  plug  angle  increases,  causing  oblique  shocks  with  subsequent 
performance  ios;  The  isentropic  contoured  plugs  give  h lgh  performance 

at  intermediate  t.  rat  angles  because  the  impingement  angles  can  be  kept 
quite  low.  However,  as  the  throat  angles  increase,  the  expanding  flow  does 
not  billow  sufficiently  to  maintain  high  secondary  pressures  or  optimum 
expansion  contours,  and  performance  losses  result.  These  data  indicate 
that  maximum  performance  levels  can  be  obtained  with  an  isentropic  con¬ 
toured  plug  designed  with  the.  metliod-of-characteristics  to  balance  static 
pressures  at  the  impingement  point  with  a  throat  angle  of  approximately 
25  degrees. 


AI1IE-2H 


CONFIDENTIAL 


Pratt  &  Whitney  Aircraft 

PWA  FP  66-100 
Volume  111 


Figure  111  gives  the  variation  of  performance  with  plug  base  area  and 
flow  impingement  angle,  and  indicates  that  the  optimum  base  area  and 
impingement  angle  is  zero  for  a  typical  ping  with  nn  base  bleed.  However, 
performance  losses  associated  with  low  impingement  angles  are  small  and 
consequently  low  angle  conical  plugs  can  give  near  maximum  performance. 


Figure  25.  Variation  of  Exhaust  System  FD  17111 

Performance  With  Engine  Plug  Throat  AII1E 

Angle 


Contoured 

Figure  26.  Exhaust  System  Model  Engine  Plugs  FD  16907 
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Figure  27.  Typical  Variation  of  Exhaust  System  FD  17112 

Performance  With  Engine  Plug  Bise  Area  AILIE 

(b)  Acceleration  -  Tertiary  Doors  Closed 

As  previously  discussed,  it  is  necessary  Co  size  the  reverser-suppressor 
for  maximum  performance  at  Mach  2.7  cruise  conditions.  However,  high  per¬ 
formance  at  off-design  conditions  such  as  Mach  1.2  acceleration  and  subsonic 
cruise  is  also  required.  The  JTF17  reverser- suppressor  has  been  designed 
to  provide  the  off-design  performance  goal  while  remaining  consistent  with 
the  configuration  necessary  to  meet  the  cruise  performance  goal . 

The  critical  parameters  affecting  operation  during  acceleration  condi¬ 
tions  are  tertiary  door  position,  r railing  edge  flap  boattail  angle,  and 
clamshell  position.  Wind  tunnel  tests  at  M  =  1.2  were  conducted  to  determine 
tiie  effect  of  these  parameters  on  performance.  Photographs  of  typical 
model v  tested  are  shown  in  figures  28  and  29.  Results  of  these  model  tests 
are  presented  in  figures  30  and  31  for  tertiary  doors  closed  and  open,  res¬ 
pectively.  These  figures  show  the  interrelationship  between  trailing  edge 
flap  boattail  angle  and  clamshell  position  and  their  effect  on  performance. 
Analytical  studies  comparing  the  internal  and  external  pressure  distribu¬ 
tions  over  the  free  floating  tertiary  doors  indicate  that  the  tertiary 
doors  will  be  closed  at  Mach  1.2  during  aircraft  acceleration.  Model  tests 
were  conducted  to  investigate  both  tertiary  doors  open  and  closed  conditions 
but  performance  estimates  are  based  on  doors  closed  operation.  Figure  30 
shows  the  optimum  clamshell  angle  to  be  zero  degrees  for  transonic  accelera¬ 
tion  operation  (with  tertiary  doors  closed),  which  is  also  the  supersonic 
cruise  position.  Figures  3G  and  31  also  show  that  the  optimum  trailing  edge 
flap  boattail  angle  for  Mach  1.2  acceleration  is  approximately  5  degrees. 

This  is  confirmed  by  analytical  studies  conducted  using  the  one-dimensional, 
three-flow  internal  performance  prediction  deck  and  the  method-o£-charac teristics 
boattail  drag  deck,  as  shown  in  figure  32.  However,  as  discussed  in  the 
next  paragraph,  a  trai.Ling  edge  flap  angle  maximum  setting  of  5  degrees 
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provides  too  Large  an  exit  area  for  subsonic  operation  Cor  the  shroud  lengths 
under  consideration  so  that  overexpansion  losses  would  result.  Consequently, 
the  minimum  exit  area  is  sized  for  the  subsonic  cruise  condition  since 
analytical  studies  indicate  the  flaps  will  be  floating  at  an  intermediate 
exit  area  during  Mach  1.2  acceleration  operation. 


(2)  Exhaust  System  Tortiary-Doors-Open  Design  Variables 

When  cruise  exhaust  system  geometry  consistent  with  p*  alt  performance 
levels  and  good  mechanical  design  has  been  determined,  the  ct  figuration 
required  to  obtain  high  performance  during  subsonic  cruise  conditions, 
i.e.,  tertiary  doors  open,  must  be  established. 

Tlie  geometric  variables  affecting  subsonic  cruise  operation  are  tertiary 
door  area  (A,.),  initial  and  final  tertiary  door  angle  (B|  and  B2)  ,  exit 
diameter  (Dt>}Cj  »-)  ,  trailing  edge  flap  boatta.il  angle  (/J)  .  clamshel  l,  angle 
(f),  and  clamshell  thickness  ratio  (t/c),  These  parameters  are  illustrated 
in  figure  33.  Tertiary-door s-onen  models  with  fully  variable  clamshell s 
were  tested  at  Mach  0.9  cruise  conditions  t.o  establish  the  effect  of  these 
variables  on  doors-open  performance. 


-9~deg  Trailing 
Edge  Flaps 


t—  Ternary  Dourg  Open 


«8EgV  H-deg  Trailing 
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Tertiary  Doors  Closed _ -J  Movable  Clamshell  / 

Shroud  with  0-deg  j 

Trailing  Edge  Flaps — ' 


Figure  28.  JTF17  Exhaust  System  Wind  Tunnel 
Mode  1, 
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Figure  29.  JTF17  Exhaust  System  Wind  Tunnel 
Model  Trailing  F.dge  Flaps 
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Figure  30.  Variation  of  Exhaust  System  FD  17113 

Performance  with  Reverser-Suppressor  AIIIE 

Geometry  -  Tertiary  Doors  Closed 


Corrected  Secondary  Airflow  Ratio  =  0.02 


Figure  31.  Variation  of  Exhaust  System  FD  17114 

Performance  With  Reverser-Suppressor  AIIIE 

Geometry  -  Tertiary  Doors  Open 
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Tertiary  Door  Area  and  Trailing  Edge  Flap  Angle  Effects  on  Performance  ^ - — 

The  effect  of  tertiary  door  area  and  trailing  edge  flap  angle  on  noz/.l'e^ 
performance  is  illustrated  in  figure  34.  A  compromise  between  overexpansion 
losses,  external  pressure  drags  and  tertiary  air  Induction  drags  must  be 
made  to  obtain  maximum  pci'formance  levels.  An  increase  in  tertiary  area 
gives  increased  performance  up  to  the  point  whore  overexpansion  losses  are 
minimised  and  tertiary  induction  drag  losses  become  large.  The  actual 
door  area  selected  should  be  loss  than  optimum,  since  resulting  performance 
losses  are  relatively  small  and  the  mechanical  design  becomes  increasingly 
complicated  and  heavy  to  achieve  large  areas. 


0.0  2.0  4.0  6.C  8.0  10.0  12.0  14.0  16.0 


TRAILING  EDGE  FLAP  BOATTAIL  ANGLE,  0  -  deg 

Figure  34,  Variation  of  Exhaust  System  FD  17116 

Performance  With  Tertiary  Door  Area  A 11 IE 

and  Boautail  Angle 


Clamshell  Angle  Effects  on  Performance 

Rotation  of  the  clamshells  during  tertiary-doors-open  operation  is 
required  to  facilitate  the  admission  of  tertiary  air.  An  investigation 
was  carried  out  to  determine  the  angle  el  clamshell  rotation  required  to 
give  maximum  performance.  Figure  35  indicates  that  a  clamshell  angle  be¬ 
tween  15  and  20  degrees  provides  peak  performance  levels.  At  lower  angles, 
the  clamshells  block  the  tertiary  passage  and  restrict  the  admission  of 
tertiary  air.  Above  20  degrees,  tin*  passage  behind  the  olat  shells  is 
restricted  and  sufficient  flow  is  not  provided  to  fill  the  drag-producing 
base  areas  generated  by  the  clamshells.  The  clamshells  need  only  be 
approximately  located  wltlvin  the  15  to  20  degree  band  because  the  perform- 

iiuct  peak,  i a  Veld  L 1  Vi:  1  y 
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Figure  35.  Variation  oi  Pe rformancc  With  FI)  17117 

Reverser-Suppressor  Clamshell  Angle  A1IIE 

Clamshell  Fineness  Ratio  Effect:;  on  Pe r forniancc 

Tlie  effect  of  clamshell  thickness  on  performance  was  invest  i  gated  , 

Ho  appreciable  difference  in  performance  was  observed  for  fineness  ratios 
ranging  from  0.03  to  C.LO, 

Tertiary  Door  Configuration 


Several  mechanical  schemes  to  obtain  the  required  tertiary  and  reveaser 
door  areas  have  been  investigated  and  the  relative  performance  oi  each 
determined  by  model  tests.  The  configurations  tested  included  steep-angle 
and  'ia 1 low-angl e  double-hinged  tertiary  doors,  scoops,  pop-out  doors,  and 
tandem  tertiary  doors.  The  eon  f  i  pu  ra  t a  on  s  and  their  relative  performance 
arc  presented  in  tignres  36  and  37.  Deep,  double-hinged  tertiary  doors  with 
shallow  angles  give  the  best  subsonic  cruise  performance  and  consequently 
were  selected  for  the  reverser-suppressor  design.  Consideration  must  also 
be  given  to  Lin.1  required  reverse  area  because  the  tertiary  doors  also  serve 
as  the  reverse,  flow  passage.  The  reverser  requirements  are  covered  in  the 
following  section. 

(3)  Reverser  Design  Variables 

Figure  38  in  us  the  design  variables  associated  wi  lb  reverser 

operation:  leversei  discharge  area  (Arcv)  ,  bleed  area  (A  | ,  |  ee(|)  ,  circum¬ 
ferential  blockage  (degrees),  spacing  ratio  (K/Umax) ,  and  tertiary  doors 
reverse  angle  (Xl)  . 

The  effect  oi  these  variables  was  established  by  scale  model  tests  at 
static  and  subsonic  flight  Mach  numbers.  i  photograph  of  the  clamshell 
reverser  model  with  the  clamshells  in  the  reverse  configuration  is  shown 
in  figure  3V. 
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Figure  38.  Exhaust  System  Design  Variables 
Reverse  Configuration 


Figure  39,  JTF17  Reverser-Suppreasor  Wind 

Tunnel  Model  -  Reverse  Coal ivurat ion 
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Reverser  Discharge  Area  and  Bleed  Area,  Effects  on  Reverser  Performance 

Figure  40  shows  the  variation  of  reverser  performance  with  reverser 
discharge  area  and  bleed  area  for  static  sea  level  reverse  operation.  Fig¬ 
ure  41  shows  the  variation  of  gas  generator  and  duct  flow  coefficients  with 
discharge  and  bleed  area.  Selection  of  a  reverser  design  is  based  on  a 
compromise  between  the  required  reverse  thrust  coefficient,  avoidance  til 
engine  air  flow  suppression,  and  mechanical  limitations  in  obtaining  the 
reverse  area.  The  goai,  reverse  thrust  level  of  40%  of  the  maximum  non- 
augmented  static  sea  level  thrust,  can  be  obtained  with  minimum  weight  by 
sizing  the  reverse -to-eng  ine  area  ratio,  Are  v/ (A  jcj+A ;  q  )  ,  equal  to  1.2  to 
1.3  with  approximately  10%  to  20%  bleed  flow  area.  No  appreciable  gas 
generator  or  duct  flow  suppression  is  evident  for  this  configuration,  as 
shown  in  figure  41.  The  reverse  thrust  requirement  is  based  on  an  engine 
power  setting  of  approximately  80%  which  corresponds  to  a  gas  generator 
discharge  total  temperature  of  1250  F  anil  a  total  temperature  at  the  duct 
nozzle  tiiroat  of  approximately  240  F,  These  temperatures  permit  extensive 
use  of  titanium  in  the  reverser- suppressor  with  resultant  light  weight,  and 
requires  a  reverse  thrust:  coefficient,  Cpr,  of  approximately  0.5  to  obtain 
the  goal  value  of  40%  of  the  maximum  nonaugmented  static  sea  level  forward 
thrust:.  A  discussion  of  the  materials  used  in  the  reverser  design  is  given 
in  Volume  III,  Report  B,  Section  IIP. 

Reverse  Circumferential  Blockage,  Effects  on  Performance 

Circumferential  blockage  of  the  reverse  gas  flow  can  affect  reverser 
performance  as  shown  in  figure  42.  The  decrease  in  reverse  thrust  co¬ 
efficient,  Cfr,  with  a  decrease  in  reverser  circumferential  flow  is  due  to 
an  increase  in  reverse  gas  angle  as  che  area  of  each  reverse  door  is  en¬ 
larged  to  maintain  the  required  total  reverse  discharge  area.  Close 
coordination  will  be  maintained  with  the  airframe  manufacturer  to  ensure 
a  circumferential  reverse  gas  flow  consistent  with  airframe  targeting 
requirements 

Clamshell  Spacing  Effects  on  Reverser  Per formance 

Tlie  effect  of  reverser  clamshell  spacing  is  shown  in  figure  43.  Because 
the  variation  of  reverse  thrust  coefficient  is  relatively  insensitive  to 
small  changes  in  spacing,  the  importance  of  this  parameter  lies  in  its 
effect  on  engine  flow  suppression  characteristics.  The  range  of  spacing 
ratios  under  consideration  for  the  reverser  system  is  shown  by  the  abscissa 
of  figure  43  and  indicates  little  or  no  engine  flow  suppression. 

Tertiary  Door  Reverse  Angle  Effect  on  Reverser  Tcrformance 

The  tertiary  door  reverse  angle,  V)  ,  can  affect  the  mean  reverse  gas 
discharge  angle  and  consequently  reverser  performance.  The  variation  of 
reverse  thrust  coefficient  with  the  mean  reverse  discharge  angle  is  shown 
in  figure  44.  An  analytical  solution  obtained  by  taking  the  cosine  of  tire 
reverse  discharge,  angle  is  shown  for  comparison  and  indicates  good  agree- 
rcen  t . 
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Figure  40.  Vitiation  of  Exhaust  System  Per-  FD  17120 

to  mance  With  Reverse  Flow  Area  AII1E 

and  leed  Area  -  Approx  200  Degree 
Circumferential  Discharge 
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Figure  42.  Variation  of  Reverse  Performance  FD  17665 

With  Circumferential  Discharge  AI11E 


Figure  43.  Variation  in  Exhaust  System  Kever&f  FD  17122 

Performance  With  Reverse;:  Spacing  A111E 
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ANGLE,1),  deg 


Figure  44,  Variation  oi  Reverse  Performance  FI)  17123 

With  Tertiary  Door  Reverse  Angle  A11IE 

The  tertiary  door  reverse  angle  also  affects  the  separation  and  attach¬ 
ment  characteristics  of  the  reverse  gas  flow.  Flow  studies  conducted  with 
scale  model  ruvetsers  in  isolated  flow  fields  indicate  that  the  reverse  gas 
flow  will  be  separated  f-om  the  nacelle  at  tertiaiv  door  reverse  angles  of 
approximately  20  degrees  above  forward  flight,  speeds  oi  approximately 
75  knots.  Tuft  board  pictures  at  0,  75  and  150  knots  forward  velocity 
indicate  the  onset  of  separation  at  75  knots  as  shown  in  figure  ‘O. 
Separation  characteristics  for  an  actual  installation  may  vary  from  the 
isolated  case,  and  installed  reverser  tests  will  be  conducted  during 
Phase  III. 


Time  to  Achieve  Maximum  Reverse  Thrust  from  Idle 


The  time  required  to  ac.iieve  maximum  engine  reverse  thrust  irom  idle 
power  is  limited  by  the  time  required  to  accelerate  the  engine  rotor  to 
maximum  rotor  speed,  which  is  approximately  6  seconds.  The  net  engine 
thrust  variation  during  this  time  period  depends  not  only  on  the  engine 
rotor  speed  but  also  or  the  angle  of  clamshell  rotation.  When  the  clam¬ 
shell  angle  is  small,  engine  thrust  is  positive  or  forward.  When  the 
clamshells  approach  the  full  closed  position,  engine  thrust  is  ncgaLive 
or  reverse.  Complete  rotation  of  the  clamshell.-,  takes  approximately  one 
second  and  provides  a  smooth  and  continuous  variation  of  engine  thrust. 

A  more  detailed  discussion  of  reversal  times  is  given  in  the  Design 
Report. 
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Flow  Attached 


Forward  Velocity  —  0  Knots 


Figure  45.  Reverse  Flow  Field  Investigation 
20°  Reverse  Door  Angle 
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AIIIE 


f.  Installation  Effects 

The  selection  ol  the  exhaust  nozzle  configuration  for  the  JTF1/  engine 
was  based  upon  trade-off  studies  involving  three  different  nozzle  con¬ 
figurations.  Although  not  the  only  criterion,  the  sensitivity  of  the 
nozzle  to  installation  effects  was  an  overriding  factor  in  the  evaluation 
of  candidate  nozzles.  Such  trade-off  studies  rely  heavily  on  experience 
of  service  aircraft  for  evaluation  criteria,  and  the  initial  evaluation  was 
made  utilizing  the  excellent  service  experience  of  the  blow-in-door 
ejector  in  trie  Y5»12  aircraft.  When  data  became  available  from  the  less 
favorable  F-lil  installation,  these  trade-off  sLudies  were  repeated  to  assure 
data  from  the  less  favorable  installation  received  proper  consideration. 

Three  configurations,  the  plug  nozzle,  the  long  variable  flap  nozzle  and 
the  blow-in-door  ejector  wore  included  in  the  study.  Detail  results  of  these, 
studies  can  be  made  available  upon  request;  however,  in  summary  the  plug 
nozzle  was  rated  very  low  because  of  its  relatively  high  sensitivity  to 
performance  loss  from  flow  field  variations.  The  blow-in-door  ejector  and 
long  variable  flap  nozzle  were  rated  about  equal  for  performance  loss  due 
to  Installation  effects  during  the  initial  evaluation  and  againdbring  the 
reevaluat ion .  The  tinal  choice  of  the  biow-in-door  ejector  was  then  made 
on  the  basts  of  Its  overall  performance,  better  sealing,  less  complexity 
and  weight,  and  better  noise  attenuation  charac ter  is t fes .  Like  the  long 
variable  flap  nozzle,  the  blow-in-door  nozzle  can  suffer  from  installation 
effects  due  to  variations  of  the  aircraft  local  flow  field.  Proper  design 
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of  the  nozzle  and  installation  can  minimize  these  losses.  Model  tests, 
summarized  in  figure  46,  have  shown  chat  tertiary  door  open  nozzle  performance 
is  dependent  upon  providing  the  required  quantity  of  tertiary  flow  regardless 
of  the  amount  of  door  blockage.  Performance  is  directly  related  to  tertiary 
fit-',  quantity  as  indicated  in  figure  46  and  adverse  local  flow  fields  can  be 
compensated  for  by  increasing  tertiary  door  area.  An  exhaust  system  placed 
relative  to  the  aircraft  such  that  it  operates  in  a  uniform  flow  field  with 
minim  ti  deviation  from  free  stream  conditions  will  exhibit  little  or  no 
installation  effect.  Both  airframe  manufacturers  are  aware  of  this,  and 
have  provided  wing-mounted  installations  that  should  produce  minimum  devia¬ 
tions  of  the  nozzle  local  flow  fields  from  free  stream  conditions. 


0.96i 


Flight  Mach  Number  ~  09 


All  Tertiary  Doors 
H. til -Cl used - 


All  Upper  Tertiary 
“  Doors  Closed 


All  Lower  Tertiary 
Doors  Open  i 


gg  0.80| 
Xx 

0.76 


The  total  corrected  (low  ratio  is  defined  as 
the  product  ol  the  .ttio  of  the  secondary 
and  tertiary  airflow  to  engine  gas  flow  and 

...  r„  j _ the  square  root  of  the  compressor  inlet 

|  total  temperature  divided  by  the  engine 

|  total  temperature.  Wr  +  W(  rf~^ 

I  I  Total  Corrected  Flow  Ratio  =  op - *•  t/zt — 

| _ |  j _ [  )  j  ]  '"engine  Iltengine 
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Figure  46.  Variation  of  Exhaust  System  Per-  FD  17124 

fortnance  With  Total  Corrected  Flow  Ratio  AIIIE 


The  JTF17  exhaust  system  is  being  designed  to  compensate  for  variations 
in  local  flow  conditions  when  they  occur,  thereby  minimizing  installation 
eflm-ts.  Trie  local  il ow  field  approaching  the  exhaust  nozzle  may  vary  lrom 
isolated  test  conditions  due  to  the  effect  of  the  wing  and  adjacent  bodies, 
overbr  rd  bleed  flows  upstream  of  the  nozzle,  and  differences  in  model  and 
full-scale  boundary  layers.  The  difference  between  free  stream  Mach  number 
and  the  local  Mach  number  around  the  nozzle  car.  affect  nozzle  performance 
by  changing  the  tertiary  air  inlet  conditions  and  the  external  pressure 
drags.  High  local  M  ich  numbers,  and  consequently  low  local  static  pressure 
fields,  may  also  cause  the  pressure-actuated  tertiary  doors  to  close 
prematurely  and  thereby  produce  overexpansion  losses  in  the  nozzle.  The 
local  pressure  field  can  also  affect  the  position  of  the  trailing  edge 
flaps,  which  can  prouuce  over expans ion  losses  in  the  nozzle  if  the  flaps 
float  to  a  larger  exit  area.  A  variation  of  boundary  layer  height  between 
the  installed  and  isolated  test  conditions  will  also  affect  the  tertiary  flow 
and  internal  performance.  The  isolated  transonic  wind  tunnel  investigations 
of  the  JTF17  exhaust  system  are  conducted  in  a  free  stream  flow  field  with 
4-inc.h  diameter  models.  The  models  are  mounted  on  a  shaft  approximately 
7  feet  long  that  protrudes  from  a  streamlined  strut  located  Just  ahead  of 
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the  test  section.  Calculations  indicate  that  the  relative  boundary  layer  j; 

heights  between  the  isolated  scale  modal  tests  and  the  actual  aircraft 
(approximately  11.  inches  full-scale)  are  similar.  In  the  absence  ot  large  j 

quantities  of  overboard  bleed  and  large  variations  in  boundary  layers,  }: 

installation  effects  are  primarily  a  function  of  the  local  Mach  numbers 
produced  by  the.  aircraft.  Experience  has  shown  that  differences  in  nozzle 
performance  occur  in  the  transonic  flight  region  where  the  tertiaiy  doors  |i 

are  open  and  the  trailing  edge  Haps  are  closed.  At  cruise  Mach  Hunters,  Ti 

nozzle  performance  is  not  affected  by  the  aircraft  How  field. 

f  ’ 

(1)  Previous  Experience  !; 


Installation  ef fei ts  have  been  thoroughly  investigated  in  the  Pratt  & 
Whitney  Aircraft  J58  engine  installation  in  the  YF12  aircraft.  Wing-nacelle 
model  test  programs  and  full-scale.  HUgnt  i^ves  tigat  ions  have  beer,  conducted 
in  conjunction  with  the  airframe  manufacCM.,  ,  Results  of  these  programs 
show  that  installation  effects  are  prodic to ole  and  that  the  exhaust  system 
can  be  designed  to  minimize  these  »fp.cts.  The  magnitude  of  these  effects 
can  be  obtained  from  figure  13  ytieii.  small  performance  decrements,  due  to 
the  installation  effects,  are  evident  in  the  transonic  flight  range, 

J5S  experience  has  shown  that  an  approximation  of  installation  effe  ts 
lor  a  wing-mounted  nacelle  can  be  made  by  testing  isolated  scale  models 
at  the  local  Mach  number  of  the  aircraft  flow  field.  For  example,  a 
simulation  of  the  conditions  at  a  flight  Mach  number  of  1.05  could  be  made 
by  testing  at  approximately  Mach  1.2.  This  type  of  test  would  simulate  both 
the  lower  pressure  air  entering  the  tertiary  doors  as  well  as  the  increment 
in  boautail  pressure  drag  caused  by  the  aircraft  flow  field.  This  test 
would  not,  however,  show  the  effect  of  low  pressures  caused  by  the  boattail 
on  aircraft  surfaces.  A  similar  i.nvest.igat  ion  has  been  carried  out  for 
the  JTF17  exhaust  system  installation  iu  the  Lockheed  aircraft,  as  discussed 
iri  the  next  paragraph. 

(2)  Prediction  of  JTF17  Exhaust  Fysfern  Installation  Effects 

Cbocdwise  static  pressure  distributions  have  been  measured  for  the 
inboard  and  outboard  nacelles  on  the  Lockheed  wing.  Average  local  Mach 
numbers  In  tin?  vicin'  r y  r>t  the  tertiary  doors  have  been  calculated  from 
these  data  and  a  comparison  is  shown  iu  the  following  table: 

Frees Cream  Mach  Number  0.9  1.3 

Average  Local  Mach  Number  0.92  1.31 


li 


5? 

II 


Isolated  models  have  been  tested  over  a  range  of  Mach  numbers  for  transonic 
acceleration  and  subsonic  cruise  engine  operating  conditions.  Figures  47  and 
48  indicate  the  estimated  performance  increments  as  a  function  of  local  Mach 
numbers  for  the  JTF17  nozzle  during  subsonic  cruise  and  transonic  acceleration, 
respectively.  No  appreciable  installation  effect  is  estimated  from  either  figure 
with  the  maximum  ACf pi _nst.  °f  0.004  occurring  during  subsonic  cruise  operation. 
During  operation  at  acceleration  conditions,  exhaust  system  throat  areas  and 
pressure  ratios  are  larger  than  for  subsonic  part  power,  and  installation 
effects  will  be  less  than  at  part  power  conditions. 
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I  ns  LaJJ.it  ion  Effects  -  Lockheed  AIIIE 
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FiKure  48.  Estimated  JTF17  Exhaust  System 
Installation  Effects  -  Lockheed 
Ins  La  11a Lion 
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(3)  JTF  1  7  Ins  t  a  1  I  .it  i  on  Tests 

I'h  i  t  njt  I’li  n  it  e  I  I  -  I  I  ii-  I  i  rs  I  el  .i  lies  1 1 1  l.ml  *  w  i  I  li  a  .  I  IT  I  /  e  xlt.i  ns  I 
system  w  I  ml  l  imiie  I  inmit’l  i  epi  esenl  I  ng  I  lie  hoc  klieeil  i  lis  In  I  I  a  l  Ion  were  i  -un¬ 
due  Led  In  the  United  Aircraft  Research  Laboratories  main  wind  tunnel  to 
investigate  installation  effects  on  exhaust  nozzle  per foi. nance .  The  com¬ 
plete  test  series,  to  be  continued  into  Phase  III,  will  investigate  the 
effects  of  angle  of  attack,  exhaust  system  trailing  edge  flap  variation 
eleven  deflection  angle,  and  exhaust  system  axial  location.  The  initial 
tests  established  the  effects  of  the  Lockheed  installation  on  the  per¬ 
formance  of  the  JTF17  exhaust  system  during  subsonic  parr  power  operation 
and  investigated  the  wing  and  exhaust  system  local  flow  field  pressure 
and  Mach  number  distributions. 

The  ? /20th-scale  installation  model  consists  of  a  metric  flowing  nacelle 
with  the  JTF17  exhaust  system  and  a  nonmetric  half  wing  of  cropped -del ta 
plan  form  with  an  open  channel  dummy  nacelle  as  shown  in  figure  49.  The 
metric  flowing  nacelle  consists  of  a  4-inch  outside  diameter  shaft  that 
extends  7  feet  downstream  of  the  trailing  edge  of  a  streamlined  fairing. 

The  upstream  end  of  the  shaft  is  attached  to  a  three-flow  force  balance 
and  the  exhaust  system  is  attached  to  the  downstream  end. 


Figure  49.  Exhaust  System  Installation  Model  -  FD  16905 

Tests  -  Lockheed  Configuration  AIIIE 

The  nonmetric  half  wing  consists  of  a  cropped-del ta  plan  form  with  a 
mud  il  led  double  wedge  section  and  a  10  degree  tip  droop.  A  half  wing  model 
is  representative  of  the  installation  and  should  establish  preliminary 
e!  fed:;  since  a  splitter  plate  al:  the  wing  root  divides  the  flow  field  and 
1  he  Hiwing  aac-lle  is  located  foui'  nacelle  diameters  away  from  the  center- 
i i no .  P&WA  recognizes  that  a  half  installation  model  may  not  completely 
duplicate  the  aircraft  flow  field  and  full  model  tests  will  be  conducted 
in  I'i'jii-ra  t  i  on  with  the  airframe  manufacturer  during  Phase  III.  An  open 
‘  i  i.i.fiir  I  iltiimir,  nacelle  simulates  the  inboard  propulsion  package .  Replaceable 
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mi;  i  I  .'iMo  !;<■  ftlmnlote  vrtt  l.  r  I  1  p<'» !  i.  f ‘"i»  5<»  • »  n .  • »  l  >  •  r*  r «  •  * 

during  IM»  Inlilnl  le#l.  program.  Hie  flowing  noicl  lr  nhu  1 1  w.m  r.«-i  .11  .1 
negative  1 11c J.dence  of  ?,  degree*  relative  t<>  the  wing  rhortl  and  (lie  lent* 
were  conducted  at  angles  of  attack  of  2  degrees  and  j  degrees.  The  wing 
was  mounted  on  edge  In  the  test  section  on  the  wing  root  plate  and  two 
support  struts. 

The  test  instrumentation  consisted  of  the  following: 

1.  A  three-flow  balance  to  record  exhaust  system  gross  thrust 
coef fic ients . 

2.  Three  static  pressure  pipes  running  the  length  of  the  tunnel 
test  section  and  located  three  feet  from  the  upper  wing  surface, 
three  feet  from  the  lower  wing  surface,  and  3  inches  off  the 
wing  tip. 

3.  Tunnel  wall  static  pressure  plates  mqunted  on  the  upper 
wing  surface  side  of  the  tunnel  and  on  the  lower  wing 
surface  side  of  the  tunnel. 

4.  A  tunnel  spanning  static  and  total  pressure  "T"  rake. 

Readings  from  this  rake  were  taken  just  upstream  of  the 
plane  of  the  ejector  tertiary  doors. 

5.  The  lower  surface  of  the  wing  was  instrumented  with  35  static 
pressure  taps  and  the  upper  surface  with  18  taps. 


The  exhaust  nozzle  had  four  static  taps  circumferentially 
spaced  just  ahead  of  the  tertiary  doors. 

Two  one-inch  high  boundary  layer  pressure  rakes  were  mounted 
on  the  nacelle  just  ahead  of  the  tertiary  doors  above  and 
below  the  wing. 


Preliminary  results  of  these  tests  are  shown  in  figure  50.  The 
isolated  and  installed  performance  should  be  compared  only  at  Mach  0.9  since 
the  data  were  accumulated  over  a  range  of  Mach  numbers  at  a  gas  generator 
pressure  ratio  corresponding  to  Mach  0.9  operation.  The  installed  model  meets 
the  subsonic  cruise  performance  goal  as  shown  in  figure  50  with  a  1/2 %  performance 
decrement  due  to  the  installation.  Note  that  this  represents  only  the 
effect  of  the  installation  on  the  exhaust  system  and  does  not  include  the 
effect  of  the  nozzle  on  the  aircraft.  Angle  of  attack  has  little  effect 
on  the  installed  performance.  The  excellent  agreement  between  the  theoretical 
and  test  results  indicates  that  installation  effects  for  the  JTF17  exhaust 
system  are  predictable  and  that  the  nozzle  design  can  be  modified  when 
necessary  to  minimize  these  effects. 

The  initial  test  program  was  limited  to  subsonic  flight  Mach  numbers 
because  of  wind  tunnel  limitations.  Wind  tunnel  flow  field  investigations 
conducted  with  both  Boeing  and  Lockheed  wings  (no  exhaust  nozzles)  indicated 
that  satisfactory  flow  fields  could  be  established  for  subsonic  Mach  numbers 
only.  However,  a  wind  tunnel  modification  incorporating  a  perforated  wall 
test  section  to  permit  transonic  Mach  number  testing  is  planned.  This 
facility  should  be  available  for  use  early  in  Phase  III. 
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No  exhaust  system  I  Lov  {it  id  information  has  been  obtained  from  the 
Boeing  Comnany  at  this  writing.  A  similar  investigation  will  be  conducted 
for  the  Booing  installation  when  this  information  becomes  available. 
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Figure  50.  JTF17  Exhaust  System  Wing,  Nacelle 
Test  -  Lockheed  Installation 
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g.  Hot  Flow  Effects 

Performance  predictions  for  full-scale  exhaust  systems  are  normally 
determined  by  cold-flow,  smal 1 -sea le , mode  1  tests.  The  effect  of  a  hot 
flow  on  exhaust  system  thrust  coefficient  and  secondary  pressure  and  flow 
characteristics  has  been  the  subject  of  much  speculation.  Full-scale  test 
data  indicate  that  errors  in  predicting  exhaust  system  secondary  pressure 
requirements  from  cold  flow  model  tests  can  occur  unless  heat  transfer 
to  t!  secondary  stream  is  accounted  for.  However,  no  errors  in  nozzle 
thrust  coefficient  are  apparent  from  the  full-scale  tests.  A  literature 
and  information  search  conducted  in  cooperation  with  an  airframe  manufacturer 
revealed  similar  findings  by  two  NASA  Reports  (references  3  and  4). 

However,  the  magnitude  of  the  effects  or  a  method  for  correcting  the  cold 
11. iw  data  was  iot  suggested. 
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to  establish  a  theoretical  method  lor  corrw«.tlng  the  cold  flow  data,  and  a 
hot  flow  model  test  program  was  planned  to  verify  the  theory. 

The  following  discussion  outlines  the  theory  and  gives  a  procedure 
that  can  be  used  to  correct  for  hot  flow  effects.  A  brief  description  of 
the  test  program  and  its  results  is  also  included. 

(1)  Theory 

The  theory  developed  here  applies  to  a  typical  exhaust  system  and 
refers  to  parameters  .  hscripted  by  "p"  or  primary  and  "s"  or  secondary. 

In  these  instances,  rh  discussion  is  based  on  a  single  mainstream-type 
exhaust  such  as  one  lor  a  turbojet  engine, and  the  following  special 
nomenclature  will  be  used: 


A  *  Area 

G  m  Gravitational  Constant 
k  =  Specific  Heat  Ratio 
M  ■  Mach  number 
P  ■  Pressure 

and  the  subscripts  are: 

*  =  Designates  choked  flow 
s  =  Secondary  stream 


R  •  Gas  Constant 
T  *  Temperature 
V  a  Velocity 
W  a  Flow  Rate 
P  ■  Density 


p  **  Primary  stream 
t  *  Total 


Secondary  flows  and  pressures  are  normally  determined  as  a  function 
of  primary  pressit^  ratio,  as  shown  in  figure  51.  Model  tests  are  conducted 
using  colu  ("appro.,  nately  70°F)  air  for  both  the  secondary  and  primary  flows. 
As  shown  in  this  figure,  Pts/Ftp  becomes  constant  above  a  certain  primary- 
to-ambient  pressure  ratio,  for  a  given  Wsc.  This  corresponds  to  the  pres¬ 
sure  ratio  at  which  the  secondary  flow  chokes  due  to  the  formation  of  an 
aerodynamic  throat.  "Tie  relationship  between  secondary  pressure  and 
secondary  flow  can  be  written  as: 


W 

_ s 

W 

P 


A  M  1/kGRT 
V  RTssKsss 


PA  V  K  T  S  S 
s  s  s  s  s 


pA  V  P 
p  p  p 


£-A  M  1 A 
T  P  p  V 


P  P 


k  GR  T 
P  P  V  p  P  P 


(1) 


Introducing  total  temperatures  and  total  pressures, 
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k  =  k 
s  P 

R  =  R 
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Tts  "  TtP  » 


which  reduces  equation  (2)  to: 
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When  both  the  secondary  and  primary  streams  are  choked, 
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(4) 


Therefore,  for  a  given  nozzle  geometry , i .e . ,  Ag  and  Ap,  a  unique  relation 
between  Wg/Wp  and  Pts/^tp  exists,  as  shown  in  figure  51,  because  both 
streams  are  choked  on  the  flat  portion  of  the  curve. 


In  the  actual  flight  condition, 
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and  equation  (2)  for  choked  primary  and  secondary  streams  becomes 
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This  may  be  written  as: 
W 

tV\ 

P  tp 
which  is  denoted  as  W 
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From  equation  (6)  it  can  be  seen  chat  tor  a  given  corrected  secondary 
flow  ratio,  nozzle  geometry,  and  specific  heat  ratio  for  both  sonic  streams, 
there  is  a  unique  value  of  P  L  ^  /  F  r  . 

This  discussion  indicates  that  Costs  of  a  cold  model  that  is  geometrical Iv 
similar  to  the  full-scale  nozzle,  when  corrected  for  hot  flow  specific  heat 
ratios,  can  be  used  to  predict  the  lull-scale  secondary  i low  relations. 


Figure  52  presenLs  a  comparison  of  the  secondary  stream  total  pressures 
measured  during  actual  exhaust  system  fligliL  tests,  racloed  to  the  secondary 
pressures  predicted  from  cold  flow  model  tests.  A  correction  for  the 
differences  in  specific  heat  ratio  between  the  hot  ant!  cold  tests  has  been 
made  to  the  cold  flow  data  using  the  one-dimensional  calculation  program 
previously  discussed.  The  magnitude  of  this  correction  is  small  as  shown 
in  figure  55.  However,  figure  52  indicates  that  a  higher  secondary  pres¬ 
sure  is  required  to  force  a  given  flow  under  hoc  primary  conditions  than 
under  cold  conditions. 


In  both  the  scale  model  tests  and  the  actual  flight  tests,  the  secondary 
total  temperature  is  defined  as  the  Secondary  stream  Lotal  temperature  at 
the  entrance  to  the  exhaust  nozzle.  Equation  (5)  indicates  that  Lite  secondary 
stream  parameters  should  be  denoted  where  the  Secondary  stream  chokes. 

Static  pressure  tap  data  and  me thod-oi -cliarac ter is t ic  calculations  show  that 
the  secondary  stream  chokes  slightly  downs tr "am  of  the  ejector  minimum 
shroud  point.  Temperature  measurements  taken  from  nozzle  wall  thermocouples 
in  flight  show  that  minimum  shroud  wali  temperatures  are  higher  than  the 
secondary  total  temperature  at  Lhe  nozzle  entrance.  this  indicates  that 
the  secondary  total  temperature  at  the  secondary  choke  point  (Tts*)  is 
considerably  greater  than  that  used  in  the  definition  of  the  corrected 
flow.  Heat  transfer  and  mixing  effects  between  the  primary  stream  and 
the  secondary  stream  has  become  an  important  consideration  in  determining 
secondary  pressure  and  flow  characteristics. 
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(2)  Hot  Flow  Test  Program 


An  experimental  test  program  was  conducted  to  obtain  secondary  pressure 
and  flow  chatacten.sr.ics,  and  nozzle  wall  temperatures  and  pressures  tor  a 
scale  model  exhaust  system.  Existing  PtatL  6t  Whitney  Aircraft  FRDC  test 
stand  facilities,  including  a  slave  engine  for  air  supply,  furnished  the 
necessary  flexibility  to  conduct  the  tests  over  a  range  of  flows,  tem¬ 
peratures,  and  pressures.  Primary  and  secondary  stream  pressures  were 
controlled  by  a  series  of  valves.  Primary  stream  temperatures  were  varied 
with  an  air  preheater  mounted  upstream  of  the  test  rig.  Hot  secottl  ary  flow 
was  supplied  by  the  slave  engine.  Cold  secondary  temperature;,  were  obtained 
by  passing  the  secondary  air  through  a  water-cooled  heat  exchanger.  For 
intermediate  temperatures,  the  hot  and  cold  streams  were  mixed. 

All  data  were  read  and  recorded  manual ly.  Normal  pressure  and  Lem- 
perature  measurement  methods  were  employed.  The  primary  flow1  was  measured 
with  an  ASME  venturi  with  a  4. CGO-inch  throat  diameter  and  the  secondary 
flow  was  measured  with  a  2.209-inch  diameter  ASME  orifice. 

The  test  models  consisted  of  two  exhaust  system  configurations,  one 
scaled  for  transonic  i light  operation  and  the  other  for  cruise  flight 
operation.  The  program  consisted  of  a  series  of  Lest  runs  with  a  minimum 
of  four  (4)  corrected  secondary  weight  flow  ratios  tested  ior  each  flight 
configuration.  Primary  stream  temperature  and  pressure  were  held  constant, 
for  each  test. 

Results  of  the  tests  support  the  theory  presented  previously.  Figure  54 
shows  the  increase  in  secondary  pressure  requirements  as  the  pr imary-to- 
secondary  stream  temperature  ratio  is  increased.  The  tesL  facility  was  not 
capable  of  obtaining  the  high  primary-to-secondary  temperature  ratios 
possible  with  the  actual  flight  exhaust  system.  However,  over  tin;  tem¬ 
perature  range  tested,  the  hot.  model  data  agree  with  the  flight  data. 

Tlte  hot  model  tests  allow  the  determination  oi  the  correct  secondary 
temperature  (Tts*)  to  be  used  ir  the  calculation  of  the  corrected  secondary 
airflow  ratio,  '»..  c-  The  nozzle  wail  tempera  Lui  e  in  the  region  ol  Lhe 
secondary  choke  point  can  lie  used  to  approximate  TLs,f-  Replacing  Tj s  with 
Tta'  in  the  definition  of  Wsc>  figure  52  can  be  converted  to  figure  55 
and  corrects  the  cold  model  data  to  agree  with  the  flight  pressures. 

No  variation  ir.  exhaust  system  thrust  coefficient,  due  to  hot  flow 
effects  was  evident  from  the  tests.  Consequently  no  corrections  to  Lhe 
exhaust  system  gross  thrust  coefficient  need  be  applied  to  cold  flow  model 
data. 
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Figure  54.  Variation  oi  Secondary  Pressure  I'D  17664 

With  Primary  Temperature  AIIIE 


Figure  55.  Comparison  oi  Flight  Exhaust  System  FD  17131 

and  Model  Secondary  Pressure  AIIIE 
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h.  Trail  ini.-  Edge  Flap  Stability 

Any  variable  flan  convergent -0  i  ve  l'gent  exhaust  nozzle  can  experience 
flow  instability  when  operating  at  -ff-dosign  conditions.  Flap  instability 
problems  have  been  encountered  on  both  the  I  ting  variable  I  lap  nozzle  and 
the  blow  j.n-door  exhaust  system. 

Flow,  and  con sequent  1 y  mechanical  system  instability  can  occur  for 
several  basically  different  reasons.  One  familiar  slabilitv  pr<d>l  ein,  first 
encaunte  fed  during  •ja  r  i  y  flights  of  the  11-18  and  reported  in  Reference  2, 
is  the  unstable  flow  separation  phenomena  in  overexpanded  convergent  - 
divergent  nozzles  with  no  stabilizing  or  cushioning  air  to  force  flow 
separation.  The  stabilizing  airflow  ensures  a  stable  normal  -  shoe  1;- 1  oca  t  ion 
in  the  diverging  portion  of  the  nru.’ie.  This  phenomenon  occurs  at  the  low 
nozzle  pressure  ratios  associated  with  subsonic  engine  operation  when  the 
main  How  stream  is  overexpanded.  Tills  type  of  instability  is  not  ex¬ 
perienced  in  an  exhaust  system  where  large  quantities  of  tertiary  air  arc 
introduced  and  variable  trailing  edge  f1 ups  are  provided  to  reduce  the 
nozzle  area  ratio. 


A  second  type  of  stabil  i.tv  problem  common  no  exhaust  nozzles  with  variable 
geometry  operating  at  off-design  conditions  is  1  nw- a tea -ratio  instability. 

A  variable  cottverging-d i verging  nozzle  may,  during  otf-unsign  opera  I  ion, 
have  an  inner  contour  as  shown  in  figure  5*.  During  opera  lion  at  nozzle 
pressure  ratios  where  a  normal  shock  stand.',  at  or  near  the  maximum  area, 
an  unstable  How  condition  can  result.  Slight  fluctuations  in  the  nozzle 
pressure  ratio  can  cause  the  shock  to  move  to  a  new  position  along  the 
nozzle  or  out  of  the  nozzle  completely,  causing  sudden  changes  in  loading 
on  the  trailing  edge  flaps.  Sehlieren  photographs  of  this  phenomena  taken 
with  an  exhaust  nozzle  model  having  transparent  walls  are  shown  in  fig¬ 
ure  5  7.  The  indicator  dial  shows  the  nozzle  supply  gage  pressure  in  psi. 

Note  the  large  movement  in  the  normal  shock  position  from  inside  the  nozzle 
on  the  trailing  edge  flaps  to  slightly  downstream  of  the  exit  plane  with 
only  a  slight  change  in  nozzle  supply  pressure.  The  rapid  shock  movements 
cause  rapid  fluctuations  in  the  flap  pressure  lending  and  consequently  flap 
movement.  This  interaction  between  the  trailing  edgy  flaps  and  the  shuck 
can  cause  the  trailing  edge  flaps  Lo  become  unstable  and  "ilutter". 

Experience  with  the  F-lll  aircraft  indicates  that  a  nozzle  designed 
such  that  the  shock  system  is  not  located  on  the  trailing  edge  flaps  will 
eliminate  the  flutter  problem.  Mechanical  damping  schemes  heve  also  been 
success! ul ly  applied  as  in  the  case  of  the  YF12  aircraft.  Roth  methods  arc 
being  investigated  for  use  with  the  JTF1 7  nozzle.  Sehlieren  pholographs 
of  the  JTF1  7  exhaust  system,  shown  in  figure  58,  taken  during  Mach  0,‘) 
cruise  exhaust:  system  tests,  indicate  that  the  shock  system  is  1  oca  ted 
downstream  of  the  trailing  edge  flaps  and  should  not  cause  a  stability 
problem.  In  addition,  several  mechanical  damping  designs  are  being 
Investigated  for  backup. 

In  the  final  analysis,  acLual  hardwat  e  tests  at:  the  engine  operating 
conditions  are  required  to  resolve  the  possibility  of  trailing  edge  flap 
instability.  These  tests  will  he  i undue  Led  during  Phase  Ill. 
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Figure  56.  Typical  Ejector  Nozzle  Contour 
Off  -  Design  Operation 


FD  17 1 32 
All  IE 


Figure  57.  Sliock  System  Behavior  in  a  Typical  FD  17511 

Exhaust  System 
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Figure  58.  JTF17  Exhaust  System  -  Tertiary 
Doors  Open  at  Subsonic  Cruise 
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i.  Advanced  Design  Concepts 


A  continuing  effort  is  being  made  to  improve  the  performance  and 
mechanical  design  of  the  exhaust  system  for  the  supersonic  transport, 

A  split  flow  nozzle,  shown  in  figure  59,  designed  to  utilize  high  secondary 
pressures  was  investigated  during  Phase  II-C.  This  nozzle  has  shown 
excellent  cruise  performance  potential.  The  maximum  cruise  performance 
levels  obtained  with  this  configuration  are  given  in  figure  60  and  indicate 
a  0.3%  increase  in  nozzle  thrust  coefficient  over  performance  levels  obtained 
with  nozzles  capable  of  using  only  low  secondary  pressure  levels.  The 
split  nozzle  design  has  proved  capable  of  utilizing  a  secondary-to-duct 
pressure  ratio,'  Pts/ptd>  of  at  least  0.4  compared  with  0.15  to  0.20  in 
most  other  coannular  models  tested  to  date.  A  performance  increase  of 
r.pproximately  0.5%,  may  ultimately  be  possible  by  the  use  of  even  higher 
secondary  pressures,  and  by  proper  contouring  of  the  nozzle  walls.  The 
shorter  lengths  possible  with  this  nozzle  may  provide  overall  weight 
reductions.  The  investigation  of  this  nozzle  concept  will  continue  in 
order  to  establish  its  full  performance  potential  and  to  study  the 
mechanical  problems  associated  with  off-design  and  reverse  operation. 


Supersonic  Cruise  Configuration 


Engv.t—  (£,• 


F  i  5  Spilt  Flow  Nozzle 
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Figure  60.  Split  Flow  Nozzle  Performance  FD  17076 
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SECTION  IV 
WEIGHT 


A .  INTRODUCTION 

Engine  weight  is  the  common  denominator  for  all  performance  objectives. 
The  relative  merit  of  design  concepts  and  of  specific  design  features  must, 
therefore,  be  measured  against  this  exacting  criterion.  The  direct  effect 
of  engine  weight  on  overall  system  performance  includes  magnification  by 
air  raft  structural  considerations  relative  to  engine  mounting.  Each 
pound  of  add'd  engine  weight  (per  engine)  would  result  in  approximately 
20  pounds  of  .'dded  gross  takeoff  weight  (per  aircraft)  to  maintain  constant 
payload.  At  constant  grots  weight,  engine  weight  and  payload  are  traded 
pound  for  pound.  Section  I.  of  this  report  provides  a  discussion  of  the 
interaction  of  weight,  thrust  and  TSFC  as  they’  relate  Lo  the  significant 
mission  characteristics  such  as  range  and  payload.  It  is  in  Lhis  context, 
along  with  consideration  of  cost,  maintainability  and  reliability,  that 
weight  influences  design  decisions  on  the  ./TF17  program. 

The  measured  weight  of  the  initial  demonstrator  engine  has  provided  a 
base  for  projection  of  production  engine  weight.  Although  heavier  do'  Pri¬ 
marily  to  test  considerations  and  manufacturing  time  concessions  sue  .it 
material  substitutions  and  unfinished  machining,  all  features  pertifn-. !.'.  to 
performance  have  been  included  in  the  demonstrator  engines.  Precise  design 
differences  which  derive  the  production  engine  weight  are  included  in 
this  report. 

The  following  paragraphs  describe  die  engine  design  in  terms  of  a 
complete  weight  breakdown.  Substantiation  of  the  weight  includes  a 
comparison  of  production  engine  design  to  the  actual  weight  of  the  initial 
test  engine.  Substantiation  further  relates  to  previous  engine  weight 
experience  and  to  comparison  of  calculated  and  actual  part  weights. 

Finally,  production  engine  design  features  are  discussed  as  they 
relate  to  weight  considerations  which  were  involved  in  the  design  decisions. 
A  description  of  the  weight  control  organization  and  procedures,  along 
witli  a  summary  of  specific  Phase  III  tasks  are  shown  in  Volume  IV, 

Report  F,  Section  VII. 

S.  WEIGHT  STATEMENT 

1.  Specification  Weights 

The  JTF17  production  engine  specification  weights,  i.e.,  that  total 
weight  guaranteed  in  the  Engine  Model  Specification,  are  tabulated  below. 
Basic  engine  and  special  installation  weights  are  quoted  separately  in 
order  to  accurately  evaluate  engine  weight  against  engine  function. 

Special  installation  items  serve  specific  airframe  requirements  rather 
than  basic  engine  objectives. 


Pratt  &  Whitney  Aircraft 

PW*  FP  66-100 
Volume  III 


Basic  Engine 
Weight,  lb 

Boeing  9910 

Lockheed  a8t>0 


Special  Total  Weight, 

Installation  lb 

Weight,  lb 


7.10  10,640 

387  10,247 


Speciticat ion  weight  for  the  J7F17  prototype  engine  is  3%  higher  than 
the  weights  listed  above. 

2.  Engine  Weight  Deaor ip  t  ion 

These  basic  engine  weights  are  broken  down  by  engine  section  in 
table  1.  The  sections  are  defined  by  the  exploded  engine  cross  section 
of  figure  1.  These  weights  correspond  to  the  detailed  production  engine 
design  description  of  Report  B.  The  50-lb  baste  engine  weight  difference 
between  Boeing  and  Lockheed  versions  is  due  to  operating  envelope  diiferencc 
Special  installation  features  peculiar  to  the  Boeing  and  Lockheed  instal¬ 
lations  are  Listed  in  tables  2  and  3,  respectively. 

C.  WEIGHT  SUBSTANTIATION 


Confidence  that  the  above  quoted  weight  breakdown  accurately  represents 
the  detailed  design  description  of  Report  B  is  based  on  the  three  basic 
factors:  (1)  test  engine  actual  weight,  (2)  previous  engine  weight 

experience,  and  (3)  actual  vs  calculated  engine  part  weight  comparison 
described  belov/. 

1.  Initial  JTF17  Test  Engine  Weight 

The  weight  of  the  initial  test  engine  was  calculated  at  10,615  lb 
prior  to  engine  build  (FX-161).  The  actual  engine  weight  was  10,565  lb 
(table  4),  or  50  lb  from  the  calculated  weignt.  Production  engine 
specification  weights  of  9910  lb  and  9860  lb,  for  Boeing  and  Lockheed 
respectively,  are  then  derived  from  the  10,565  lb  actual  test  engine 
weight  by  reference  to  calculated  weight  differences  between  test  and 
prodiu-Hnn  engine  designs.  Table  5  ii-emizes  these  changes  in  a  oectioiv- 
by- sect  ion  breakdown. 

■nils  measured  weight  of  the  initial  demonstrator  engine  is  approxi¬ 
mately  2250  ib  heavier  than  the  production  engine  weight  when  corrected 
to  the  same  configuration.  Approximately  360  lb  of  this  arc  due  to  test 
engine  requirements  such  as  variable  3rd  and  7th  stage  compressor  stators. 
Another  1425  lb  is  assignable  to  mai ufactur ing  shortcuts  sucli  as  material 
substitutions  and  unfinished  machining.  The  remaining  465  lb  are  derived 
from  detail  design  refinements  not  included  in  the  first  engines. 
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Table  1.  Weight  Breakdown 


Weight,  lb 


TBC 

LCC 

Fan  Rotor 

500 

500 

Fan  Stator  and  Front  Mount 

420 

410 

Intermediate  Section  including  No.  1  and 

No.  2  Bearing  Compartment 

640 

640 

High  Compressor  Rotor 

730 

710 

High  Compressor  Stator  including 

Start  Bleed  System 

235 

230 

Diffuser  and  Primary  Combustor  including 

No.  3  Bearing  Compartment 

825 

825 

High  Turbine  Rotor 

255 

255 

Low  Turbine  Rotor  and  Fan  Drive  Shaft 

580 

580 

High  and  Low  Turbine  Stator  and  Case 

550 

550 

Turbine  Exhaust  Section  including 

No.  4  Bearing  Compartment  and  Gas 

Generator  Exhaust  Nozzle 

440 

44  0 

Duct  Heater  Section  including 

Duct  Diffuser,  Heater  and  Case 

1510 

1500 

Variable  Area  Nozzle 

425 

420 

Controls  and  Plumbing  including  All 

External  Basic  Engine  Accessories 

1250 

1250 

Rev^rse.r  -Sn  pnressor 

1550 

i  530 

Totai  Basic  Engine 


9910 


9860 


™B!*^hioosyC"rcraft  CONFfDEMTjyiL 

Volume  HI 
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Table  2.  TRC  Special  Installation  Features 

Common  fuel  inlet  manifold 
Ducts  lor  secondary  air,  fire  seal 
Becf-up  mount  and  cases  for  inlet 
6-1/2-dcgree  Canted  Engine  Exhaust 
Added  tower  shaft 
PTO  gearbox 

Anti-icing  bleed  port  and  line 

Oil  tank  remote  filler,  oil  level  provisions,  and  oil  filter  pressure 
differential  provisions 

Duct  heater  fuel  pump  air  discharge  duct 

Cabin  bleed  manifold 

Conical  suppressor-reverscr 

Power  lever  adaptation 

Front  hub  spinner 

Drain  tank  mounting  and  tubes 

Special  ground  handling 

Table  3.  JTF17  LCC  Special  Installation  Features 

5-degree  Cant  Angle  (Cent  Bend) 

Additional  Towershaft 

PTO  Gearbox 

PTO  Gearbox  Decoupler 

Interchangeable  Mounting  Right  or  Left 
Radially  Loaded  Rear  Mount 

Front  Mounts  Located  52-degree  from  Top  Centerline 
Outer  Skin  Forward  of  Suppressor-Reverser 
Plumbing,  Engine  to  Interface  (Common) 

Inlet  Splitter  Attachment 
ECS  Compressor  Drive 

Duct  Heater  Fuel  Pump  Air  Discharge  Duct 
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Table  4.  Veriiication  of  Estimated  Test  Engine  Weight 

Init.'ai  Test  Engine  Weight  Weight,  lb 

Total  scale  reading  of  FX-161,  Build  1  11,140 

Deduct  the  following  non-engine  equipment: 

1.  Lead  weights  to  counteract  moment  due  to  left  -240 

side  components 

2.  Rear  mount  links,  swaybar,  bolts  and  nuts  -50 

3.  Thrust  mount  plate  and  belts  ^  -151 

4.  Transport  mount  plate  and  bolts  "  -49 

5.  Instrumentation  wires  and  fittings  -50 

6.  Non-par cs -1 is t  brackets  and  hardware  -22 

7.  Nonchargeable  PT0  gearshaft  parts  -13 

Initial  Test  Engine  Weight  (no  Suppressor-reverser )  10,565 

Estimated  Test.  Engine  Weight  with  Adjustments  for  10,615 

FX-161  Special  Features 

Actual  Weight  Below  Estimated  Weight  50 


AIV-6 


Table  5.  JTF17  Production  Engine  Weight  Based  on  Initial  Test  Engine  Weight 
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2.  Previous  Engine  Weight  Experience 

Previous  experience  on  production  status  commercial  engine  weight  has 
shown  weight  predictability  within  ±  10  lb  or  approximately  ±  0,2%  at  the 
time  of  initial  delivery  engine  build.  This  high  degree  of  accuracy  is 
accomplished  by  a  system  of  incorporating  actual  part  weights  into  cal¬ 
culated  weight  summations  as  they  become  available.  The  J58  project 
advanced  this  procedure  by  predicting  engine  weights  several  months  intc 
tiie  future  by  scheduling  engineering  change  weights.  in  the  case  of  the 
active  J58  development  and  weight  reduction  programs,  this  left  large 
portions  of  the  predicted  weight  unsubstantiated  by  actual  part  weights. 

The  curve  of  figure  2,  drawn  from  a  J58  weight  report  indicates  an  accuracy 
of  ±  18  lb  or  0.3%  for  engine  weights  predicted  5  months  in  advance. 


Figure  2.  J58  Engine  Weight  FD  17046 


3.  Actual  vo  Calculated  Parr  Weight  Comparison 

Further  substantiation  of  JTF17  weight  is  obtained  by  weighing  each 
part  and  component  at  the  time  it  is  received  in  "Finished  Stores."  This 
procedure  applies  to  all  parts,  uot  just  the  first  of  each  that  becomes 
available.  Each  weight  is  then  compared  with  its  corresponding  calculated 
weight  and  with  previous  actual  weights  to  reveal,  not  only  inaccuracies 
in  calculations,  but  also  manufacturing  trends  toward  one  end  of  the 
dimensional  tolerance  bands.  Discrepancies  are,  of  course,  investigated 
and  corrected.  Experience  has  shown  most  calculated  weight  within  the 
tolerance  band. 

D.  WEIGHT-DESIGN  JUSTIFICATION 

Weight  trades  have  been  involved  ir  JTF17  design  since  the  choice  of 
cycle.  Trade  studies  have  been  continued  as  the  production  engine  design 
has  progressed.  Examples  of  weight  considerations  involved  in  the  current 
design  are  discussed  below.  References  are  made  to  the  more  detailed 
discussions  of  the  appropriate  design  description  section. 
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1.  Fan  Rotor 

Maximum  usage  of  the  best  available  titanium  is  the  key  to  minimum 
weight  in  the  fan  design.  Material-weight  trades  were  made  in  detail 
and  considered  the  particular  operating  conditions  of  each  pari.  For 
instance,  AMS  u928  was  chosen  for  the  first-stage  disk  because  of  greater 
resistance  to  low  cycle  fatigue  than  PWA  1202  and  a  subsequent  3-pound 
weight  advantage.  The  higher  temperature  second  stage,  with  a  less 
severe,  LCF  producing,  thermal  gradient  is  PWA  1202  because  of  a  20- 
pound  weight  advantage  relative  to  AMS  4928.  Weight  was  also  the  primary 
consideration  in  arriving  at  the  structural  configuration  of  the  fan 
rotor.  As  described  in  Volume  III,  Report  B,  Section  I1A,  the  current 
design  includes  a  titanium  tst-stage  disk,  front  hub  combination  with 
rim  stiffness  derived  from  the  stage  1  to  2  rim  spacer.  This  design 
replaces  a  "box"  disk  design  with  nickel  alloy  hub  at  a  weight  saving 
of  55  pounds.  An  earlier  study  had  considered  a  non-box  lst-stage  disk 
but  with  a  nonintegral  nickel  alloy  hub  and  no  rim  spacer.  This  design 
was  eliminated  by  a  30-pound  weight  penalty. 

2.  Fan  Stator  and  Front.  Mount 

Tlie  key  to  minimum  weight  in  this  section  is  the  optimum  utilization 
of  material  for  mount  stiffness  and  blade  containment.  Mount  loads  are 
distributed  back  into  the  case  by  local  shear  sections  which  also  help 
supply  blade  containment.  By  use  of  this  technique  the  weight  required 
for  fan  blade  containment  has  been  held  to  50  pounds.  The  variable 
cross  section  mount  ring  design,  locating  stiffness  where  it  is  needed 
for  local  loads,  was  incorporated  because  oi  a  30-pound  saving  relative 
to  an  original  uniform  stiffness  configuration. 

3.  Intermediate  Section 

A  large  percentage  of  the  engine  weight  is  concentrated  in  the 
intermediate  case  and  No.  1  and  No.  2  bearing  compartments.  Specific 
weight  control  recommendations  related  to  relieving  bending  moment  on  the 
case  by  supporting  the  gas  generator  through  the  duct  burner  support 
struts  have  been  incorporated  into  the  design.  This  was  accomplished , 
along  with  the  change  from  nickel  alloy  to  titanium,  for  a  weight  saving 
Lq£  200  pounds.  The  bearing  compartment  was  redesigned  to  effect  a  weight 
saving  of  20~pounds.  This  was  accomplished  by  a  rearrangement  of  the 
bearing  compartment  and  an  increase  in  the  use  oi  titanium.  A  weight- 
function  trade  study  revealed  that  the  incorporation  of  the  front  end 
bearing  removal  feature  cost  5  pounds  and  individually  replaceable  fan 
exit  vanes  cost  another  5  pounds.  Revised  flange  arrangement  at  the  rear 
ID  of  the  intermediate  case  was  a  specific  weight  control  recommendation 
accompl islied  at  a  saving  oi  5  pounds. 

4.  High  Compressor 

Significant  weight  savings  in  the  high  compressor  resulted  from 
rerouting  of  thrust  balance  air.  The  original  design  filled  the  com¬ 
pressor  bore  with  compressor  discharge  air,  necessitating  rim  heating 
during  descent  to  keep  disk  thermal  gradients  and  consequently  disk  JXF 
life  at  an  acceptable  level.  The  present  scheme  utilizes  a  compressor 
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bore  tube  to  guide  the  much  cooler  4th-stage  air  through  the  bore, 
resulting  in  lower  metal  temperatures  and  consequent  higher  allowable 
stresses  and  less  severe  LCF  inducing  thermal  gradients.  The  net  weight 
saving  due  to  directly  associated  design  changes  is  75  pounds.  The  net 
weight  penalty  for  LCF  relative  to  a  stress  limited  design  is  now  95 
pounds  with  weight  reduction  efforts  still  underway  to  reduce  this  number 
further. 

Though  titanium  is  used  in  blades  through  stage  5,  its  strength-to- 
weight  ratio  did  not  merit  use  in  disks  due  to  creep  limits.  Creep  prop¬ 
erties  that  would  be  attractive  for  compressor  disk  design  have  been 
given  to  the  Materials  Development  Laboratory  to  guide  future  material 
development  efforts.  Weight  effect  was  also  determined  for  predicted 
properties  of  several  other  advanced  alloys  such  t-,  U-630  nickel  alloy 
and  PWA  1209  titanium  alloy,  again  for  the  purpose  of  directing  material 
development  efforts.  The  current  integral  spacer  configuration  was 
selected  instead  of  a  comparable  separate  spacer  design  with  a  net  weight 
saving  of  35  pounds. 

Early  consideration  was  given  to  the  optimum  number  of  high  compressor 
stages.  A  weight  trade  study  showed  a  200-pound  weight  advantage  for  the 
present  6-stage  design  relative  to  a  5-stage  design  at  a  larger  diameter 
and  higher  wheel  speed.  The  effect  of  compressor  exit  diameter  on  main 
and  duct  combustor  weight  was  included.  Other  weight  studies  which  have 
influenced  the  present  design  are: 

Weight  vs  blade  and  vane  chord 

Weight  vs  rotor-stator  spacing 

Weight  vs  exit  diameter 

Weight  vs  exit  Mach  number 

Weight  vs  disk  bore  diameter 

Weight  comparison  between  various  methods  for  mounting  compressor 

stator  vanes. 

5.  Diffuser  and  Primary  Combustor 

The  basic  design  concept  of  the  ram-induction  burner  has  the  inherent 
weight  advantages  of: 

1.  Less  engine  length  due  to  reduced  diffusion  required 

2.  Low  pressure  loading  due  to  low  static  pressure  air  entry 

3.  Effective  convection  cooling  due  to  high  velocity  air. 

The  weight  effective  design  seeks  to  exploit  these  features  to  their 
maximum  potential  by  close  attention  to  detail  design.  The  inherent 
length  saving  and  its  effect  on  critical  speed  was  further  exploited 
in  reduced  shaft  weight.  A  sheet  metal  combustor  inlet  air  fairing 
design  replaced  an  earlier  forged  design  at  a  weight  saving  of  40  pounds. 
Similarly,  fuel  nozzle  supports  were  revised  with  considerable  thinning 
to  save  10  pounds.  Comparison  of  several  segmented  transition  duct 
designs  saved  30  pounds  relative  to  the  previous  nonsegmented  convec- 
tively  cooled  design.  This  reduction  was  due  primarily  to  design 
finesse  as  was  a  20- pound  reduction  in  the  No.  3  bearing  compartment. 
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6.  Turbine 

Weight- affecting  variables  which  have  figured  in  turbine  design 
include  material  choice,  damping  method  and  blade  chord  and  solidity. 
Earlier  design  phases  considered  the  weight  effect  of  number  of  stages 
and  diameter. 

A  disk  material  comparison  showed  As  troloy  20  pounds  lighter  then 
Waspaloy.  Tip  shroud  damping  on  stage  .2  blades  was  chosen  because  of 
its  10-pound  weight  advantage  relative  to  an  extended  root  design. 

Chord  and  solidity  optimization  utilized  weight  trends  which  included 
the  effects  on  disk  weight  and  engine  length.  Multiple  faired  blade 
design  was  incorporated  on  L'ne  basis  of  a  15-pound  weight  advantage 
relative  to  the  previous  2--section  fairing.  Vane  pairing,  which 
eliminates  the  need  for  mechanical  foot  retention  was  incorporated 
on  the  basis  of  a  60-pound  weight  reduction.  Brazed  foot  turbine 
exhaust  vanes  resulted  from  a  weight  study  showing  a  10-pound  weight 
saving . 

7.  Duct  Heater  Section 

Weight  optimized  material  selection  has  resulted  in  titanium  duct 
diffuser  and  duct  heater  support  struts  and  case.  Use  of  titanium  in 
the  rear  mount  ring  was  eliminated  because  of  secondary  air  space 
limitations.  Titanium  in  cas  .s  ait  of  the  mount  ring  would  theoretically 
save  weight  on  a  strength" to- weight  basis  but  a  trade  study  revealed 
that,  the  requirement  for  extra  flanges  more  than  counteracted  this 
strength- to- weight  advantage. 

Major  weight  reductions  in  the  duct  heater  section  have  been  the 
removal  of  rear  combustor  segments  at  -65  pounds  and  redesign  of  fuel 
nozzle  supports  at  -75  pounds.  Noise  suppression  liners  have  been 
incorporated  at  minimum  weight  penalty  (15  pounds)  ny  integrating  them 
as  structural  members. 

The  catenary  segment  liner  design  with  membrane  loading  saves  30 
pounds  relative  to  the  alternative  cylindrical  design  with  its  buckling 
limit  criteria. 

8.  Exhaust  Section 

A  net  weight  reduction  of  725  pounds  was  the  purpose  for  replacing 
the  sliding  shroud,  blow-in-door,  ejector- reverser  with  the  present 
clamshell  design,  A  further  weight  reduction  has  resulted  from  the  more 
extensive  use  of  titanium  in  stings  and  outer  cases.  The  present  design 
has  also  realized  a  substantial  weight  advantage  by  utilizing  the  reverser 
clamshell  33  the  inner  nozzle  throat  contour,  thereby  eliminating  the 
need  for  additional  structure  and  variable  mechanism. 
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E.  WEIGHT  REDUCTION 

It  is  recognized  that  an  active  weight  reduction  program  will  be 
required  to  keep  pace  with  the  usual  development  increases  and  ensure 
a  certification  engine  that  meets  or  betters  specification  requirements. 
The  extensive  weight  reduction  program  now  underway  will  be  extended 
through  Phase  III,  Many  previously  gene.rated  ideas,  not  included  in  the 
current  design,  await  test  verification.  Others  are  being  generated  by 
studies  currently  in  work.  The  weight  control  system  which  is  supporting 
this  effort  is  described  in  detail  in  Volume  IV,  Report  F,  Section  VII, 
along  with  a  summary  of  specific  Phase  III  tasks. 
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SECTION  V 

THRUST  INDICATING  SYSTEM 


A.  REQUIREMENTS 

There  are  two  requirements  for  developing  a  thrust  indicating  system.  After 
takeoff  brake  release,  the  flight  crew  must  have  verification  that  engine  thrust 
exceeds  the  takeoff  safety  requirements.  This  thrust  measurement  must  be  avail¬ 
able  vichin  seconds  after  the  engines  have  accelerated. 

During  '.he  remainder  of  the  mission,  after  takeoff,  thrust  indication  is 
needed  as  f.  measure  of  engine  health  and  of  inter-engine  thrust  differences. 

The  system  must  be  highly  reliable,  and  well  adapted  to  flight  crew  operating 
procedures . 

The  following  characteristics  describe  the  mission  requirements  tor  the 
system : 

1.  Takeoff  -  Takeoff  thrust  consistent  with  aircraft  gross  weight 
and  ambient  conditions  should  be  set  within  ±  27.  (±  3  standard 
deviat ions )  . 

2.  Initial  Climb  -  During  noise  abatement  following  takeoff,  thrust 
must  be  set  at  an  initial  level  which  will  then  be  adjusted  to 
give  the  desired  climb  rate. 

3.  Climb  and  Acceleration  -  Climb  power  and  in ter -engine  thrust 
levels  should  be  set  within  ±  27.. 

4.  Supersonic  Cruise  -  At  start  of  cruise,  thrust  mis  be  set  at 
an  initial  desired  level  and  then  adjuster*  lc  maintain  cruise 
Mach  number  and/or  altitude.  Inter-engfnc  thrust  must',  be 
balanced  for  best  performance. 

5.  Plight  Tdle  -  Accurate  thrust  betting  is  nor  required. 

6.  Subsonic  Cruise.  -  During  subsonic  cruise  required  thrust  and 
inter -engine  balance  should  be  set  to  ±  2%. 

7.  Approach  -  An  initial  value  of  thrust  will  be  seL  and  then 
adjusted  to  maintain  a  desired  a  ink  rate. 

Since  the  Supersonic.  Transport  will  incorporate  an  independently  controlled 
Inlet  ahead  of  the  engine,  the  output  of  the  propulsion  system  will  depend  on 
the  combined  performance  of  the  inlet  and  engine.  Inlet  performance  Is  par¬ 
ticularly  significant  at  cruise  conditions.  However,  in  order  that  proper 
corrective  action  can  be  taken  to  achieve  desired  thrust  levels,  the  performance 
of  the  two  must  be  monitored  separately.  If  the  engine  were  trimmed  to  a  pre¬ 
determined  absolute  cirrus t  level  when  the  inlet  pressure  recovery  Is  low,  it 
would  result  it  either  turbine  over temperature  or  an  undesirably  high  duct 
heater  fuel  I  low.  Engine  in-flight  performance  should,  therefore,  be  referenced 
to  engine  Inlet  pressure  and  temperature. 
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B.  PHASE  II -B  SYSTEM 

During  Phase  11-B,  the  feasibility  of  using  a  small,  lightweight  computer  to 
calculate  thrust  frcm  measured  engine  thermodynamic  parameters  was  pursued. 
Reference  PWA-2600,  pages  1-23,  24 .  The  precision  achieved  by  this  system 
was  marginal  at  takeoff  and  acceleration  (±  3%  and  4%  respectively),  and  un¬ 
acceptable  at  cruise  (+  12°/). 

C.  PHASE  11-C  SYSTEMS 

The  use  of  engine  pressure  ratio  (EPR)  as  the  basic  power-setting  parameter 
has  proven  highly  successful  on  both  turbojet  and  turbofan  engines  with  fixed 
gas  generator  nozzle  discharge  areas.  In  the  case  of  the  P&WA  duct  heating 
turbofan,  EPR  serves  exactly  the  same  function  for  Lhe  gas  generator,  but  an 
additional  function  is  required  for  monitoring  the  fan  duct  thrust.  The 
following  parameters  were  investigated  for  the  additional  function: 

1.  Duct  nozzle  area  and  total  pressure 

2.  Duct  fuel  flow 

3.  Total  fuel  flow 

figure  1  shows  the  variation  in  net  thrust  with  EPR  for  these  three  additional 
parameters . 


EPR  ERROR  -  % 


figure  1.  Variation  in  Net  Thrust  With  Variations  f D  17/22 

In  EPR  at  a  Constant  Total  Fuel  Flow,  AV 

Duct  Fuel  Flow  or  Duct  Nozzle  Pressure  Area 
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1.  Due L  Nozzle  Area  and  Total  Pressure 

The  most  direct  approach  is  to  use  a  combination  of  duct  nozzle  total  pres¬ 
sure  and  area;  however,  because  of  the  high  temperature  mat  exists  in  the  duct 
heater,  it  is  not  feasible  ~.o  measure  nozzle  total  pressure.  Although  a  special 
water-cooled  traverse  probe  has  proven  to  be  a  successful  development  tool,  its 
use  in  an  aircraft  installation  is  not  practical.  Duct  nozzle  total  pressure 
can  be  determined  indirectly  by  two  means:  (1)  the  total  pressure  in  Lhe  duct 
at  the  fan  discharge  can  be  measured  and  a  correction  lac  tor  applied  to  account 
for  the  pressure  losses  that  occur  (this  pressure  loss  correction  can  be 
determined  as  a  function  of  duct  jet  area  to  account  lor  variations  in  duel: 

Mach  number  and  heat  addition  losses  giving  an  error  of  ±  27,);  and  (2)  the 
static  pressure  in  the  duct  upstream  of  the  nozzle  can  be  measured.  Because 
the  duct  nozzle  operates  choked,  this  static  pressure  and  the  ratio  of  areas 
can  be  utilized  to  determine  the  duct  total  pressure  upstream  of  the  nozzle. 

This  pressure  can  be  corrected  for  losses  giving  an  error  of  t  27, . 

Under  operational  conditions,  duct  nuzzle  area  measurement  to  2  to  37,  is 
the  best  that  can  be  anticipated.  The  error  in  determining  the  product  of 
the  duct  nozzle  total  pressure  and  area  is  the  root-sum-square  of  these 
errors,  or  ±  3.67«.  Figure  2  shows  the  variation  in  thrust  with  variations 
in  this  producL  while  holding  EPR  at  the  scheduled  value. 


DUCT  NOZZLE  PRESSURE  -  AREA  ERROR  -  % 


Figure  2.  Variation  in  Net  Thrust  With  ID  1/723 

Variations  in  DucL  Nozzle  AV 

Pressure  Area  -  lil’R,  Cons  turn. 


AV-3 


Pratt  A  Whitney  Aircraft 

PWA  FP  66-100 
Volume  111 


T.ibV  I  presents  a  comparison  of  thrust  setting  error  estimates  for  the 
three  different  systems  involving  EI'K ,  Based  on  these  total  error  estimates, 
total  fuel  flow  is  the  best  additional  parameter  for  EPR  thrust  setting  systems 
on  the  J1H7.  T'-tal  fuel  flow  is  more  advantageous  than  duct  fuel  flow  because 
holding  it  at  a  given  value  largely  compensates  for  small  changes  in  Lhrust 
caused  by  slight  variations  j.n  EPR  and  inlet  total  pressure. 


To  evaluate  the  resulting  thrust  setting  errors,  a  comparison  was  made  be- 

---fri/  and /he  JT8U  Cn8ines-  Figure  5  compares  the  variation  in  thrusL 
EPR  f°l  Chese  two  engine  models  at  cruise  and  sea  level  Lakeoff.  The 
I ,  ,  “n8;n«  18  mUch  lcSS  sen& itive  to  EPR  changes  since  both  the  airflow  and 
total  fuel  flow  remain  constant  while  both  vary  on  the  JT8D  engine.  Using  these 
variations  and  expected  errors  in  setting  EPR  and  total  fuel  flow,  estimates  of 
the  thrust  setting  errors  were  made.  These  estimates,  presented  in  table  II 
show  a  slight  improvement  over  current  precision.  The  setting  errors  in  EPR  * 
and  fuel  flow  are  based  on  instrument  precision  received  from  the  airframe 
manufacturers  during  discussions  with  them  on  this  subject.  There  are  instru¬ 
ments  under  development  which  may  result  in  better  precision,  but  these  have 
not  yet  been  developed  for  flight  operation. 


Figure  5.  Thrust  Errors  Resulting  From 
EPR  Errors 


FD  i  l/lb 
AV 


AV-5 


Pratt  &  Whitney  Aircraft 

PWA  FP  66-100 
Volume  III 


*— i  r*5 

0)  c 

jP  3  H 
F*1  Pm 


<fl  U  r-i 

O  <D  b 
M  Q  kg  fn 


N  Qj 
N  ^ 

O  3  (D 
'X,  <0  a) 

V)  M 
4-i  (y  < 
O  k 


03  £ 

^  QJ  O 
0  3^ 

H  fn 


■*->  t-h  3 

u  (U  o 

3  3  H 

P  h 


N 

0) 

N 

»g 

o 

O 

3 

0J 

eg 

03 

03 

03 

U 

CNJ 

■U 

<U 

< 

u 

+1 

*X 

in 

<N 

n 

,  * 

/^S 

O 

m 

eg 

m 

N 

<M 

in 

O 

o 

o 

r~< 

+1 

-H 

+i 

■w 

+1 

+1 

CO 

m 

o 

r^- 

26 

CO 

S  1 

U  U4 

O 

T— 1 

eg 

• 

4g 

eg 

01 

•fi 

+  1 
*w 

+1 

+1 

■"*  TJ 
N  0) 

*g  o 
o 

nJ  Lj  . 

0)  i — < 

<“n  U  +1 


o  u  <u 
•  <C  >-» 

+1  3  w 
^  n  tn 
3  <U 
<u  5  u 
ex 

3  1) 

W  S  rH 

w  «  ftJ 
fl)  U  tl 
»-i  lw  o 
CL,  U  U 

*r4 

H  {D  QJ 

m  bo 


N  > 

O  -h  <y 
C  flJ  ti 
U  *H 


iu 

0> 

4< 

w 

W 

X  N  Qj 

O 

u 

w 

k.B 

u 

< 

a) 

u 

H 

o 

1-4 

c. 

w 

C 

w 

t 

ed 

W 

i"*N 

ed 

to 

W 

fcv* 

O 

u 

u 

e 

Qt 

PX 

W 

ed  on 
ed  on 
ed  on 
.251) 

vd 

m 

If) 

</) 

<1) 

B| 

-«  0 

Bt 

*~4  jj 

*? 

«n 

o 

VO 

rH 

K 

r— 4 

w 

m 

K 

V40 

10  0)  01  r-H 

■2  3 

+1 

1-1 

PX 

H 

■H 

r — 4 

■H  h, 

-H 

+1 

v— ' 

u 

o 

H 

o 

+i 

i—4 

41 

W ' 

*  t  i 

AV-6 


MMkj  fWIMiil  WWW 


li 

t 


r 

a 


l 


Pratt  &  Whitney  Aircraft 

PWA  FP  66-100 
Volume  III 


Table  II,  Thrust  Setting  Error 

Thrust  Error 


Setting  Error 


At  SLTO 

0.57*  error  in  setting  EPR 

17.  error  in  setting  total  fuel  flow 

Total  thrust  error** 


JT8D 


0.65 


0.65 


Percent 

JTF17A-21 


0.4 

0.3 

0.50 


At  Cruise  M  =  0.8,  45000  ft  M  »  2,7,  65000  ft 

0.57*  error  in  setting  EPR  1.0  0.48* 

17.  error  in  setting  total  fuel  flow  0.75 

Total  thrust  error**  1.0  0.89 

*  Based  on  1.67.  error  in  setting  EPR  because  of  the  low  absolute  level  of  EPR  at 
this  condition. 

**Root-sum-square  of  the  individual  errors. 


All  of  the 
define  the  den 
performance  of 
the  ErR  rating 
an  a  redundant 
duct  heater;  a 
will  be  reflec 
obtained  from 
redundant  func 
d11. ct  2TC2  func 


se  systems  require  a  set  of  standards  that  can  he  used  to 
ired  engine  thrust  setting  and  to  indicate  any  deficiency  in  the 
an  engine.  Exhaust  gas  temperature  (EGT)  required  to  achieve 
serves  as  an  indication  of  the  health  of  the  gas  generator  and 
check  on  EPR.  Duct  nozzle  area  performs  this  function  for  the 
degradation  of  either  duct  heater  efficiency  or  pressure  loss 
ted  in  duct  nozzle  area.  A  duct:  nozzle  area  indication  may  be 
monitoring  duct  nozzle  actuator  position  and  would  provide  a 
tion  for  checking  total  fuel  flow.  The  EGT-EPR  and  fuel  flow- 


k*  Olio 


Wuuiu  ei  i.iipr  in  tabu! 


curve  fOi.ui>  currently 


used,  or  if  space  is  available,  they  could  be  stored  in  a  computer.  If  they 

are  computerized,  some  of  the  inputs,  such  as  altitude,  Mach  number,  T  ^  and 

P  rt  could  be  automatic. 
t2 

3.  Cockpit  Simulator 

To  evaluate  these  thrust  setting  methods  and  the  required  flight  crew 
operating  procedure  at  all  flight  conditions,  an  analog  simulation  of  the 
system  has  been  constructed.  This  simulator  includes  a  flight  crew  con¬ 
sole,  shown  in  figure  6,  and  a  general  purpose  analog  computer.  The  analog 
portion  provides  an  analytical  model  of  the  engine  operation  from  full 
reverse  to  maximum  augmentation  over  the  simulated  operating  range  of  the 
aircraft.  Airframe  characteristics  and  inlet  performance  are  also  in¬ 
cluded  over  the  mission  envelope  from  takeoff  to  landing.  Engine  pres¬ 
sure  ratio,  exhaust  gas  temperature,  total  fuel  flow,  duct  nozzle  area, 
fan  and  high  compressor  rotor  speeds,  and  duct  fuel  flow  are  displayed  on 
the  console  in  a  fortr.  similar  to  an  al  -frame  cockpit.  The  cockpit  also 
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contains  engine  power  levers  and  trim  switches  for  engine  pressure  ratio 
and  bypass  door  position.  At  present  this  console  contains  the  displays 
lor  one  engine;  however,  it  is  now  being  expanded  to  accommodate  lour 
engines.  To  orient  the  flight  crew  during  takeoff  and  landing  simulta- 
tions,  aircraft  position  is  displayed  on  a  model  runway  at  the  top  ol  the 
console.  During  the  aircraft  flight,  Mach  number  and  altitude  are  dis¬ 
played  on  a  conventional  X-Y  recorder.  A  time  history  recorder  is  also 
used  so  tliaL  the  results  of  the  flight  can  be  analyzed  later.  Using  this 
analog  simulation,  the  thrust  indicating  and  trimming  methods  have  been 
evaluated  for  their  sLeady-state  precision  and  the  dynamic  interaction 
between  the  flight  crew  and  the  propulsion  system.  As  an  example,  this 
simulation  has  shown  that  the  dynamic  interaction  between  the  duct  nozzle 
area  ami  engine  pressure  ratio  makes  it  impractical  to  rapidly  set  engine 
thrust  using  these  parameters.  There  are  no  adverse  interactions  between 
total  fuel  flow  and  engine  pressure  ratio. 


figure  6.  Cockpit  Simulator 
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Direct  Thrust  Measurement 


Ail  ot  the  methods  discussed  above  are  indirect  measurements  of  thrust. 
Their  weakness  is  that  no  measured  ei  feet  of  the  exhaust  sysiem  i.s  included, 
A  direct,  inelhod  of  measuring  thrust  would  not  suffer  from  this  disadvantage. 


A  system  using  a  load  cell  designed  as  an  integral  part  ol  the  engine 
mount  system  is  feasible  and  would  include  the  effects  of  the  exhaust 
system  as  well  as  the  inlet  pressure  effects.  It  would  be  quite  satis¬ 
factory  for  takeoff.  However,  at  supersonic  cruise  a  large  percentage  of 
the  net  tlirust  's  generated  by  the  inlet.  Unless  the  inlet  thrust  is 
transmitted  to  the  aircraft  through  the  engine  tlirust  mount,  this  system 
could  not  be  used  for  setting  inflighL  thrust.  The  problem  of  attaching 
the  inlet  Li)  the  engine  to  meet  this  requirement  is  formidable.  Whenever 
the  aircraft  is  being  accelerated  or  decelerated  or  when  the  tlirust  axis 
is  not  horizontal,  the  inertia  of  the  engine  mass  will  lead  to  erroneous 
results.  An  accelerometer  aligned  to  read  along  the  thrust  axis  would  be 
needed  to  compensate  the  load  cell  reading  for  non-steady-state,  non-hori¬ 
zontal  flight.  _ 


Pratt  a  Whitney  Aircraft 

PWA  FP  66-100 
Volume  III 


Based  on  the  assumptions  that  the  load  cell  system  can  be  made  to  withstand 
the  temperature  cycle  (special  load  cell  or  externa  1 ly-coo led  conventional  load 
cell)  and  all  the  engine  thrust  is  transmitted  through  a  single  mount,  Lhe 
estimated  SLTO  thrust  setting  accuracy  would  be  in  the  range  of  ±  0.5  to 
±  1.07,. 


During  Phase  111, 
thrust  will  be  tested 
into  the  experimental 
the  test  stand  thrust 


this  method  of  providing  a  positive  indication  of  takeoff 
for  precision  and  durability  by  incorporating  load  cells 
engine  test  stand  mounting  system  for  comparison  with 
indication  during  development  and  endurance  testing. 


D.  SUMMARY 

The  EPR  plus  total  fuel  flow  system  satisfies  the  requirement  for  a 
simple  and  precise  method  of  setting  thrust.  This  method  is  an  extension  of 
the  current  commercial  techniques  and^based  on  results  of  analog  simulations, 
is  well  suited  to  flight  crew  procedure.  Detailed  thrust  setting  procedures 
are  outlined  in  Volume  Ill,  Report  B,  Section  III,  Paragraph  B.  It  may  he 
desirable  to  supplement  this  method  with  a  direct  thrust  measurement  at  takeoff. 
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